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FOREWORD 

This repor t  preser,ts t he  r e s u l t s  of a twelve-week mission and systems analysis  
of a combined Jup i te r  o rb ice r l sa la r  probe mission u t i l i z i n g  t he  Saturn V launch 
vehicle. Missions a r e  considered during the-1970-1980 time period with t he  c lose  
so l a r  probe o r b i t  ( typ ica l ly  0.1-AU perihelion) based on Jup i t e r  g rav i ty -ass i s t  
This work was performed under Schedule Order No. 17, Appendix F-1, of Coatract 
NAS8-20082. The NASA Technlca'E Coordinator f o r  t h e  study was M r .  H .  F. Thome 
of the  Advanced Studies Offlce, Aero-Astrodynamics Laboratory, MSFC. 

The authors acknowledge the  technical  contributions of the  fo llswing members 
of t he  Northrop s t a f f :  L. C. Al lezc ,  111, W. L. Bronner, J. V. Butler ,  W. 3 .  Couchois, 
C. 0. DeLong, C. L. Densmore, J. E .  Lfgocki, W. C. Lucas, D.  L. Shady, and R e  S i lber .  

Note: The adject ive  ";ovianfl a s  used i n  t h i s  repor t  r e f e r s  t o  the  planet Supiter  
and not  t o  a2y of the  c the r  oucer-solar-system planets.  
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GENERAL SUMMARY 

A pre l iminary  a i s s l o n  and systems a n a l y s i s  of a combined J u p i t e r  o r b i t e r /  
s o l a r  probe (c lose  s o l a r  f l yby  a t  t y p i c a l l y  0.1 AU) payload u t i l i z i n g  t h e  Sa turn  
V launch v e h i c l e  was conducted wi th  a twofold purpose: 

- -  -.. - -..< - - 

1. To determine t h e  t echn ica l  f e a s i b i l i t y  of  such a n  a p p l i c a t i o n  of t h e  Sa turn  
V based on J u p l t e r  g r a v i t y - a s s i s t  t o  e s t a b l i s h  t h e  s o l a r  probe o r b i t ,  and 

2. To def ine  t h e  p r i n c i p a l  c h a r a c t e r i s t i c s  of t h e  combined miss ion  i n  terms 
of  f l i g h t  p r o f i l e ,  t r a j e c t o r i e s ,  launch windows, cap tu re  o r b i t  parameters ,  
miss ion  performance, s c i e n t i f i c  experiments,  systems requirements ,  and 
conceptual  s p a c e c r a f t  designs.  

The conceptual spacec ra f t  designs were based on maximum u t i l i z a t i o n  of e x i s t i n g  
hardware. I n  p a r a l l e l  t o  t h i s  s tudy,  s e v e r a l  i n v e s t i g a t i o n s  were conducted i n  
r e l a t e d  advanced mission a r e a s  inc luding:  Jovian  moon exp lo ra t ion ,  o u t e r  p l a n e t  
missions v i a  J u p i t e r  swingbys, and exp lo ra t ion  of t h e  a s t e r o i d s  i n  conjunct ion  wi th  
J u p i t e r  missions. 

The r e s u l t s  of t h e  s tudy  i n d i c a t e  t h a t  t h e  J u p i t e r  o r b i t e r / s o l a r  probe miss ion  
is a p o t e n t i a l l y  a t t r a e r i v e  a p p l i c a t i o n  o f ' t h h '  S a t u r n  V launch vehicle ' to 'unmanned 
s c i e n t i f i c  exp lo ra t ion  of t h e  s o l a r  system. The e n t i r e  s tudy ,  inc luding  t h e  advanced 
mission inves t iga t ions ,  is summarized i n  t h e  fol lowing paragraphs. - 

MISSION ANALYSIS 

A miss ion  a n a l y s i s  was performed t o  d e f i n e  t h e  J u p i t e r  o r b i t e r / s o l a r  probe 
mission concept i n  t e rms  of  t h e  o v e r a l l  space v e h i c l e  concept ,  f l i g h t  p r o f i l e ,  
and sequence of  events. The f l i g h t  mechanical and performance c h a r a c t e r i s t i c s  
o f  t h e  mission were es-blished w i t h i n  t h e  c o n s t r a i n t s  imposed by c o m u n i c a t i o n s  
requirements ,  launch and parking o r b i t  ope ra t ions ,  launch v e h i c l e  performance 

' capabi l i ty ,  s c i e n t i f i c  experiment requirements ,  and s p a c e c r a f t  design c h a r a c t e r i s t i c s .  

The space v e h i c l e  i s  composed of  t h e  th ree - s t age  Sa turn  V and t h e  combined 
J u p i t e r  o r b i t e r / s o l a r  p robe  s p a c e c r a f t  mounted above t h e  Instrument  Un i t  and 
shrouded by a s tandard  260-inch nose f a i r i n g  during boos t  through t h e  atmosphere. 
Launch i s  from t h e  Atlantic M i s s i l e  Range (AMR) w i t h  launch azimuths t y p i c a l l y  
between 70° and l l O O .  A second burn of  t h e  S-IVB t h i r d  s t a g e  i n j e c t s  t h e  s p a c e c r a f t  
o u t  of a low Ear th  park ing  o r b i t  i n t o  a f a s t  ( t y p i c a l l y  500 t o  550 days) Earth-  
J u p i t e r  t r a n s f e r .  tlpan a r r i v a l  a t  J u p i t e r ' s  sphere of  i n f luence ,  t h e  s o l a r  probe i s  . 
sepa ra t ed  from t h e  o r h i z e r  and con t inues  on a swingby t r a j e c t o r y  about  t h e  p l a n e t .  
The post-encounter h e r b c e n t r i c  t r a j e c t o r y ,  produced by t h e  swingby, t a k e s  t h e  
s o l a r  probe on a c f s s e  f l y b y  of t h e  Sun ( t y p i c a l l y  a t  0.1 AU). The o r b i t e r  i s  
maneuvered f o r  a c l a s e  approach t o  J u p i t e r  t o  e s t a b l i s h  a cap tu re  o r b i t  by s i n g l e -  
impulse, p ropu l s ive  braking.  A t y p i c a l  cap tu re  o r b i t  has  a p e r i j o v e  ( r p )  of  1.1 
Jovian  r a d i i  and an  a p s i d a l  r a t i o  ( r a / r p )  of about  40. Experiments d a t a  a r e  
t r a n s m i t t e d  t o  Earth frsm t h e  o r b i t e r  i n  cap tu re  o r b i t ,  and from both t h e  o r b i t e r  
and s o l a r  probe during a11 phases of h e l i o c e n t r i c  f l i g h t ,  e s p e c i a l l y  from t h e  
probe dur ing  s o l a r  f lyby .  

x i i i  
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ik-2 important  c h a r a c t e r i s t 5 c  of t h e  cornbl.ned Jupl t ter  o - ~ t i t e r / s s S a r  probe .a;ksa5.~-: 
i s  that a r e l a r i v e l y  f a s t  Ear th-3upi te r  t r a r s f e r  i s  r e q u i r e d  ta achieve  s p o s t -  
e x a c t e r  s o l a r  p-rsbe o r b i t  w i th  a p e r i h e l i o n  c l o s e  to t h e  Su?, TEE, p ~ r i h e l ? , o n  
d i a t a z t e  o f  i s z e r e s t  i s  of  t h e  o rde r  of 0.1 A:. The s tudy  showed chae c h  r e q u i r e d  
EarZE-3pZ.ce-r t r s ~ s f  e r  t imes  gene ra l ly  range -betweex 500  arrb -600 days;- Tar z give.?. 
t r z n s f e r  t ime,  t h e  c ~ m b i n e d  e f f e c t s  of E a r t h  d e p a r t u r e  acd J'up2ter arziiia: eqerg5 .e~  
a r e  such %bat t h e  b e s t  mission performance oppor tun ie i e s  occur  dur2-ig t h e  1972- 
1976 t h e  p e r k b .  Hawever, t h e  e f f e c t  of h ighe r  am3iva.l e a e r g h s  e a r l y  a&-.d l a t e  
f 3  the decade l eads  t o  a t r adeo f f  betwee? mission perfarmance and t h e  s o f a s  probe 
o r b f t  c k a r a c t e r 2 s t i c s  c h a t  a r e  s t rong ly  dependent up5a t h e  Eartk,-:ap%:er t r a n s f e r  
time. Zhe o-?era11 r e s u l t ,  from a t o t a l  mission s t a r d p o i n t ,  i s  t h a t  adequate Sasura 
Y p e r f o m n ~ e  ~ i p ; z b i l f t y  e x i s t s  f o r  reasonable  launch pe r iods  d i a rh~g  a l l  opporr,z;?.%ties 
a c r o s s  the 1990-1980 decade. Lauach opporcun i t i e s  are a v a i l a b l e  a p p r o x l m z e l y  
every 13 mozths, 

A >dp%er g r a v i t y - a s s i s t e d  s o l a r  probe o r b i t  izhaz pas ses  c l o s e  t3 s k . ~  S x i  -,st 
p e r i h e i i o a  rzqcLres t h z t  t h e  J u p i c e r  swfngby be r e s r e g r a d e  wish respec,  zo zt-e 
pla?e..b, 7x3 fac'=ors d e s e m f n e  t h e  c h a r a s t e r i s t f c s  af t h e  so la -  pzote  orbLc: 
(1) f?.e L u p f t ~ r  a r r i v a l  c s3d f t ions  i n  t h e  E a r t h - I u p l t e r  r r a ~ s f e r  ~ r a j e c t o s y ,  and 
(2) rLke 25m p o 2 ~  a t  ehe Govlan sphere of in f luence .  The arri-,-a1 c a ~ d L t 1 3 ~ ~  a re  
a F ~ n c t i o n  of 1arzch d a t e  and Earth-;upfter t r a n s f e r -  rime. -The a i d - g  p a e r t  i s  
d e f k ~ e d  by ~ k e  ize lF~.acFon of t h e  . Jupi te r  eilcounrer hyperbola  a?d t h e  swi.ngky 
d4s tz~lc .o~  A? zzaiys~s was p ~ r f o m e d  co i n t e r r e l a t e  t h e  s o l a r  p x b e  orki '~, cbae&crer- 

" " i s t k s  52th c+,e i5o::e parameters .  For  th ree  r e p r e s e n r a t i v e  bar:cb. C I ~ ? . D P Z . ~ : : S L ~ ~ ,  

1972, 1975, zzd 1978, r+e perFhelLon d i s t a n c e ,  t o m 1  t r i p  t ime from I&J?:~-I ;a so l a r  
f lyby,  a-d orblz % - . c l i z a t l o ~  wi th  r e s p c e t  t o  t h e  e c l l p t l c  pla-e  were I?=ex.L-ad f o r  
l a ~ z e ?  P L Z & J ~ S  cp  to 50 days. Typical  r e s u l t s  f o r  1975 wick 5 0 0 - d ~ y  E ~ z L " - . ' - ~ Z Z ~ ~  
grszsfczs azd  a 20-day- launch pe r iod  were: a s  follows: For  a 0,I-AC per ihel l3 ,  
dfs~azee, t h e  LrFp t ime from Ia i iwh t o  p e r i h e l i o n  w i i s  1090-1155 ddys; t h e  o rS i=  
.- L-sl?idtrion ?*I w ~ s  a b o a ; ~  21°; a?d the requ i r ed  J u p i t e r  swizgby d i 3 r , x c e  v3r;eJ fram 
6,9 to 9-9  l s s v i a l  radfL a c r o s s  t h e  launch period.  

A31 a ~ t i P y ' s 3  of t h e  ~ ~ ~ i i ? i ~ a E i s ~  d i s t a n c e  a r d  g e m e r r y  a s s o c i a ~ e d  u , q 7 ~ h  5bbe 
Ea~kh-Gupiser  %z%je~S,3ry  skowed cha t  she  o r b i t e r  ml;se b e  devlgred  f a r  a nrixi?n~m 
e~maicaZl3:- dlstazse of  about 6 AU. An Ea r th - spacec ra f r  l i n e - o f - s i g h z  occsk- 
taEf03 by zhe Suz a t  J i i p i t e r  a r a i v a f  i s  n o t  a p r o b l e ~ i  f o r  t h e  J u p i ~ s s  o ~ ' b i t e r j s 3 i a r  
grabe mbss%o..i. An a:alysis was performed t o  de.senF?je i f  t h e  s ~ l a r  grabe d ~ r k r g  
sslss f l y b y  ar  p ~ r i h e l 9 o n  would be a b l e  t o  communicafre wish  t h e  Esrcb.  'Car sypZcsi 
soLaz psabs o r f ; , ~  geometry and probe antenna c h a r a c t e r i s t i c s ,  fs was de tsmis?ed  . ,caz-hrs d~rZ:g . tk&Z fa>-srzb1e hefioc~:~ri.c Earch p o s i t i o n s  would e x i s t  f o r  z~mmu-~ 
a r e p r t s e ~ s a z i - ~ e  1975 m.iss-',a-?. It should be noted, k ~ w e v e r ,  th9c t h e  spacec r s f c  
m y  szore  data during t h e  s o l a r  f lyby  f o r  l a t e r  t r a n  s s f ~ g  ~3 Earch. 

4k s s sdy  o f  ~ h e  p l a n e t a r y  guidance r e q ~ i r e r n e n t s ,  f rom a miss ion  s n s l y s i s  
stazdpoixt, f-.dica"hed t h a t  ach iev ing  a s o l a r  prabe orT-,fr v i a  t h e  ;upf:er s%P-;gby 
m d e  s h o ~ l d  c3c prese3 t  any r e a l  problems i n  u t f l 5 z a t ~ o a  of  ~ x 2 s - ~ l a g  guids-2e 
techai,ques9 The s o h r  probe o r b i t  i s  designed on the b a s i s  t h a s  20 nildasurse 
c a r s a c t i a . ~  will be m d e  i n  t h e  pbst-eccounter  h e l i o ~ n t r i c  t r3 . jeccory7 T ~ E P S ~ O F ~ ,  

xiv 
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t h e  accuracy of t h e  s o l a r  probe o r b i t  i s  determined by t h e  accuracy of  t h e  J u p i t e r  
mingby t r a j e c t o r y .  For  cons t an t  Ea r th - Jup i t e r  t r a n s f e r s ,  t h e  s o l a r  probe o r b i t  
p e r i h e l i o s  d is tance ,  t r i p  t ime, and i n c l i n a t i o n  a r e  r e l a t i v e l y  insensi t f -ve 
t o  e r r o r s  i n  J u p i t e r  swingby.dis tance.  An a l lowable  e r r o r  appears  t o  be  on t h e  
o r d e r  of 6 0.5.Jovian r a d i i  (+ 35,000-km) f o r  a  t y p i c a l  0.1-AU mission,  By proper  
var ia t ion-of  Ea r th - Jup i t e r  t r z n s f e r  t ime over  t h e  launch per iod ,  t h e  e r r o r  i n  
p e r i h e l i o n  d i s t ance  r e l a t i v e  t o  swingby d i s t a n c e  e r r o r  can  be made very  small .  A 
swingby dsistance e r r o r  of  3 o r  4 p l a n e t  r a d i i  could b e  a l lowed wi th  l i r t l e  e f f e c t  
on t h e  p e r i h e l i o n .  The a s s o c i a t e d  va r i ances  i n  t r i p  time and o r b i t  i n c l i n a t i o n  
would be  much l a rge r ;  however, t h e s e  parameters  should  no t  be a s  important  t o  t h e  
mission o b j e c t i v e s  a s  t h e  p e r i h e l i o n  d i s t a n c e  a t  s o l a r  f lyby .  A t o t a l  m i d c ~ u r s e  
v e l o c i t y  c o r r e c t i o n  budget of 150 m/sec was es t imated  f o r  t h e  mission. An a n a l y s i s  
of  t h e  J u p i t e r  approach maneuver performed by t h e  o r b i t e r  s p a c e c r a f t  a f t e r  separation 
of t h e  s o l a r  probe, i n d i c a t e d  a t y p i c a l  AV requirement  o f  about  200 m/sec. 

A d i g d t s l  c o q u t e r  program was used t o  ana lyze  the Ear th  s u r f a c e  launch window 
c h a r a c t e r i s t i c s  f o r  t h e  J u p i t e r  o r b i t e r / s o l a r  probe mission.  FOP f a s t  Ear th-  
J u p i t e r  t r a n s f e r s  and t y p i c a l  launch pe r iods ,  t h e  decl- inat ion of  t h e  out-goiqg 
g e o c e n t r i c  asymptote over  t h e  1970-1980 decade v a r i e s  between approximarely + 30°. 
Therefore,  t h e  d a i l y  s u r f a c e  launch windows from AMR p r e s e n t  no d i f f i c u l t i e s :  
Fo r  a 70-110' range i n  launch azimuth, two d a i l y  windows of  5-hours du ra t ion  each 
a r e  a v a i l a b l e  f o r  t y p i c a l  1975 missions.  The 1978 oppor tun i ty  i s  r e p r e s e n t a t i v e  

- 

of  t h e  w o r s t  launch window cond i t i ons  dur ing  t h e  decade, However, f o r  70-110' 
launch azimuths, two d a i l y  windows of 2.6- t o  about  5-hours d u r a t i o n  a r e  a v a i l a b l e  
a c r o s s  the launch period.  

An a n a l y s i s  of t h e  c h a r a c t e r i s t i c s  of  Jovian  c a p t u r e  o r b i t s  was mads based 
on sirgle- impulse,  p ropu l s ive  braking a t  t h e  p e r i a p s i s  o f  t h e  approach hyperbola,  
For  a given capture  a p s i d a l  r a t i o  (n = r a l r p ) ,  t h e r e  exists a n  "optimumv p e r i j o v e  
radirzs that minimizes t h e  r equ i r ed  braking fig a s  a  f u n c t i o n  of a r r i v a l  energy. 
However, for t h e  ranges of  a r r i v a l  ene rg i e s  and a p s i d a l  r a t i o s  under c o n s i d e r a t i o a ,  
t h e  AVB p e n a l t i e s  f o r  f i x e d  p e r i j o v e  d i s t a n c e s  n e a r  t h e  p l a n e t  a r e  small .  A 

. t y p i c a l  c a p t u r e  o r b i t  chosen f o r  the  J u p i t e r  o r b i t e r  mi s s ion  has  a n  a p s i d a l  r a t i o  
of  40 and a pe r i jove  r a d i u s  of 1.1 p l a n e t  r a d i i .  The $VB f o r  a  r e p r e s e n t a t i v e  
a r r i v a l  speed  of 0.4 EEloS^'fs about  2  km/sec. For t h e  a p s i d a l  r a t i o s  (20 t o  LOj 
of  i n t e r e s t ,  t h e  capture  o r b i t  pe r iod  ranges  from 4 t o  about  20 days f o r  p e r i j o v e  
r a d 5 i  from 1.1 t o  1.5 p l a n e t  r a d i i .  

Pa rame t r i c  miss ion  performance d a t a  were genera ted  f o r  t h e  t h r e e  r a p r e s e 2 t a t h e  
launch o p p ~ r t u n i t i e s  - 1972, 1975, and 1978. Mission mass h i s t o r i e s  were developed 
based on a s o l a r  probe mass (1400-lb) s p e c i f i e d  by t h e  systems a n a l y s i s  and g iven  
cap tu re  o r b i t s  def ined  by p e r i j o v e  r a d i u s  and  a p s i d a l  r a t i o s .  Net i n j e c t e d  mass 
a t  Ear th  depa r tu re  and  g r o s s  cap tu re  mass a t  J u p i t e r  a r e  p re sen ted  a s  f u z c t i o ~ s  
of  depa r tu re  d a t e  a c r o s s  launch pe r iods  dur ing  each o f  t h e  t h r e e  r e p r e s e 2 t a t i v e  
years .  Data a r e  g iven  f o r  Ea r th - Jup i t e r  t r a n s f e r  t imes  from 500 t o  600 days. 
These h t a  must be c o r r e l a t e d  wi th  t h e  pa rame t r i c  s o l a r  probe o r b i t  da t a  t o  
a r r i v e  a t  miss ions  t h a t  s a t i s f y  performance, t r a j e c t o r y ,  and systems requiremerrts 
artd cons t ra5nts .  Mission performance/solar  probe o r b f t  t r a d e o f f s  a r e  i l l u s t r a t e d  
f o r  t h e  1978 oppor tuni ty  f o r  a  0.1-AU s o l a r  f lyby.  

* Earzh X ~ a n  CrZi ta l  Speed (29.78 km/sec) - 
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On che basis of t h e  paramet r ic  mission a n a l y s i s  d a t a  t h e  eharacterbsticss of 
represexca52vs Z ~ p f t e r  o r b i t e r / s o l a r  probe missions may be determined, A ryp5cal  
O,l-AZ solar f lyby  mission during t h e  1975 launch oppor tun i ty  i s  slmzm.rized as 
follawsc 

20 Days, 17 June - 7 J u l y  1975 
f 3 l i a n  214,2580.5 - 244-2600.5) 

'Two Dafly 5-Hr Windows w i t h  70-110° 
Lamch A z h u t h s  from AMR 

E4P:IW-,;UPIXER TR-43SFER : 500 Days 

N e t  I n j e c t e d  W t :  12,000 - 14,000 Lb- 
(Across Ljlunch Period)  

Capture 3 r b i t :  n = 10, rp = 1.1 Jovian Radii 
Gross Capcare W t :  4400 Lb 
S ~ l a r  Probe Swfngby Distance: :  6.7-9.9 Jov2an Rad i i  
Solar Probe Wt: 1400 Lb 

LVPITER-SlcN TRANSFER: 590-655 Days 
* 

Per3hel ion Distance:  0.1 AU 
ftlclir.~t",on t o  E c l i p t i c :  21 Deg 
,T . -ocsl  Time from Earth Departure t o  Pe r ihe l ion :  
1090-1955 Days 

SYSTEMS mE-iSZS 

&sed o.zz a dzrafbed experiment survey completed by ivorthrop and docme-2cd 
fn rsfzrs:ct 3, t z b l e s  o f  k s Z s z m e n ~ s ,  p w e r  reqairemenbs, and rmsses m r e  
devel~ped f o r  the 3 ~ p L t e r  o r b i t e r  and c l o s e  s o l a r  probe exper5me3ts, I h e s e  a r e  
samr',zed ss, the follow-i.zg page: 
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JUPITER ORBITER/SOLAR PROBE EXPERIMENTS 

P h e ~ o m e n o ~  t o  To ta l  Power To ta l  Mass 
be  Igves t iga ted  J u p i t e r  - Solar  J u p i t e r  Solar  - 

Orbi ter  Probe Orbi ter  Frobe 

So la r  Plasma 
Magnetic F i e l d s  
Trapped R-adiat ion 
Solar  Neutrons 
Cosmic R.adiat i s n  
Electromagnetf c F i e l d s  
P a r t i c u l a t e  Matter 
J u p i t e r  Ionsphere 
Jup 5 t e r  Atmosphere 
J u p i t e r  Moon Surface 

17.0 w a t t s  
13.3 
0.8 

26.0 wa t t s  
13.3 
0.8 
2.0 
2.0 
5.0 
5.0 

TOTALS 
---- "--- --- 

794.1 w a t t s  54.1 w a t t s  396.5 kg 45,O kg 

The usefulness of the  instruments t o  observe t h e  surface  of J u p i t e r  moons 
is depe2dent upon t h e  approach d i s t ance  t o  those bodies. Fox J u p i t e r  ca,pture 
o r b l r s  of l o w  per i jove  and high e c c e n t r i c i t y ,  an a n a l y s i s  was conducted K O  

de te rmke  bhe minimum l ine-of-s ight  d i s t ance  t o  the  f o u r  l a r g e s t  moans. Dependicg 
o c  Che cgpture o r b i t  parameters, approaches ranging from 3 t o  5 J u p i t e r  r a d i i  
a r e  eas5ly ach-isved. However, t o  use r ada r  surface  imaging devices capcure orbZts 
musz be se lec ted  which permit J u p i t e r  moon approaches of l e s s  than about 0.05 
Javiar, radius ,  

, 
NASAfs s t a t e d  pol icy  of p lane ta ry  quarantine was app l i ed  t o  t h e  J u p i t e r  

o rbb te r / so la r  probe mission. Spacecraf t  impact on bodies i n  t h e  s o l a r  s y s z ~ m  I s  
tot plarzed? However, the  p o s s i b i l i t y  of spacecraf t  system znalfunctians lezdiqg 
t o  c o l l i s 5 0 ~  w i t h  J u p i t e r  o r  one of i t s  moons must be considered. 

Since heat s t e r i l i z a t i o n  i s  very e f f e c t i v e ,  the  concept of  heat ing t h e  Zupi ter  
o r b i t e r  a3d s o l a r  probe ent route  t o  J u p i t e r  was b r i e f l y  s tudied.  Based on JPL 
data f o r  t h e  Voyager landing capsule  s t e r i l i z a t i o n ,  a time-temperature s",rilizs.tfoc 
cycle  was determined. I f  t h i s  ex t rapo la t ion  i s  valPd, t h e  spacecraf t  ~ - n  chis 
mfssiori mdst be hested t o  330°K f o r  complete s t e r i l i t y  a t  J u p i t e r  encounter,  
ThZs does n o t  appear possible.  High r e l i a b i l i t y  must be maintained i n  t h e  program 
t o  preclude malfunction and l o s s  of Earth-based con t ro l  of t h e  t r a j e c t o r y ,  a2d 
thereby avoid contaminating t h e  s o l a r  system bodies a s soc ia ted  with t h e  mission. 

The Saturn  V exh ib i t s  a r e l a t i v e l y  l a r g e  va r i ance  i n  launch c a p a b i l i t y  f o r  
t h e  missio2 during a f i n i t e  launch period.  This  can b e  used i n  a number of ways 
including: (1) a f ixed  gross  launch payload, s i zed  f o r  t h e  launch per iod ,  could 
be  launched using t h e  excess Saturn  V c a p a b i l i t y  t o  reduce t h e  t r i p  time, (2)  a 
f ixed t r i p  t5me could be se lec ted  and t h e  v e h i c l e  g ross  launch mass aodbfied d s i l y  
by varyizg t h e  J u p i t e r  capture o r b i t  braking p rope l l an t  loading,  o r  (3) a fixed 
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capture  o r b i t  p e r i j o v e  could be s e l e c t e d  f o r  s c i e n t i f i c  reasons  and t h e  g r o s s  
launch mass o f  t h e  s p a c e c r a f t  modified d a i l y  by vary ing  t h e  cap tu re  o r b i t  braking 
p rope l l an t  loading. These modes were compared f o r  J u p i t e r  cap tu re  o r b i t  parameLers 
and Saturn V launch guidance requirements.  

The cap tu re  o r b i t s ,  vary ,  b u t  n o t  s i g n i f i c a n t l y ,  f o r  t h e s e  modes. The f i x e d  
g r o s s  launch mass concept ,  u t i l i z i n g  a cons t an t  p r o p e l l a n t  loading ,  o f f e r s  ea se  
fn o r b i t e r  spacec ra f t  des ign ,  t e s t i n g ,  and launch ope ra t ion  and can ackieve  
capture  o r b i t s  of h i g h  e c c e n t r i c i t y  and low pe r i jove .  Th i s  mode appears  t o  be 
t h e  b e s t  choice  from a systems viewpoint.  The launch guidance requcrernents dvrigg 
a p a r t i c u l a r  launch window a r e  n o t  a f f e c t e d  by s e l e c t i n g  one o r  t h e  o t h e r  mode. 
The d e c l i n a t i o n  of t h e  outgoing geocen t r i c  asymptote i s  almost i den tLcs l  f o r  e i t h e r  
t h e  fixed-gross-mass t r a j e c t o r y  o r  t h e  cons t an t - t r i p - t ime  t r a j e c t o r y .  

A s tudy  was undertaken t o  e s t ima te  t h e  r e l i a b i l i t y  expected f o r  t h e  i u p i t e r  
o r b i t e r  and s o l a r  probe dur ing  t h e  next  decade. On t h e  b a s i s  of e x t r a p o l a t i o n s  of 
cu r r en t  and  completed program h i s t o r i e s  and account ing  f o r  r edmdanc ie s ,  t h e  
p r o b a b i l i t i e s  of succes s fu l  launch, e l e c t r o n i c s  and o t h e r  s p a c e c r a f t  subsystems 
successes ,  and p r o b a b i l i t i e s  of avoiding c o l l i s i o n  w i t h  a s t e r o i d s  were developed. 

- - T o t a l  spacec ra f t  r e l i a b i l i t y  was determined and t h e  -number L l a u d ~ ~ b z r e d - t e - -  - 

achieve g iven  program success  l e v e l s  were computed. These da t a  a r e  surmnarized 
below. It is concluded t h a t  f o r  a program i n i t i a t e d  e a r l y  i n  r h e - n e x t  decade, about  
3 spacec ra f t  must be launched t o  achieve '  a miss ion  success  g r e a & ~  t h a n  .90. 

SPACECRAFT RELIABILITY I N  1970-1980 TIME PERTOD 

P r o b a b i l i t y  P r o b a b i l i t y  
o f  Success of Success P r o b a b i l i t y  Miss io-  Nimber of  
of  J u p i t e r  of  So la r  , = of Success Success Spacecraf t  

Year Probe Probe p e r  Launch Goal i n  Program 

On t h e  a s s m p t i o n  of  ope ra t ion  a t  S-band f r equenc ie s  u f t l i z i n g  t h e  6 4 = ~ n e ~ ~ r  
ante- a t  Goldstone, t h e  t h e o r e t i c a l  t r a d e o f f s  were developed f o r  spacec ra f r  power, 
a r i f e n ~ a  s i z e ,  and d a t a  t ranmiss ion  r a t e s .  Paramet r ic  d a t a  were computed f o r  t h e  
range of orttenna s i z e s  and power l e v e l s  p o s t u l a t e d  f o r  t h e  J u p i t e r  o r b i t e r  and 
s o l a r  probe conceptual designs.  An import an^ f aceo r  i n f luenc ing  t h i s  analys5s 
was the  space  propagat ion l o s s e s  t h a t  were computed f o r  d i f f e r e n t  a n t e z a  s i z e s  
and cannnunfcation d i s t ances .  An omnidi rec t iona l  system w a s  i nc luded  f o r  use  as. 
a reference.  Superimposed on t h e s e  l o s s e s  i s  t h e  system degradatior:  due t o  back- 
ground no i se ,  The v a r i o u s  sou rces  of no i se  i n  t h e  galaxy,  t h e  s o l a r  system, and 
on t h e  E a r t h  were analyzed and t h e  r ece ived  s i g n a l  degrada t ion  est imated.  It 
was coztcluded t h a t  f o r  t h e  J u p i t e r  o r b i t e r ,  20 t o  30 db s i g n a l  l o s s  due t o  back- 
ground noEse must be accounted f o r .  Conununication ~ 5 t h  t h e  s o l a r  probe in t h e  
d i r e c t  v i c i n i t y  of t h e  Sun w i l l  be  d i f f i c u l t .  However, w i t h  high-power t r a n s m i s s i ~ s ,  
a t  t he  r e l a t i v e l y  s h o r t  communication d i s t a n c e ,  and by s t o r i n g  d a t a  f a r  r3-cr3,rlsrzl.~3%3~ 

x v i i i  
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at m o r e  f avorab le  times, a high p robab i l i ty  of da ta  r e t u r n  can be expected of t h e  
s o l a r  prabe. System parameters were defined f o r  applicatioaz t o  t h e  spacecraf t  
c o n c e p t d  design. Using 40 wa t t s  r . f .  power, 4.5-meter and 2-meter d i m e c e r  
an temas  were used f o r  the  J u p i t e r  o r b i t e r / s o l a r  probe, respect ive ly ,  t o  maic ta ia  
posit%v@ set operat ing s ignal  no i se  margins. 

s 

Because of t h e  long mission l i f e t i m e s  f o r  both t h e  J u p i t e r  o r b i r e r  and t h e  
s o l a r  p r d e  spacecraf t ,  passive thermal cont ro l  i s  des i rab le .  I n  t h e  deep-space 
regions a9 t h e  s o l a r  system, it w i l l  be necessary t o  h e a t  many s y s t e m  aboard t h e  
spacecraE~r t o  maintain t h e i r  opera t ing  temperatures. A spacecraf t  ene tgyba lance  
was made assuming super insula t ion  around c r i t i c a l  a r e a s  and t h e  a v a i l a b i l i t y  of 
e l e c t r i d k  power f o r  make-up res is tance- type  heaters .  Under normal modes of 
opera t ion  considerable  excess power i s  a v a i l a b l e  from t h e  radlosoaopa power 
supply fWI'G) u a i t s  t o  thermally con t ro l  both spacecraf t .  I n  t h e  event oze of t h e  
wt l tZple  RTG u n i t s  f a i l s ,  t h e  J u p i t e r  o r b i t e r  spacec ra f t  w i l l  s t i l l  be capable of 
mainta3.z~-g thermal cont ro l  with a reasonable amount of  insula t ion .  Under emergency 
c o n d i t t o ~ s  f o r  t h e  s o l a r  probe, t h e  a v a i l a b l e  power i s  marginal and abouc 8-cm 
o f  sqqerE%su1ation w i l l  benecessary t o  maintain t h e  requi red  i n t e r n a l  temperatures. 

- -  - .- -- - - - - 

Bit d o s e  d i s t ances  t o  t h e  Sun, it w i l l  be necessary t o  s h i e l d  t h e  s o l a r  probe. 
A shadow s h i e l d  was developed cons i s t ing  of a conica l  primary s h i e l d  axd a secondary 
f l a t  shie3.d spearaced by a low-conduct5ve syruc'Srere; 'Tb5 %&dmfPf% shield--forins 
the base af t h e  spacecraf t  which i s  confined wi th in  t h e  shadow of t h e  primary 
shield. The s h i e l d  and spacecraf t  temperatures depend on many parameters inc lud-  
i n g  the Length-to-diameter r a t i o  of  t h e  cone, s i z e  of t h e  shad= sh ie ld ,  separa t ion  
distance Between primary and secondary s h i e l d s ,  ma te r i a l  c h a r a c t e r i s s i c s ,  a.?d 
d is tance  E r m  t h e  Sun. Typical conf igura t ions  and surface  temperatures appropr ia t e  
f o r  coinccrigt-rial design were analyzed. It was concluded tharr us ing  t i t a s - f ~ m  primary 
shields,  s o l a r  approaches down t o  about 0.1 AU a r e  poss ib le  wi th  pass ive  shsdow 
sh ie ld  t l ~ r r a a l  cont ro l .  To determine t h e  degree of accuracy requi red  for s r i e n t a c i o n  
of the  shadow sh ie ld ,  a thermal a n a l y s i s  was made of a t y p i c a l  spacecrafi; f o r  a 
variety of thme-dependent misalignments. For shor t -dura t ion  excursians our of t h e  
shadow cep?-,s, spacecraf t  t r a n s i e n t  temperatures w i l l  be t o l e r a b l e  i f  she m i s a l i g ~ m e n t  
angles b not  exceed 5 O .  Based on t h e  a t t i t u d e  cont ro l  s tud ies ,  t h i s  appesrs  t o  be 
e a s i l y  a&% wed. 

The Zong dura t ions  of t h e  J u p i t e r  capture  and s o l a r  probe missions imply 
t h a t r a ~ i s o t o p e  power suppl ies  a r e  required.  Of t h e  u n i t s  which a r e  c-iirreritly 
under s d y ,  only two types c lose ly  match t h e  power requirements of the  space- 
craf t :  cl) Po-210-fueled u n i t s  which have too shor t  a l i f e t i m e  and (%? t h e  Pu- 
2 3 8 - h e l d  uni ts .  Passively and a c t i v e l y  cooled RTG concepts a r e  being coqsidered 
by the AEC. To s e l e c t  the  power supply u n i t s ,  power p r o f i l e s  were devehopad f a r  
the JrtpLEer o r b i t e r  and s o l a r  probe spacecraf t  t o  show t h e  var iance  f n  power 
requ%re=nts for d i f f e r e n t  phases of t h e  mission. For t h e  J u p i t e r  o r b i c e r ,  t h e  
use of three 250-watt pass ively  cooled Pu-238 u n i t s  w i l l  provide enough power f o r  
a l l  phases of the  mission. Should one u n i t  f a i l ,  t h e  remaining two R I G  u n i t s  w i l l  
pennit: l e t i o n  of t h e  mission i f  some of t h e  higher power experimeats a r e  
shu t  off, The s o l a r  probe requ i res  two oE t h e  pass ive ly  cooled Pu-238 u n i t s  and 
w i l l  a l s m  be  a b l e  t o  couqlete i t s  mission wi th  one RTG u n i t  out-. The use of 
m&lt*le pasafvely  cooled radio isotope  u n i t s  o f f e r s  t h e  advahtages of red?inda-;?ey, 
high re l -b i l i ty ,  c a p a b i l i t y  of mission completion on p a r t i a l  power, and small 
tratal mass systems. 

x i x  
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A number of p ropu l s ive  func t ions  e x i s t  f o r  t h e  J u p i t e r  o r b i t e r  and s o l a r  
probe spacecraf t .  Besides t h e  convent ional  requirement & o r  a t t l t u d e  c o n t r o l ,  r h e r e  
a r e  midcourse co r r ec t ions  and a p l a n e t a r y  braking maneuver t o  be performed. The 
capture  o r b i t  braking propuls ion  system must rernain dormant during t h e  long t r a n s f e r  
t ime t o  J u p i t e r .  A s tudy  was performed t o  compare v a r i o u s  l i q u i d  p r o p e l l a n t  

- co-nations. Cryogenic systems cannot be economically s t o r e d  f o r  t h e  requTfCtr 
mission du ra t ion  wi th  p re sen t  technology. The t f s to rab le s " ,  however, e x h i b i t  l i t t l e  
degradat ion i n  performance i f  i t  i s  assumed they  a r e  n o t  permi t ted  t o  f reeze .  
Use of excess  RTG power t o  h e a t  t h e  p r o p e l l a n t  tanks  was considered. Assuming 
t h a t  supe r insu la t ion  i s  used around t h e  tanks ,  it was concluded r b r - i ~ ~ e r y  - - ~-- - 

nominal power d r a i n  i s  r equ i r ed  t o  make up t h e  h e a t  l o s t  by r a d i a t i o n  from t h e  
spacecraf t .  To conform t o  a s tudy groundrule  of us ing  e x i s t i n g  systems a s  
much as poss ib l e ,  t h e  Apollo LEM ascen t - s t age  engine and a s s o c i a t e d  hardware was 
used i n  t h e  conceptual design of  t h e  J u p i t e r  o r b i t e r .  N 0 /N H - UDMH s t o r a b l e  4 2 4  p r o p e l l a n t s  a r e  used w i t h  t h i s  engine and t h i s  system w i t 1  be used f o r  bo th  Gupi te r  
capture and  midcourse co r r ec t ions .  

The t o t a l  a t t i t u d e  c o n t r o l  impulse requirements  were es t imated  f o r  t h e  space- 
c r a f t .  Typica l  moments o f  i n e r t i a  were used; t h e r e f o r e ,  t h e  r e s u l t s  may change 
i f  d e t a i l e d  mass and balance ana lyses  a r e  conducted f o r  a s p e c i f i c  $ c e c r a f r , .  
On t he  b a s i s  of t h e s e  t y p i c a l  va lues ,  mass t r a d e o f f s  of  co ld  g a s  and mono- 

-- p r o p e i l a ~  a t t i t ube -  c c x t ~ r u ~ - s y s ~ ~ ~ f f s  were-perf-omedfi- F e ~ 3 k e k s - g t s - - ~ p - c e ~ ~ & ~  - - 
( t he  J u p i t e r  o r i b t e r ) ,  a monopropellant system o f f e r s  significant mass savings.  
For  t h e  s o l a r  probe, t h e  d i s t i n c t i o n  i s  l e s s  severe,-and * .  ' ze the p r o p l - l a n t  

tank  requirements,  a monopropellant system was a l s o  chosen f o r  u s e o n  t h e  conceptual  
design, The propulsion systems s e l e c t e d  f o r  a t t i t u d e  c o n t r o l  a$ midcourse 
c o r r e c t i o n  were summarized f o r  each spacec ra f t .  The J u p i t e r  o r b i t e r  can l o g i c a l l y  
u s e  both low-thrust  and h i g h - t h r u s t  a t t i t u d e  c o n t r o l  systems due t o  che extreme 
d i f f e rences  i n  torque  requirements  du r ing  h e l i o c e n t r i c  coas t  and f o r  propulsbve 
maneuvers such a s  cap tu re  o r b i t  braking. During t h i s  l a t t e r  maneuver, t h r u s t  
misalignment torques  of  t h e  h igh - th rus t  cap tu re  propuls ion  system must be r e a c t e d  
w i t h  high accuracy. 
, 

ADVANCED MISSIONS 

The advanced miss ion  p o r t i o n  of t h e  s tudy inc ludes  cons ide ra t ion  of Sa turn  
and  Uranus capture  miss ionsvia  J u p i t e r  g r a v i t y - a s s i s t ,  exp lo ra t ion  of t h e  Jovian 
s a t e l l i t e  system ( spec i f l i ca l ly  t h e  i n n e r  moons) dur ing  a J u p i t e r  missi.on, and 
i n spec t ion  o f  reg ions  o f  t h e  a s t e r o i d  b e l t .  To accomplish t h e s e  rnissfons 9 
family of spacec ra f t  i s  def ined  which uses  a J u p i t e r  o r b i t e r  a s  a b a s i c  module. 
The advanced mission conf igu ra t ions ,  and t h e  da t a  on which they  a r e  based,  must 
b e  considered pre l iminary  a t  t h i s  t i m e  a s  many important  a s p e c t s  of t h e i r  develop- 
mentmust  be s tud ied  i n  d e t a i l .  One such a s p e c t  i s  t h e  e f f e c t  of  a f i n i t e  launch 
per iod  requirement. 

~ o t w i t h s t ; n d l n ~  t h e  cursory  a n a l y s i s  o f  some a s p e c t s  of  t he  mission under 
cons idera t ion ,  s eve ra l  s i g n i f i c a n t  conclus ions  can be reached. They inc lude :  
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1. Meaningful i n spec t ion  of t h e  Jovian  moons during a J u p i t e r  cap tu re  mission 
w i l l  r e q u i r e  c l o s e  passes  t o '  t h e  moons. The p r e s e n t  technique of t h e  
mission a n a l y s t  i n  dea l ing  w i t h  such t r a j e c t o r i e s ,  t h a t  of t h e  patched 
con ic  approach, i s  inadequate  f o r  t h e  Jovian  s a t e l l i t e  system. 
- - -4 - - 

2. Communication w i t h  accep tab le  da t a  t ransmiss ion  b i t  r a t e s  i s  f e a s i b l e  f o r  
S-band systems of t h e  J u p i t e r  o r b i t e r  s p a c e c r a f t  des ign  a n j ~ h e r e  i n  t h e  
s o l a r  s y s t e m o u t t o  and inc luding  t h e  o r b i t  o f  Uranus. 

3. In spec t ion  of  some r eg ions  of  t h e  a s t e r o i d  b e l t  i s  a n  accep tab le  secondary 
miss ion  via a J u p i t e r  swingby mode, b u t  due t o  t h e  inc1inaCbsn and d iameters  
o f  most of  t h e  a s t e r o i d s  a n  in spec t ion  enroute  t o  J u p i t e r  w i l l  not be 
poss ib l e .  

4. A fami ly  of s p a c e c r a f t  u t i l i z i n g  t h e  J u p i t e r  o r b i t e r  a s  a b a s i c  module 
can  be designed t o  provide  a n  ex tens ive  exp lo ra t ion  program'including t h e  
J u p i t e r  cap tu re  miss ion  and advanced miss ions  such a s s  combined J u p i t e r  
o rb i t e r / a tmosphe r i c  probe, J u p i t e r  o r b f t e r l s o l a r  probe, S a t u r ~  o r  Uranus 

- capture,  and a s t e r o i d  b e l t  m5ssions. The l a t t e r  th-r~e-indssZo%s u~ilfze 
- 

a J u p i t e r  g rami ty -a s s i s t  mode. The f i g u r e  on t h e  next  page i l l u s t r a t e s  
t h r e e  such des ign  c ~ n c e p  ts f o r  &he J q d t e ~ o r b  iter/solnr+~ ; J u p i t e r  m 

- - - -- 
orbi te r /a tmospher ic  e n t r y  probe, and t h e  Sa turn  o r  Uranus cap tu re  mlssio?. 

- - - -.- - - - - - - - 

5.  Due t o  t h e  long l i f e t i m e  r equ i r ed  i n  some advanced miss ion  cozcepts ,  ex t r a -  
p o l a t i o n  of p r e s e n t  subsystems r e l i a b i l i t y  i n d i c a t e s  t h a t  a - t y a z ~ n a b l e  
mession success  goa l  would r e q u i r e  m u l t i p l e  Sa tu rn  V launches. 

x x i  
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SECTION I 

INTRODUCTION 

T h i s  document p r e s e n t s  t h e  r e s u l t s o f a c o n t i n u i n g  s tudy of t h e  p o t e n t i a l  
u t i l i z a t i o n  of  t h e  Sarrurn V launch v e h i c l e  f o r  unmanned s c i e n t i f i c  exp lo ra t ion  of 
the s o l a r  system. The i n i t i a l  phase of t h i s  e f f o r t  was r epo r t ed  i n  r e f e rence  1 
which p re sen ted  an a n a l y s i s  of s t r a igh t fo rward  J u p i t e r  cap tu re  mi s s ions  based 
o n  maximum use  of e x i s t i n g  s p a c e c r a f t  hardware from t h e  Apollo program. 
The r e p o r t  included a cu r so ry  i n v e s t i g a t i o n  o f  t h e  f e a s i b i l i t y  of a Jovian  
atmosphere probe launched from t h e  o r b i t e r  spacec ra f t .  Also, a  p re l imina ry  
a n a l y s i s  was given to i n d i c a t e  t h e  Sa turn  V performance p o t e n t i a l  f o r  advanced 
mis s ions  employing Jupiter g r a v i t y - a s s i s t e d  t r a n s f e r  t r a j e c t o r i e s .  

I n  r e f e rence  1 it was shown t h a t  it i s  p o s s i b l e  t o  accomplish t h e  b a s i c  
s c i e n t i f i c  o b j e c t i v e s  o f  a  J u p i t e r  cap tu re  miss ion  wi th  s i g n i f i c a n t l y  l e s s  
payload than  t h e  S a t u r n  V launch system a f f o r d s .  For  r e l a t i v e l y  slow Earth-  
J u p i t e r  t r a n s f e r s  and h igh ly  e c c e n t r i c  cap tu re  o r b i t s ,  payloads of  s e v e r a l  
thousand pounds a r e  a v a i l a b l e  wh i l e  only s e v e r a l  hundred pounds a r e  r equ i r ed  f o r  
tlie-basic-scZentific package. T h i s  suggested t h e  p o s s i b i l i t j i  o f  combining 
a n  a d d i t i o n a l  payload w i t h  t h e  o r b i t e r  t o  c r e a t e  a dua l  miss ion  w i t h  one 
Sa tu rn  V launch. One p o s s i b i l i t y  f o r  such a  miss ion ,  wi th  cons ide rab le  
s c i e n t i f i c  va lue ,  i s  a combined J u p i t e r  o r b i t e r / c l o s e  s o l a r  probe payload, 

S e c t i o n n  of th is  r e p o r t  p r e s e n t s  t h e  r e s u l t s  of  a  miss ion  and systems 
a n a l y s i s  t o  determine t h e  f e a s i b i l i t y  of a  combined J u p i t e r  o r b i t e r l s o l a r -  . -  

probe  payload based arn t h e  Sa turn  V launch c a p a b i l i t y .  The c l o s e  s o l a r  probe 
o r b i t  i s  e s t a b l i s h e d  b y  a  J u p i t e r  swingby a f t e r  s e p a r a t i o n  of t h e  probe from 
t h e  o r b i t e r  s p a c e c r a f t  p r i o r  t o  p l a n e t  encounter.  Sec t ion  111 g i v e s  t h e  r e s u l t s  
of s t u d i e s  i n  s e v e r a l  r e l a t e d  advanced miss ion  a r e a s  inc luding:  Jov ian  moon 
exp lo ra t ion ,  ou ter  p l a n e t  miss ions  v i a  J u p i t e r  swingbys, and e x p l o r a t i o n  of t h e  
a s t e r o i d s  i n  c o n j u n c t f ~ n  w i t h  J u p i t e r  missions.  

The r e s u l t s  o f  r e c e n t  s t u d i e s  of  t h e  f l i g h t  mechanics, e n t r y  h e a t i n g ,  and 
systems a s p e c t s  of a J o v i a n  atmosphere probe launched from an  o r b i t e r  s p a c e c r a f t  
are r e p o r t e d  i n  a  s e p a r a t e  document: "A Study of  a  Jovian  Atmospheric Probe," 
TR-292/3-6-076, Northrop Space Labora tor ies ,  September 1966. 
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SECTION I T  

J U P I T E R  ORBITER/SOZAR PROBE M I S S I O N  

2.1 M I S S I O N  ANALYSIS 

The p lane t  J u p i t e r  and t h e  near  region about t h e  Sun wi th in  0.2 AU a r e  
two prime t a r g e t s  f o r  unmanned s o l a r  system missions during t h e  next  decade. 
J u p i t e r ,  t h e  nea res t  of  t h e  ou te r  p lane t s  and t h e  l a r g e s t  p lane t  i n  our s o l a r  
system, has  long been of  g r e a t  s c i e n t i f i c  i n t e r e s t  but  beyond e x i s t i n g  mission 

a 

c a p a b i l i t i e s .  S c i e n t i f i c  inves t iga t ions  of t h e  very h e a r t  of t h e  s o l a r  system, 
t h e  Sun, have been l imi ted  t o  Earth-based s t u d i e s  and experiments conducted 
wi th  probes a t  r e l a t i v e l y  l a r g e  s o l a r  distances.  Several  important s o l a r  
experiments, however, w i l l  r equ i re  a very c lose  f lyby of the  Sun a t  a  d i s t ance  
on the  order  of 0.1 AU. U ~ f o r t u ~ a t e l y ,  the  launch energy requi red  t o  achieve 
a  0.1AU s o l a r  f lyby d i r e c t l y  from the  Ear th  i s  p r o h i b i t i v e  f o r  e x i s t i n g  
chemical Launch systems. 

The mission considered i n  the  present  study u t i l i z e s  t h e  high-energy 
launch c a p a b i l i t y  of t h e  Saturn V veh ic le  and t h e  s t rong g rap i  t a t i o n a l  f i e l d  
of J u p i t e r  f o r  s o l a r  probe t r a j e c t o r y  shaping t o  accomplish both a J u p i t e r  
capture and a  c lose  f lyby of t h e  Sun with a  s i n g l e  launch. Thus, it i s  poss ib le  
t o  s a t i s f y  t h e  ob jec t ives  of twokey  s o l a r  system missions with a  s i n g l e  mission 
and the  p o t e n t i a l  s c i e n t i f i c  payoff i s  q u i t e  a t t r a c t i v e .  

In t h e  mission a n a l y s i s  t o  follow, t h e  J u p i t e r  o r b i t e r l s o l a r  probe concept 
i s  defined i n  terms of  t h e  o v e r a l l  space veh ic le  concept, f l i g h t  p r o f i l e ,  and 
sequence of  events. The f l i g h t  mechanical and performance c h a r a c t e r i s t i c s  of 
t h e  mission a r e  e s t ab l i shed  wi th in  the  c o n s t r a i n t s  imposed by communications 
requirements, launch and parking o r b i t  opera t ions ,  launch veh ic le  performance 
capab i l i ty ,  spacecraf t  design characteristics, and s c i e n t i f i c  experiment requi re-  
ments. During t h e  study t h e  f l i g h t  mechanical and performance data  were 
co r re la t ed  wi th  the  spacec ra f t  systems analyses  (presented in subsect ion 2.2) 
t o  a r r i v e  a t  conceptual o r b i t e r  and s o l a r  probe designs s a t i s f y i n g  a l l  mission 
requirements and cons t ra in t s .  

2.1.1 Mission Ground Rules 

The ground r u l e s  given a s  a  b a s i s  f o r  t h i s  study a r e  a s   follow^: 

1. A l l  missions a r e  t o  be u m n n e d .  
2. Lattnch oppor tun i t i e s  a r e  t o  be considered during t h e  1970-1980 decade. 
3. The bas ic  mission i s  t o  be a  s t ra ight forward  capture i n t o  an e l l i p t i c a l  

o r b i t  about J u p i t e r  with a  probe continuing on a  swingby through t h e  
Jovian g r a v i t a t i o n a l  f i e l d  t o  achieve a  nea r  f lyby of t h e  Sun. 

4.  The launch v e h i c l e  i s  t o  be the  b a s i c  Saturn  V a s  developed f o r  the  
Apollo program. 

5. U t i l i z a t i o n  o f  Apollo spacecraf t  hardware i s  des i rable .  A s  o the r  
systems a r e  requi red ,  maximum use i s  t o  be made of e x i s t i n g  hardware. 

2.1.2 Mission Concept 
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2.1.2.1 Space Vehicle Concept. The space v e h i c l e  conf igura t ion  f o r  t h e  mission 
i s  shown i n  Figure 2-1, The launch veh ic le  i s  the  three-s tage  Saturn V a s  dev- 
eloped f o r  t h e  Apollo lunar  landing program. The spacecraf t  i s  composed of t h e  
J u p i t e r  o r b i t e r  and s o l a r  probe a t tached together  and mounted above t h e  Saturn 
Instrument Unit  by an  adap te r  t r u s s  s t ruc tu re .  The spacecraf t  i s  shrouded by -. 
s tandard  260-inch MSFC nose f a i r i n g  during boost through t h e  atmosphere. 
F igure  2-2 i l l u s t r a t e s  t h e  spacec ra f t  conf igura t ion  j u s t  a f t e r  sepa ra t ion  of 
the s o l a r  probe from t h e  o r b i t e r  p r i o r  t o  J u p i t e r  encounter. The d e t a i l s  of 
t h e  spacecraf t  conceptual designs a r e  covered i n  subsect ion 2.3. 

2.1.2.2 ' ~ i s s i o n  Pro f i l e .  The mission i s  i n i t i a t e d  wi th  launch of t h e  Saturn V 
v e h i c l e  from t h e  A t l a n t i c  M i s s i l e  Range. Af te r  a  s h o r t  coas t  i n  low Ear th  
parking o r b i t ,  a  second burn of the  S-IYB t h i r d  s t age  i n j e c t s  t h e  combined 
J u p i t e r  o r b i t e r l s o l a r  probe spacecraf t  i n t o  a f a s t  ( t y p i c a l l y  500-550 days) 

.Ea r th - Jup i t e r  t r a n s f e r  t r a j e c t o r y ,  During t h e  h e l i o c e n t r i c  coas t  t o  J u p i t e r ,  
measurements of the  i n t e r p l a n e t a r y  environment a r e  made and t r ansmi t t ed  t o  
Ear th  i n  a d d i t i o n  t o  t h e  spacecraf t  systems monitoring data. Two, o r  poss ib ly  
th ree ,  midcourse co r rec t ions  aim t h e  spacecraf t  a t  t h e  planned p lane ta ry  approach 
po in t  a t  J u p i t e r f s  sphere of influence.  A t  t h i s  po in t  t h e  s o l a r  probe i s  separa ted  
from t h e  o r b i t e r  and continues on a swingby t r a j e c t o r y  passing J u p i t e r  a t  severa l  
p lane t  r a d i i .  The midcourse propulsion system aboard t h e  o r b i t e r  i s  used t o  
manewer t h e  vehic le  i n  f o r  'a r e l a t i v e l y  c lose  approach t o  J u p i t e r .  A t  t he  
p e r i a p s i s  of the  approach hyperbola, t h e  main braking engine i s  f i r e d  t o  p lace  
t h e  o r b i t e r  i n t o  a h igh ly  e l l i p t i c a l  capture  o r b i t  about t h e  p lanet .  The 
o r b i t e r  begins i t s  programmed experiments i n  o r b i t .  Meanwhile the  s o l a r  probe 
h a s  continued on its p a s s  through t h e  Jovian g r a v i t a t i o n a l  f i e l d  t o  emerge from 
t h e  sphere of inf luence  on a reshaped h e l i o c e n t r i c  t r a j e c t o r y  designed t o  send 
t h e  probe by t h e  Sun at a very c lose  d is tance .  The probe coas t s  on t h e  pos t -  
encounter t r a j e c t o r y ,  genera l ly  with r e l a t i v e l y  l a r g e  i n c l i n a t i o n  t o  t h e  e c l i p t i c  
plane,  t ransmit t ing  experimental and systems data  on command. During t h e  c l o s e  
s o l a r  flyby, a t  a  p e r i h e l i o n  on t h e  order  of 0.1 AU, key experimental measurements 
a r e  made and t r ansmi t t ed  t o  Earth. 

Figure 2-3 i l l u s t r a t e s  the  mission p r o f i l e .  A d e t a i l e d  sequence of 
events  i s  given i n  the next  subsect ion,  

2.1.2,3 Sequence of Events. The opera t ional  a spec t s  of  t h e  nominal mission 
p r o f i l e  a r e  out l ined by t h e  following sequence of events: 

1. Launch from t h e  A t l a n t i c  Miss i l e  Range wi th  Saturn V t o  a  185-km 
c i r c u l a r  E a r t h  parking o r b i t .  The v e h i c l e  f l i e s  a  two-dimensional 
ascent  t r a j e c t o r y  u t i l i z i n g  a sub-orbi ta l  s t a r t  of t h e  S-NB t h i r d  
stage. 

2. Coast i n  parking o r b i t  up t o  one o r b i t a l  per iod  u n t i l  t h e  proper 
p o s i t i o n - i s  a t t a i n e d  r e l a t i v e  t o  t h e  outgoing geocen t r i c  asymptote 
of  the r equ i red  escape hyperbola. 

3. Re-ignite  t h e  S-IVB s tage  f o r  i n j e c t i o n  i n t o  t h e  heLiocent r ic  t r a n s f e r  
t r a j e c t o r y .  J e t t i s o n  S-TVB, Instrument Unit ,  and spacec ra f t  adapter  
and i n i t i a t e  automatic a t t i t u d e  s t a b i l i z a t i o n .  Search and t a r g e t  
acquisi t%on mode i s  i n i t i a t e d  f o r  Ear th  sensors and s t a r  t r ackers .  
In te rp lane ta ry  experiments a r e  i n i t i a t e d ,  . 
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4. Regular t ransmiss ion  i s  made of housekeeping da t a  f o r  o r b i t e r  and 
s o l a r  probe and i n t e r p l a n e t a r y  experiments da t a  dur ing  h e l i o c e n t r i c  
coas t  mode. 

5. The f i r s t  midcourse c o r r e c t i o n  i s  executed a t  10 days a f t e r  i n j e c t i o n .  
Spacecraf t  r e t u r n s  t o  h e l i o c e n t r i c  c o a s t  mode. 

6. Canopus cone a n g l e  i s  up-dated a t  100-day i n t e r v a l s .  

7 .  Second midcourse c o r r e c t i o n  i s  executed a t  approximately 330 
days a f t e r  i n j e c t i o n .  

8. Transmit from Ear th  t h e  s e p a r a t i o n  maneuver da t a  t o  s p a c e c r a f t  
computers and i n i t i a t e  s epa ra t ion  sequence p r o g r a m e r  and t imes  
upon a r r i v a l  a t  t h e  Jovian  sphere of  in f luence .  

-- 9. Perform s e p a r a t i o n  inc luding  J u p i t e r  o r b i t e r  approach maneuver 
us ing  midcourse propuls ion  system. 

10. Sola r  probe e s t a b l i s h e s  h e l i o c e n t r i c  c o a s t  o r i e n t a t i o n  wi th  s o l a r  
and Canopus lock. During J u p i t e r  swingby, Sun o c c u l t a t i o n  may 
occur and s g l a r  lock must be reaccquired.  

11. Ac t iva t e  main braking  propuls ion  system aboard t h e  o r b i t e r  v e h i c l e  
f o r  Jov ian  capture .  I g n i t e  mainstage propuls ion  f o r  r e t r o  maneuver. 
Tracking from Ear th  v e r i f i e s  Jovian  o r b i t .  

12. On-s ta t ion  experimentat ion i s  i n i t i a t e d  i n  cap tu re  o r b i t  and d a t a  
i s  s t o r e d  f o r  l a t e r  t ransmission.  On-board senso r s  ma in t a in  proper  
v e h i c l e  o r i e n t a t i o n  wi th  r e s p e c t  t o  J u p i t e r .  

13. A t  pre-programmed time (probably nea r  apojove)  t h e  o r b i t e r  t e rmina te s  
experiments,  i n i t i a t e s  search  mode, a c q u i r e s  Ea r th ,  and t r a n s m i t s  
s t o r e d  data .  Experiment-on mode i s  r e -e s t ab l i shed .  

14. I f ,  f o r  a p a r t i c u l a r  mission i t  i s  determined t h a t  a c l o s e  approach 
t o  a Jov ian  moon w i l l  occur ,  t h e  o r b i t e r  w i l l  be commanded t o  
proper  a t t i t u d e  and t h e  t e l e v i s i o n  system a c t i v a t e d  f o r  a s p e c i f i e d  
p e r i o d  of  t ime dur ing  moon encounter.  Automatic r e t u r n  t o  coas t  
mode i s  followed by t ransmiss ion  of images t o  Earth.  

15. Deplet ion of a t t i t u d e  c o n t r o l  p r o p e l l a n t s  marks end of u s e f u l  
o r b i t e r  l i f e .  

16. A f t e r  J u p i t e r  encounter  t h e  s o l a r  probe beg ins  r e t u r n  h e l i o c e n t r i c  
coas t  and r e g u l a r l y  t r a n s m i t s  housekeeping and experiments da ta .  

17. A t  approximately 0.6 AU from t h e  Sun, t h e  s o l a r  probe breaks  
Canopus lock  and begins  a c o n t r o l l e d  o r i e n t a t i o n  toward t h e  Sun. 

18. Experiments d a t a  a r e  t r a n s m i t t e d  dur ing  f avorab le  geometr ic  c o n s t e l -  
l a t i o n s  throughout s o l a r  f l yby ,  Deple t ion  o f  a t t i t u d e  c o n t r o l  
p r o p e l l a n t s  a f t e r  c l o s e s t  s o l a r  approach marks end of  probe use fu lnes s .  
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2.1.3 He l iocen t r i c  Tra jec tory  Analysis  

The J u p i t e r  o r b i t e r j s o l a r  probe mission, from a  f l i g h t  mechanics stand- 
point ,  can be  analyzed i n  four phases: 

- -1, The geocentr ic  o r  Earth-launch phase, - - % 

2. The Ear th- to-Jupi ter  h e l i o c e n t r i c  phase, 
3, The p lane tocen t r i c  phase a t  J u p i t e r ,  and 
4. The post-encounter,  Jupiter-Sun phase of t h e  s o l a r  probe h e l i o c e n t r i c  

o r b i t .  

This  subsect ion  p resen t s  an ana lys i s  of t h e  h e l i o c e n t r i c  phase of f l i g h t  (2 .  and 
4, above). The h e l i o c e n t r i c  t r a j e c t o r i e s  a r e  considered f i r s t  s ince  t h e i r  
c h a r a c t e r i s t i c s  must be known before the  geocen t r i c  and p lane tocen t r i c  f l i g h t  
f o r  t h e  mission can be completely analyzed. 

2.1.3.1 Ear th-Jupi ter  Transfers .  A s  w i l l  be shown l a t e r ,  t he  c h a r a c t e r i s t i c s  
of s o l a r  probe o r b i t s  based on J u p i t e r  swingbys a r e  dependent e s s e n t i a l l y  on two 
f a c t o r s :  

1. The J u p i t e r  a r r i v a l  condi t ions  i n  t h e  Ear th-Jupi ter  t r a n s f e r  
t r a j e c t o r y ,  and - - - -  - - 

- - - A The aiming po in t  a t  t h e  Jov-ian sphere of influence. 

The complete Ear th-Jupi ter  t r a n s f e r  t r a j e c t o r y ,  including a r r i v a l  condi t ions ,  
may be determined f o r  a  spec i f i ed  p a i r  of Earth-departure and Jov ian-a r r iva l  
dates.  The procedure i s  t o  a n a l y t i c a l l y  determine t h e  Keplerian h e l i o c e n t r i c  
e l l i p s e  t h a t :  (1) conta ins  the  p o s i t i o n s  of t h e  p l a n e t s  on t h e  spec i f i ed  da tes ,  
and (2)  s a t i s f i e s  t h e  t iming defined by t h e  d i f fe rence  between t h e  two da tes  
( t r a n s f e r  time). This  procedure i s  i d e a l l y  s u i t e d  t o  high-speed computer 
hand1 ing  . 

Reference 2 conta ins  t h e  t a b u l a r  r e s u l t s  of extens ive ,  sys temat ic  
computer computations of Ear th-Jupi ter  t r a n s f e r  t r a j e c t o r i e s  f o r  t h e  1970-1980 
time period. This work was used a s  a source f o r  the  b a s i c  t r a n s f e r  data. requi red  
t o  analyze t h e  Ear th-Jupi ter  l eg  of t h e  J u p i t e r  o r b i t e r j s o l a r  probe mission. 

O f  fundamental importance t o  t h e  mission a n a l y s i s  a r e  t h e  Earth-departure 
and J u p i t e r - a r r i v a l  energies  a s soc ia ted  wi th  t h e  h e l i o c e n t r i c  t r a j e c t o r i e s .  

- 

During each launch opportunity t h a t  occurs once f o r  each synodic per iod  (approximately 
13 months), a  period of consecutive days e x i s t s  during which t h e  depar ture  
energy requirements a r e  wi th in  t h e  Saturn  V capab i l i ty .  A d i r e c t  measure of 
t h e  depar ture  energy i s  t h e  so-ca l led  hyperbolic-excess speed, \ i H ~ ,  a t  Ear th  
escape. This  quant i ty  i s  the  speed t h e  spacec ra f t  must have r e l a t i v e  t o  t h e  Ear th  
i n  excess of t h a t  r equ i red  t o  escape onto a  given t r a n s f e r  t r a j e c t o r y .  The 
depar ture  energy i s  sometimes expressed by the  parameter Cg defined a s  twice 
t h e  t o t a l  spacecraf t  energy per  u n i t  mass where Cg = v&. 

The energy of t h e  spacecraf t  wi th  r e spec t  t o  J u p i t e r  a t  a r r i v a l  i s  
measured by t h e  hyperbolic-excess speed a t  a r r i v a l ,  VHp. This  i s  t h e  speed 
of t h e  spacecraf t  r e l a t i v e  t o  J u p i t e r  a t  e n t r y  i n t o  t h e  p l a n e t ' s  sphere of 
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influence.  The performance requirements f o r  Jovian capture  and t h e  c h a r a c t e r i s t i c s  
of the  post-encounter s o l a r  probe o r b i t  a r e  dependent on t h e  magnitude of V HP' 

Based on t h e  data  of reference  2, F igure  2-4 p resen t s  t h e  v a r i a t i o n  of 
t h e  depar ture  and a r r i v a l  hyperbolic-excess speeds over t h e  1970-1980 decade f o r  
500-day Ear th-Jupi ter  t r a n s f e r s  and t y p i c a l  20-day launch periods; A s  w i l l  be 
shown l a t e r ,  r e l a t i v e l y  f a s t  ( t y p i c a l l y  500 550-day) t r a n s f e r s  a r e  requi red  f o r  
t h e  combined J u p i t e r  o r b i t e r l s o l a r  probe mission. The hyperbolic-excess speeds 
a r e  shown i n  Figure 2-4 a s  a  f r a c t i o n  of  t h e  Ear th  mean o r b i t a l  speed (EMOS = 29.78 
km/sec). The v a r i a t i o n  of a r r i v a l  speeds i s  seen t o  be much more p-ronounced over 
t h e  decade than the  depar ture  speed v a r i a t i o n ,  For 500-day t r a n s f e r s ,  the  combined 
e f f e c t s  of departure and a r r i v a l  energies  a r e  such t h a t  t h e  b e s t  mission performance 
o p p o r t u n i t i e s  occur dur ing  t h e  1972-1976 time period. The l a t t e r  years  i n  t h e  
decade a r e  t h e  most demanding from t h e  mission performance standpoint .  However, 
t h e  e f f e c t  of higher a r r i v a l  energies  e a r l y  and l a t e  i n  t h e  decade permits  t h e  use 
of  longer Ear th-Jupi ter  t r a n s f e r s  times t o  achieve t h e  0.1 AU s o l a r  flyby. The 
longer t r a n s f e r  t i m e s  tend t o  ease t h e  performance requirements f o r  t h e  l a t t e r  
years. These t r a d e o f f s  w i l l  be discussed i n  more d e t a i l  i n  subsequent sec t ions  
o f  t h e  mission ana lys i s .  

F igures  2-5, 2-6, and 2-7 show t h e  ~ a r t h - d e p a r t u r e '  and J u p i t e r - a r r i v a l  
hyperbolic-excess speeds a s  funct ions  of departure da te  and e r a n s f e r  time f o r  " 
t h e  1972, 1975, and 1978 oppor tuni t ies ,  respect ive ly .  For each opportunity,  
t h e  depar ture  speed fs seen t o  reach a  minimum during t h e  launch per iod  f o r  a  
given t r a n s f e r  time, whereas the  a r r i v a l  speed con t inua l ly  decreases ac ross  the  
period.  The e f f e c t  of t h i s  t rend i n  a r r i v a l  energy ac ross  t h e  launch per iod  on 
t h e  s o l a r  probe o r b i t  c h a r a c t e r i s t i c s  w i l l  be shown l a t e r .  

Communication Distance. An important parameter i n  t h e  mission a n a l y s i s  i s  t h e  
communication d i s t ance  between t h e  spacec ra f t  and Ear th  f o r  which the  onboard 
communication system must be designed. The d is tance  between t h e  Ear th  and 
J u p i t e r  a t  opposi t ion v a r i e s  because of the  e c c e n t r i c i t i e s  of t h e  p lane ta ry  
o r b i t s  but  has a  minhum poss ib le  va lue  of 3.93 AU. The maximum poss ib le  Earth- 
J u p i t e r  d i s t ance  i s  6.47 AU. For t h e  f a s t  Ear th - Jup i t e r  t r a n s f e r s  under con- 
s i d e r a t i o n  t h e  Earth-spacecraft  d i s t ance  a t  J u p i t e r  a r r i v a l  w i l l  be t y p i c a l l y  
4 t o  4.5 AU. However, because the  J u p i t e r  o r b i t e r  w i l l  be designed f o r  an 
opera t iona l  l i f e  i n  cap tu re  o r b i t  of t y p i c a l l y  90 days, the  communication d i s t ance  
f o r  o r b i t e r  system des ign purposes w i l l  be approximately 6  AU. 

P lanetary  Cons te l l a t ion  a t  J u p i t e r  Ar r iva l .  The Sun is a  potent  source of r a d i a t i o n .  
t h a t  can cause blackout i n  communications with t h e  spacec ra f t  i f  t h e  vehic le-  
Ear th  l ine-of-s ight  5s within  about two degrees of t h e  Sun. For mission 
a n a l y s i s  purposes, t h i s  cons t ra in t  on t h e  h e l i o c e n t r i c  t r a j e c t o r y  design i s .  
considered a t  time'of J u p i t e r  a r r i v a l .  F igure  2-8 i s  a p l o t  of t h e  h e l i o c e n t r i c  
longi tude  of Earth a& J u p i t e r  a t  J u p i t e r  a r r i v a l  a s  func t ions  of depar ture  d a t e  
f o r  t h e  1975 launch opgortunity.  Curves a r e  shown f o r  t r a n s f e r  times of 500, 
540, and 600 days, The slopes of t h e  longitude curves f o r  t h e  Ear th  a r e  seen t o  
be r e l a t i v e l y  la rge  compared t o  the  J u p i t e r  curves, This  means t h a t  a  l ine-of-  
s i g h t  occu l t a t ion  w i l l .  occur only f a r  a  b r i e f  time (on t h e  order  of two days). 
Therefore, i f  an o c c u l t a t i o n  is  found t o  occur during any chosen launch per iod ,  
t h e  problem can be avs ided  by planning a  hold per iod  u n t i l  t h e  launch time 
wi th in  t h e  occultatitran deadband passes.  
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2.1.3.2 S o l a r  Probe Orbi t  Analysis .  The h e l i o c e n t r i c  b a l l i s t i c  t r a j e c t o r y  of 
a s p a c e c r a f t  can be g r e a t l y  a l t e r e d  i f  t h e  v e h i c l e  pas ses  through t h e  g r a v i -  
t a t i o n a l  f i e l d  of a p lane t .  This  i n f luence  can be employed t o  a  very  s i g n i f i c a n t  
advantage  f o r  c e r t a i n  c l a s s e s  of miss ions  where energy and/or  time cha rac t e r -  
istics o f  t h e  f l i g h t  p r o f i l e  can be a t t r a c t i v e l y  improved by a  l l g r a v i t y - a s s i s t f l  . 
t r a  j e c t c ,  

The concept of a  c l o s e  s o l a r  probe a s  a  combination payload wi th  a  J u p i t e r  
o r b i t e r  9s based on t h e  f a c t  t h a t  t h e  s t rong  Jovian  g r a v i t a t i o n a l  f i e l d  can be , 
used t o  r a d i c a l l y  a l t e r  t h e  h e l i o c e n t r i c  Ea r th - Jup i t e r  t r a j e c t o r y  t o  a l low t h e  
probe ta f r e e - f a l l  back c l o s e  t o  t h e  Sun a t  p e r i h e l i o n .  The e f f e c t  of a n  
encount= w i t h  J u p i t e r  on t h e  h e l i o c e n t r i c  t r a j e c t o r y  i s  i l l u s t r a t e d  by t h e  
v e l o c i t y  v e c t o r  diagrams i n  F igure  2-9. Although both d i r e c t  and r e t r o g r a d e  
encomt-s a r e  always poss ib l e ,  t h e  r e t r o g r a d e  swingby i s  necessary t o  produce 

, a hel iocksnt r ic  o r b i t  wi th  a  p e r i h e l i o n  c l o s e  t o  t h e  Sun. The d i r e c t  encounter  
is r e q u i r e d  f o r  miss ions  t o  t h e  o u t e r  p l a n e t s  o r  f o r  s o l a r  system escape. 
The follmwing b r i e f  d i scuss ion  of both types  of  encounters  i s  h e l p f u l  i n  under- 
s tan&ng t h e  n e c e s s i t y  of r e t rog rade  swingbys f o r  t h e  J u p i t e r  o r b i t e r / s o l a r  
probe miss ion .  Th i s  d i scuss ion  a l s o  a i d s  i n  understanding t h e  s o l a r  probe o r b i t  
d a t a  t o  be presented  based on a  d i g i t a l  compurrer s imu la t ion .o f  J u p i t e r  swingby 
t r a j e c t o r i e s .  

First cons ider  t he  case  of a  d i r e c t  encounter.  The y e l o c i t y  v e c t o r  d i a -  
gram P o r r h e  d i r e c t  encounter (Fig. 2-9a) shows t h e  v e l o c i t y  '.Tp of J u p i t e r  about t h e  
Sun, and  t h e  v e l o c i t y  vec to r  fA on t h e  Ea r th - Jup i t e r  t r a n s f e r  t r a j e c t o r y  a t  
a r r i v a l ,  The hyperbol ic-excess  o r  r e l a t i v e  v e l o c i t y  V H ~  of t h e  probe wi th  r e s p e c t  
t o  Jq i te r - i s  determined by t h e  v e c t o r  d i f f e r e n c e ,  

as sham i n  the+diagram. The d i r e c t i o n  of t h e  incoming hyperbol ic  asymptote 
. i s  t h a t  af t h e  VHp vec to r .  The e f f e c t  of t h e  d i r e c t  encounter i s  t o  r o t a t e  t h e  
hyperboLEc-excess v e l o c i t y  v e c t o r  i n  a  counterclockwise d i r e c t i o n  through an  
a n g l e  2 & d i n e d  by t h e  expression 

2 
VHP r -1 - 1 

a. = " - 2 cos ( 1  + -+) 

where Vw is  t h e  hyperbol ic-excess  speed, r i s  t h e  d i s t a n c e  of c l o s e s t  
approach t o  t h e  p l a n e t ,  and GM is  t h e  s g r a v i t a t i o n a l  cons tan t .  The 
re-directzed h y p e r b o l i c - e y s s  v e l o c i t y  i s  l abe l ed  VHD i n  F igure  2-9a. Now t h e  
p o s t - e n m n t e r  v e l o c i t y  VD of t h e  probe wi th  r e s p e c t  t o  t h e  Sun i s  determined 
by re-combining t h e  hyperbol ic-excess  v e l o c i t y  wi th  t h e  p l a n e t ' s  v e l o c i t y ;  
i-e., 

As i n d i c a t e d  by t h e  v e l o c i t y  diagram, t h e  d i r e c t  encounter  r e s u l t s  i n  both an 
inc rease  i n  t h e  h e l i o c e n t r i c  v e l o c i t y  of t h e  probe and i t s  h e l i o c e n t r i c  energy. 
The change i n  energy AE per  u n i t  mass wi th  r e s p e c t  t o  t h e  Sun i s  g iven  by t h e  
equat ion 
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Figure 2-9. VELOCITY VECTOR DIAGRAMS FOR DIRECT AND RETROGRADE PLANETARY SWINGBYS 
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It i s  ev iden t  t h a t  t h e  i n c r e a s e s  i n  h e l i o c e n t r i c  v e l o c i t y  and energy of  t h e  
probe r e s u l t i n g  from a d i r e c t  swingby of J u p i t e r  w i l l  n o t  produce a  pos t -  
encounter t r a j e c t o r y  w i t h  a  p e r i h e l i o n  nea r  t h e  Sun. I t - s h o u l d  be noted cha t  - 
energy w i t h  r e s p e c t  t o  t h e  p l a n e t  during encounter  i s  conserved; i . e . ,  $he 
hyperbol ic-excess  v e l o c i t y  i s  changed i n  d i r e c t i o n  b u t  no t  magnitude ( I v  I '= 
+ HD 

lvHp 1 ) *  

Now cons ider  t h e  v e l o c i t y  diagram f o r  t h e  r e t r o g r a d e  encounter  (Fggure 
2-9b). I n  t h i s  case  t h e  r o t a t i o n  of  t h e  a r r i v a l  hyperbol ic-excess  v e l o c i t y  f H P  
i s  i n  t h e  clockwise d i ~ e c t i o x .  When t h e  r o t a t e d  v e c t o r  VHD i s  combined w i t h  
t h e  p l a n e t ' s  v e l o c i t y  Vp, t h e  r e s u l t i n g  post-encounter  h e l i o c e n t r i c + v e l o c i t y ,  -+ 
VD, i s  reduced i n  magnitude from t h e  a r r i v a l  h e l i o c e n t r i c  v e l o c i t y  VA. 
Therefore t h e  energy of t h e  probe w i t h  r e s p e c t  t o  t h e  Sun i s  reduced accord ing  
t o  equat ion(4) .  Th i s  means t h a t  post-encounter  t r a j e c t o r i e s  can be  achieved 
w i t h  p e r i h e l i o n  d i s t a n c e s  poss ib ly  very  c l o s e  t o  t h e  Sun. 

On t h e  b a s i s  of t h e  preceding d i scuss ion ,  i t  i s  apparent  t h a t  two f a c t o r s  
determine t h e  c h a r a c t e r i s t i c s  of t h e  post-encounter  s o l a r  probe t r a j e c t o r y :  
-- - - - 

1. The J u p i t e r  a r r i v a l  cond i t i ons  i n  t h e  E a r t h - J u p i t e r  t r a n s f e r  
t r a j e c t o r y .  

2. The aiming p o i n t  a t  t h e  sphere of in f luence .  

F i r s t ,  t h e  a r r i v a l  cond i t i ons  ig t h e  E a r t h - J u p i t e r  t r a n s f e r  d i r e c t l y  determine 
t h e  hyperbol ic-excess  v e l o c i t p V ~ p .  The magnitude of t h i s  v e c t o r  i s  a  measure 
of t h e  amount of h e l i o c e n t r i c  ;nergy t h a t  'can be  taken  from t h e  probe by t h e  swing- 
by. Th i s  i s  t r u e  s i n c e  VHp i s  r o t a t e d  dur ing  t h e  swingby t o ,  i n  e f f e c t ,  'loppose" 
J u p i t e r f s  v e l o c i t y  v e c t o r  which remains p r a c t i c a l l y  cons tan t  r e l a t i v e  t o  a  
coord ina te  frame f i x z d  a t  J u p i t e r ' s  c e n t e r  r o t a t i n g  about  t h e  Sun. Theorc$tically, 
i f  f o r  a  g iven  case  VHp were equal  i n  magn2tude co t h e  p l a n e t r s  v e l o c i t y  V p ,  and 
were d i r e c t e d  by t h e  swingby t o  e x a c t l y  oppose Fp, then  t h e  post-encounter  
h e l i o c e n t r i c  v e l o c i t y  would be zero. The probe would then  f a l l  d i r e c t l y  i n t o  
t h e  Sun. The miss ion  parameters  t h a t  determine t h e  magnitude of THP a r e  t h e  
E a r t h - J u p i t e r  t r a n s f e r  t ime and t h e  launch da te .  

The second f a c t o r  of importance t h a t  determines t h e  post-encounter  
t r a j e c t o r y ,  a s  s t a t e d  above, i s  t h e  aiming p o i n t  a t  t h e  Jovian  sphere of 
in f luence .  Th i s  p o i n t  may, i n  e f f e c t ,  be de f ined  by spec i fy ing  t h e  m i s s  d i s t a n c e  
B and t h e  i n c l i n a t i o n  of t h e  p lane  o f  t h e  encounter  hyperbola w i th  r e s p e c t  t o  a  
r e f e rence  p l a n e  such a s  J u p i t e r ' s  o r b i t a l  plane. The miss  d i s t a n c e  i s  de f ined  
as t h e  perpendicular  d i s t a n c e  from t h e  incoming asymptote t o  t h e  c e n t e r  of t h e  
p l ane t .  The aiming p o i n t ,  t h e r e f o r e ,  determines:  (1 )  t h e  bend ang le  through 
which t h e  hyperbol ic-excess  v e l o c i t y  v e c t o r  w i l l  be  r o t a t e d ,  and (2)  t h e  p l ane  of 
r o t a t i o n .  

F o r  c e r t a i n  k inds  of i n t e r p i a n e t r y  guidance laws, t h e  aiming p o i n t  may be 
convenient ly expressed in terms of a  3 v e c t o r  model. +The magnitude of  i s  t h e  
m i s s  d i s t a n c e  p rev ious ly  discussed.  Therefore ,  che B v e c t o r  has  i t s  o r i g i n  a t  
t h e  c e n t e r  of  t h e  p l a n e t  and i s  normal t o  t h e  inconing asymptote. A r e c t a n g u l a r  
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C a r t e s i a n  coozdinate  system i s  e s t a b l i s h e d  w i t h  o r i g i n  a t  t h e  p l a n e t ' s  c e n t e r  
and  one a x i s  S ( u n i t  y e c t o r l  d i r e c t e d  along t h e  incoming asymptote. The o t h e r  
two or thogonal  axes,  T  and R ,  form a  p lane  t h a t  con ta ins  t h e  5 vec to r .  These 
a x e s  can be  a r b i t r a r i l y  o r i e n t e d  w i t h  r e s p e c t  t o  some r e fe rence  p lane  such a s  
t h e  e c l i p t i c .  Thus, t h e  aiming p o i 2 t  c3n be s jpecjf ied by t h e  components of t h e  
8 v e c t o r  g iven  by t h e  do t  products  B T and B R. These components a r e  
d i r e c t l y  r e l a t e d  t o  t h e  d i s t a n c e  rp of c l o s e s t  approach t o  t h e  p l a n e t  and t h e  - -  

i n c l i n a t i o n  i h  of t h e  encounter  hyperbola. The l a t t e r  parameters  were chosen f o r  
development of a  computer program t o  ana lyze  t h e  mechanics of t h e  s o l a r  probe 
o r b i t  based on J u p i t e r  swingbys. 

Computer Program . To provide  a r e a l l s t i c  s imu la t ion  of  s o l a r  probe t r a j e c t o r i e s  
r e s u l t i n g  from J u p i t e r  swingbys, a  d i g i t a l  computer program was developed under 
t h e  fo l lowing  g u i d e l i n e s  and assumptions: 

1. A three-dimensional  s o l a r  system i s  assumed based on non-coplanar 
e l l i p t i c a l  p l a n e t a r y  o r b i t s .  

2. The probe i s  assumed t o  be under t h e  g r a v i t a t i o n a l  i n f luence  of only 
one body a t  a  time. 

3. Mathematically,  r e l a t i v e  t o  a  h e l i o c e n t r i c  r e f e rence  frame, t h e  
mingby a t  J u p i t e r - i s  assumed t o  occur  i n s t an t aneous ly  on t h e  d a t e  
of  a r r i v a l  a t  t h e  p-lanet. 

4. The E a r t h - J u p i t e r  t r a j e c t o r y  c h a r a c t e r i s t i c s  a r e  based on da t a  from 
re fe rence  2  p rev ious ly  d iscussed  i n  subsec t ion  2.1.3.1. 

The a n a l y t i c a l  approach implemented by t h e  computer r o u t i n e  i s  o u t l i n e d  
as fo l lows:  

1. The a r r i v a l  cond i t i ons  i n  t h e  E a r t h - J u p i t e r  t r a n s f e r  t r a j e c t o r y  a r e  
s p e c i f i e d  a s  i n p u t  parameters  from t h e  da t a  of r e f e r e n c e  2. For a  
given launch d a t e  and t r a n s f e r  t ime,  t h e  a r r i v a l  cond i t i ons  a r e  
def ined  by t h e  h e l i o c e n t r i c  v e l o c i t y  magnitude and f l i g h t  p a t h  ang le ,  
and t h e  i n c l i n a t i o n  of  t h e  t r a n s f e r  p lane  wi th  r e s p e c t  t o  J u p i t e r f s  
o r b i t a l  plane. The p o s i t i o n  and v e l o c i t y  of J u p i ~ e r  on t h e  a r r i v a l  
d a t e  i n  t h e  h e l i o c e n t r i c  e c l i p t i c  coo rd ina t e  system a r e  s p e c i f i e d  
as i n p u t s  from ephemeris da ta .  For  a  g iven  case ,  t h e  only  remaining 
inpu t  parameters  a r e  t h e  sphere-of - inf luence  aiming p o i n t  in format ion  
def ined ,  i n  e f f e c t ,  by a  d i s t a n c e  of  c l o s e s t  approach t o  J u p i t e r  and 
a n  i n c l i n a t i o n  of  t h e  encounter hyperbola.  I n c l i n a t i o n  i s  measured 
as viewed from t h e  ascending node of t h e  encounter  hyperbola a s  an  
ang le  between O 0  and 180' wi th  r e s p e c t  t o  J u p i t e r f s  o r b i t a l  plane. 
Therefore,  f i r s t  quadrant  ang le s  a r e  d i r e c t  encounters  and second 
quadrant  ang le s  a r e  r e t r o g r a d e  encounters ,  

2. On t h e  b a s i s  of t h e  Ea r th - Jup i t e r  t r a n s f e r  a r r i v a l  cond i t i ons  and t h e  
g u p i t e r  p o s i t i o n  and v e l o c i t y  a t  a r r i v a l ,  t h e  hyperbol ic-excess  v e c t o r  
VHP r e l a t i v e  t o  J u p i t e r  i s  c a l c u l a t e d  i n  a  coo rd ina t e  system shown by 
F igu re  2-10. The r e c t a n g u l a r  C a r t e s i a n  system i s  cen te red  a t  J u p i t e r  
w i th  t h e  X a x i s  d i r e c t e d  a long  t h e  Sun-Jupi te r  l i n e  and t h e  Z a x i s  i n  
t h e  p o s i t i v e  angu la r  momentum d i r e c t i o n  of  t h e  p l a n e t ' s  motion about  
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the Sun. The Y axis completes the right-handed system. Since the 
X axis does not move essentially during the swingby, the X, Y, Z 
frame is simply a heliocentric frame translated to Jupiter's center. 

The post-encounter hyplrbolic-excess velocity Tm is determined from 
the incoming velocity VHp by transforming the computation to a 
rectangular Cartesian coordinate system in the plane of the swingby 
trajectzry. In this system one axis is directed along the incoming 

' 

vector VHp, a second axis is constructed normal t6 the swingby 
plane, and the third axis completes a right-handed system. For a 
given encounter plane inclination there exist two hyperbola planes. 
that contain the incoming velocity vector THp . Therefore, there 
are two solutions to the swingby trajectory as'shown by Figure 2-10 
and illustrated by Figure 2-11. For example, an inclination of 170°,. . 
includes the two retrograde hyperbolas inclined lo0 above and below ' 

Jupiterfs orbital plane on the approach side of the planet. Generally 
these two solutions are nearly symmetrical dynamically, depending on 
the arrival conditions at Jupiter; therefore, one solution can be 
chosen for mission analysis purposes. 

Thus, for a specified encou3ter plane inclination, the post-encounter 
hyperbolic-excess velocity VHD is detymined in the plane of the 
encounter hyperbola as a function of VHp and the bend angle, - - t 

equation (2), calculated from the swingby distance. Actually, as 
shown by Figure 2-LO, the two solutions result in two post-encounter 
vectors, ?rnl and VHD~. 

+ 
4. The post-encounter vector VHD is transformed back to the Jovian 

X, Y, Z reference frame and combined with the planetfs heliocentric 
velocity (transformed f rcm <he ecliptic system) to give the post- 
encounter heliocentric velocity. The post-encounter heliocentric 
position may be taken as Jupiterfs position at encounter. 

5. The post-encounter velocity and position vectors are transformed to 
the heliocentric ecliptic system and used to compute the elements 
of the new heliocentric trajectory. Two-body orbital mechanics are 
used to compute the semi-major axis, eccentricity, perihelion distance, 
true anomaly at post-encounter, trajectory plane inclination, 
transfer time from Jupiter to perihelion, and time from Earth 
departure to perihelion. 

Numerical Results of Solar Probe Orbit Analysis. Before discussion of the 
characteristics of solar probe trajectories obtained for the mission analysis, 
it is of interest to observe the relationships among the parameters that detefmine 
the in-plane characteristics of the swingby hyperbola at Jupiter. Figure 2-12 shows 
the miss distance B plotted as a function of the swingby distance for a range of 
hyperbolic excess speeds at arrival. For an arrival speed of about 0.4 EMOS, 
typical of the missions under consideration, the miss distance is seen to vary 
from approximately 10 to 30 Jovian radii depending on swingby distance. 

Figure 2-13 presents the relationship between the bend angle through 
which the hyperbolic-excess vector is rotated during encounter and the swingby 
distance. As in the case of the miss distance, the bend angle is a function of 
the arrival' excess speed. For the typical speed of 0.4 EMOS, the bend angle 
varies from about 45 to llOO. 
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Now cons ider  t h e  r e s u l t s  of numerous swingby t r a j e c t o r y  computations 
performed w i t h  the  p rev ious ly  descr ibed  computer program. F i r s t  we w i l l  summarize 
t h e  o v e r a l l  i n f l u n c e s  on t h e  s o l a r  probe o r b i t  by t h e  E a r t h - J u p i t e r  t r a n s f e r .  The 
genera l  t r e n d s  i n  mi s s ion  a n a l y s i s  terms can be seen by i n v e s t i g a t i n g  t h e  e f f e c t  
o f  Ea r th - Jup i t e r  t r a n s f e r  t ime on t h e  post-encounter  o r b i t .  Throughout t h e  
p r e s e n t a t i o n  t o  fo l low,  t h r e e  s o l a r  probe o r b i t  parameters  of primary i n t e r e s t  
a r e  considered:  (1) p e r i h e l i o n  d i s t ance ,  (2)  t r i p  t ime from E a r t h  depa r tu re  t o '  
s o l a r  f l y b y  a t  pe r ihe l ion ,  and (3 )  i n c l i n a t i o n  of t h e  s o l a r  probe o r b i t  p lane  with 
r e s p e c t  t o  t h e  e c l i p t i c  plane.  F igu re  2-14 shows t h e  e f f e c t  of  E a r t h - J u p i t e r  
t r a n s f e r  t ime on s o l a r  probe o r b i t  p e r i h e l i o n  a s  a  func t ion  of swingby d i s t a n c e  
a t  J u p i t e r .  Although t h e  curves a r e  based on a  s p e c i f i c  depa r tu re  d a t e  dur ing  
t h e  1975 oppor tuni ty ,  t h e  t r e n d s  a r e  t y p i c a l .  The f i g u r e  shows one of  t h e  most 
important  impacts t h a t  combining t h e  s o l a r  probe w i t h  t h e  o r b i t e r  h a s  on t h e  
J u p i t e r  c a p t u r e  mission. That i s  t h e  f a c t  t h a t  r e l a t i v e l y  f a s t  E a r t h - J u p i t e r  
t r a n s f e r s  are necessary  f o r  s o l a r  probe o r b i t s  t h a t  pas s  near  t h e  Sun, Therefore  
t h e  choice  o f  t r a n s f e r s  i s  much more r e s t r i c t e d  f o r  t h e  J u p i t e r  o r b i t e r / s o l a r  
probe miss ion  than f o r  a s t r a igh t fo rward  J u p i t e r  cap tu re  mission. F i g u r e  2-14 
a l s o  i n d i c a t e s  t h a t  f o r  a  g iven  Ea r th - Jup i t e r  t r a n s f e r  t ime, t h e r e  e x i s t s  a  
swingby d i s t a n c e  a t  J u p i t e r  t h a t  r e s u l t s  i n  a  minimum post-encounter  p e r i h e l i o n  
d i s t a n c e  f o r  a  given E a r t h  depa r tu re  date .  The f i g u r e  f u r t h e r  g ives  i n d i c a t i o n  
o f  t h e  s e n s i t i v i t y  o f  e r r o r s  i n  t h e  post-encounter  p e r i h e l i o n  a s  r e l a t e d  t o  e r r o r s  
i n  t h e  J o v i a n  swingby d is tance .  The shape of t h e  curves  i n d i c a t e s  t h a t  t h e  
p l a n e t a r y  guidance problem of achiev ing  a  d e s i r e d  s o l a r  probe o r b i t  p e r i h e l i o n  
by c o n t r o l l i n g  the t r a j e c t o r y  e r r o r s  a t  J u p i t e r  swingby i s  n o t  severe.  

The e f f e c t  of Ea r th - Jup i t e r  t r a n s f e r  t ime on t h e  t o t a l  t r i p  t ime from 
launch t o  s o l a r  f l y b y  i s  presented  i n  F igure  2-15. The f a s t  t r a n s f e r s  r e s u l t  i n  
a wider  v a r i a t i o n  i n  t o t a l  mission time over  t h e  range of swingby d i s t a n c e s  than  
do t h e  s lower t r a n s f e r s .  I n  gene ra l ,  c l o s e  Jovian  swingby d i s t a n c e s  a r e  d e s i r a b l e  
from a  t o t a l  f l i g h t  t ime s tandpoin t .  

F igu re  2-16 shows t h e  v a r i a t i o n  of  s o l a r  probe o r b i t  i n c l i n a t i o n  a s  a  
func t ion  o f  swingby d i s t a n c e  f o r  v a r i o u s  Ea r th - Jup i t e r  t r a n s f e r  times. The f a s t  
t r a n s f e r s  e x h i b i t  t h e  i n t e r e s t i n g  c h a r a c t e r i s t i c  of r e l a t i v e l y  l a r g e  i n c l i n a t i o n s  
w i t h  a  maximum value  occur ing  a t  a  c e r t a i n  swingby d i s t ance .  Th i s  i s  an  a t t r a c t i v e  
f e a t u r e  of t h e s e  o r b i t s  from the  s c i e n t i f i c  experiments s tandpoin t .  It i s  
p o s s i b l e ,  t he re fo re ,  t o  combine t h e  o b j e c t i v e s  of  an  o u t - o f - t h e - e c l i p t i c  miss ion  
w i t h  those  o f  the  c l o s e  s o l a r  probe mission.  

The preceding f i g u r e s  r e f l e c t  t h e  e f f e c t s  of Ea r th - Jup i t e r  t r a n s f e r  t i n e  
and  Jovian  swingby d l s t a n c e  on t h e  s o l a r  probe o r b i t  c h a r a c t e r i s t i c s .  F igu res  
2-17 and 2-18 show t h e  genera l  e f f e c t  of t h e  i n c l i n a t i o n  of  t h e  encounter hyperbola 
on s o l a r  probe  o r b i t  p e r i h e l i o n  and i n c l i n a t i o n  t o  t h e  e c l i p t i c ,  r e spec t ive ly .  
A d a t e  du r ing  the  1978 oppor tuni ty  was chosen f o r  t h e s e  i l l u s t r a t i o n s .  F i g u r e  
2-17 i n d i c a t e s  the  need f o r  a  Ifhighly1 r e t r o g r a d e  Jovian  encounter  i n  o r d e r  t o  
g e t  i n  c l o s e  t o  t h e  Sun a t  pe r ihe l ion .  I n  genera l  a  180-degree encounter  i n  
J u p i t e r ' s  o r b i t a l  p l a n e  5 s  no t  p o s s i b l e  s i n c e  t h e  a c u t e  ang le  t h e  encounter  
hyperbola p l a n e  makes wi th  t h e  J u p i t e r  o r b i t a l  p l ane  cannot be  l e s s  t han  t h e  
a b s o l u t e  v a l u e  of t h e  d e c l i n a t i o n  of t h e  incoming asymptote. However, t h i s  
d e c l i n a t i o n  i s  t y p i c a l l y  l e s s  than  about S o  f o r  t h e  Ea r th - Jup i t e r  t r a n s f e r s  under 
cons ide ra t ion ,  F i g u r e  2-17 shows t h a t  post-encounter  o r b i t s  can be achieved  
w i t h  p e r i h e l i o n s  r ang ing  p r a c t i c a l l y  from impact on t h e  Sun t o  something approaching 
c i r c u l a r i z a t i o n  a t  J u p i t e r f s  d i s t a n c e  under c e r t a i n  condi t ions .  An i n c l i n a t i o n  
of  140° would r e t u r n  t h e  probe t o  t h e  E a r t h ' s  o r b i t a l  d i s t ance .  F i g u r e  2-18 
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gives  a t y p i c a l  e f f e c t  of encounter hyperbola i n c l i n a t i o n  on t h e  post-encounter 
o r b i t  inc l ina t ion .  The encounter i n c l i n a t i o n  f o r  t h e  very c lose  s o l a r  f lybys  
do not  necessa r i ly  correspond t o t h e  maximum achievable post-encounter o r b i t  
i n c l i n a t i o n s  . 
Launch Date E f f e c t s  on Solar  Probe Orbi t  Design. The preceding d iscuss ion w i l l  " 
now be extended t o  cover t h e  e f f e c t s  of launch da te  on s o l a r  probe o r b i t  design. - 
Since t h e  i n i t i a l  da ta  presented was f o r  t h e  year  1975, t h e  same opportunity 
w i t 1  be discussed f i r s t  here. The 1972 and 1978 launch oppor tun i t i e s  a r e  chosen 
f o r  l a t e r  d iscuss ion as represen ta t ive  years  e a r l y  and l a t e  i n  t h e  1970-1980 time 
period. 

F igure  2-19 p resen t s  t h e  s o l a r  probe o r b i t  pe r ihe l ion  a s  a funct ion  of 
Jovian swingby d i s t ance  f o r  launch da tes  over a 50-day per iod  i n  1975. These 
curves are based on a 500-day Ear th-Jupi ter  t r a n s f e r  time and a 170-degree Jovian 
encounter p lane  inc l ina t ion .  The 244-2590 J u l i a n  da te  (27 June 1975) curve 
corresponds t o  the  500-day curve of Figure 2-14 presented e a r l i e r .  The e f f e c t  
o f  launch d a t e  i s  seen t o  vary t h e  mfnimum achievable pe r ihe l ion  ac ross  t h e  
period. For  example, a 0.1-AU o r b i t  i s  not  poss ib le  f o r  these  condi t ions  
(Earth-Jupiter  t r a n s f e r  time and encounter plane i n c l i n a t i o n )  a f t e r  t h e  da te  
244-2590. The e f f e c t  o f  longer Ear th-Jupi ter  t r a n s f e r  time' on the  launch per iod  
is shown i n  Figure 2-20. The t ~ a n s f e r  time of 540 days i s  seen t o  move t h e  e n t i r e  

' 

launch p e r i o d  above t h e  p o s s i b i l i t y  of a 0.1-AU mission. F igure  2-21 d i sp lays  
t h e  e f f e c t  of encounter plane i n c l i n a t i o n  on t h e  launch period s i t u a t i o n .  For 
500-day t r a n s f e r s  a 0.1-AU per ihe l ion  d i s t ance  i s  achievable over t h e  e n t i r e  
range of  E a r t h  depar ture  da tes  by going t o  a 175-degree encounter p lane  i n c l i n a t i o n .  
For a 0.1-AU mission, t h e  J u p i t e r  swingby dis tance  f o r  a given depar ture  da te  may be 
determined by cross ing t h e  family of  curves with a h o r i z o n t a l  l i n e  f o r  the  constant  
0-I-AU per ihe l ion  d is tance .  The swingby d i s t ance  i s  seen t o  increase  with l a t e r  
depar ture  d a t e s  ac ross  t h e  launch period. 

Figure 2-22 p resen t s  t h e  e f f e c t  of Earth depar ture  d a t e  on t o t a l  t r i p  
time from launch t o  s o l a r  f lyby f o r  500-day Ear th-Jupi ter  t r a n s f e r s  and a 170- 
degree encounter plane inc l ina t ion .  Generally, f o r  a given swingby d i s t a n c e  t h e  
t o t a l  t r i p  t ime decreases across  t h e  launch period. A s  ind ica ted  i n  t h e  f i g u r e ,  
t h e  t r i p  t ime f o r  a 0-I-AU per ihel ion  v a r i e s  from about 1120 t o  1505 days over t h e  
range o f  departure d a t e s  t h a t  permit a s o l a r  f lyby  a t  t h a t  d is tance .  The e f f e c t  
o f  decreasing t h e  encounter plane inc l inac ion ,  ih, c l o s e r  t o  J u p i t e r ' s  o r b i t a l  
plane i s  indica ted  by Figure 2 - 2 3  For 41 = 175O t h e  range of t r i p  times f o r  t h e  
0-I-AU mission is reduced t o  approximately 1070 t o  1210 days with launches 
poss ib le  over  the  complete range of  d a t e s  shown. It i s  seen t h a t  t h e  e f f e c t  of 
increas ing t h e  mission per ihe l ion  d i s t a n c e  i s  t o  f u r t h e r  reduce t h e  range of  
t r i p  times. Times f o r  a 0.2-AU mission range from 1010 t o  about 1080 days. 

Figures 2-24 and 2-25 i l l u s t r a t e  t h e  e f f e c t  o f  launch d a t e  on t h e  s o l a r  
probe o r b i t  i n c l i n a t i o n  with respect  t o  t h e  e c l i p t i c  plane. The i n c l i n a t i o n  i s  
seen t o  genera l ly  decrease  across  t h e  launch period. The l i n e s  of constant  
pe r ihe l ion  d is tance  show t h a t  t h e  c l o s e r  s o l a r  f lybys  a r e  charac ter ized  by l a r g e r  
i n c l i n a t i o n s  r e l a t i v e  t o  t h e  e c l i p t i c  plane. Both f i g u r e s  a r e  f o r  500-day Earth- 
J u p i t e r  t r a n s f e r s  w i t h  t he  J u p i t e r  encounter plane incl ' inat ion equal t o  170° i n  
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Figure 2-24, and 175O i n  Figure 2-25. The encounter  p lane  (175O) n e a r e r  J u p i t e r  Is 
o r b i t a l  p lane  i s  seen  t o  reduce t h e  s o l a r  probe o r b i t  i n c l i n a t i o n s  s i g n i f i c a n t l y .  

The c h a r a c t e r i s t i c s  of s o l a r  probe o r b i t s  v i a  t h e  J u p i t e r  swingby mode 
dur ing  t h e  1972 launch oppor tun i ty  a r e  presented  t n  F igures  2-26 through 2-30. - 
The e f f e c t s  of launch d a t e ,  Ea r th - Jup i t e r  t r a n s f  e r  t ime,  and sphere-of - i n£  luence 
aiming p o i n t  ( represented  by t h e  swingby d i s t a n c e  and i n c l i n a t i o n  of  t h e  encounter 
hype'rbola) a r e  i nd ica t ed .  Figure 2-26 shows t h e  p e r i h e l i o n  achievable  wi th  540- 
day  Ea r th - Jup i t e r  t r a n s f e r s  and an  encounter  p lane  i n c l i n a t i o n ,  ih, of  170°. 
F igure  2-27 i s  f o r  ih = 175O. As shown i n  F igure  2-28, a  500-day Ea r th - Jup i t e r  
t r a n s f e r  w i th  ih = 175O permi ts  s o l a r  f l y b y  d i s t a n c e s  l e s s  than  0.04-AU throughout 
t h e  range of  depa r tu re  da t e s .  The f l a t t e n i n g  e f f e c t  on t h e  curves  f o r  t h e  e a r l i e r  
depa r tu re  d a t e s  i s  caused by t h e  s o l a r  probe o r b i t  becoming r e t r o g r a d e  wi th  
r e spec t  t o  t h e  Sun f o r  swingby d i s t a n c e s  between about 6.5 and 11.5 Jovian  r a d i i .  
Figure 2-29 shows f o r  t h e  range of  depa r tu re  d a t e s  a  narrow range o f  t r i p  t imes 
(980-1050 days)  from launch t o  s o l a r  f l y b y  a t  a  0.1-AU p e r i h e l i o n  f o r  500-day 
Ea r th - Jup i t e r  t r a n s f e r s .  The r e t r o g r a d e  s o l a r  probe o r b i t s  mentioned above a r e  
shown i n  Figure  2-30. The i n c l i n a t i o n  i s  seen t o  exceed 90° e a r l y  dur ing  t h e  
launch per iod  f o r  a  range of  swingby d i s t a n c e s  cen te red  around 9  Jovian  r a d i i .  
Reference back t o  F igure  2-28 shows t h a c  t h e  r e t r o g r a d e  o r b i t s  correspond t o  
v e r y  c l o s e  s o l a r  f l yby  d i s t a n c e s  ( l e s s  than  0.04-AU). However, t h e  i n c l i n a t i o n  . z 

decreases  cons iderably  down t o  25-O-30° f o r  p e r i h e l i o n  d i s t a n c e s  around 0.1-AU. 

F igures  2-31 through 2-39 provide s o l a r  probe o r b i t  da t a  f o r  a  t y p i c a l  
launch oppor tun i ty  l a t e  i n  t h e  decade (19783 f o r  use  i n  a n  a n a l y s i s  o f  miss ion  
t r a j e c t o r y  and performance t r a d e o f f s  t o  be presented  l a t e r  i n  t h e  r e p o r t .  These 
n i n e  f i g u r e s  present  t h e  s o l a r  probe o r b i t  p e r i h e l i o n ,  t o t a l  t r i p  t ime,  and 
i n c l i n a t i o n  parameters i n  s i m i l a r  format t o  t h e  d a t a  p rev ious ly  g iven  f o r  t h e  
1972 and 1975 launch o p p o r t u n i t i e s .  F igures  2-31 through 2-33 p re sen t  d a t a  f o r  
500-day Ea r th - Jup i t e r  t r a n s f e r s ;  F igures  2-34 through 2-36 g i v e  s i m i l a r  d a t a  
f o r  540-day t r a n s f e r s ;  and Figures  2-37 thrsugh 2-39 show t h e  same parameters  f o r  
600-day t r a n s f e r s .  

F igure  2-31 i n d i c a t e s  a  s t r o a g  i2 f luence  of  r e t r o g r a d e  s o l a r  probe o r b i t s  
o n  p e r i h e l i o n  d i s t a n c e  f o r  t h e  500-day Ea r th - Jup i t e r  t r a n s f e r s .  The p e r i h e l i o n  
curves f o r  t h e  range o f  depa r tu re  d a t e s  a r e  seen t o  c r o s s  over  i n  t h e  reg ion  o f  
swingby d i s t a n c e s  t h a t  r e s u l t  i n  p o s t - e ~ c o u n t e r  r e t r o g r a d e  motion about  t h e  Sun. 
Figure 2-33 shows t h e  i n c l i n a t i o n  a s  a  func t ion  s f  swingby d i s t ance .  Retrograde 
o r b i t s  a r e  p o s s i b l e  over  p r a c t i c a l l y  t h e  e n t i r e  launch per iod  f o r  c l o s e  pe r i -  
h e l i o n  d i s t a n c e s .  However, it w i l l  b e  shown t h a t  t h e  performance requirements  
of t he  combined J u p i t e r  o r b i t e r / s o l a r  probe mission n e c e s s i t a t e  longer  Earth- 
J u p i t e r  t r a n s f e r  t ime than  500 days in 1978. 

Operat ional  Mode E f f e c t s  on S o l a r  Probe Orbi t  Design. A s  w i l l  be  d i scussed  i n  
more d e t a i l  i n  t h e  systems a n a l y s i s  of  subsec t ion  2.2, it i s  of  i n t e r e s t  from t h e  
o p e r a t i o n a l  mode and v e h i c l e  des ign  s t a n d p ~ i n t  t o  cons ide r  t h e  concept of  a  
cons tan t  g r o s s  mass s p a c e c r a f t  designed f o r  t h e  end p o i n t s  of  t h e  launch per iod .  
This mode of  ope ra t ion  uses  t h e  e x t r a  performance c a p a b i l i t y  o f  t h e  S a t u r n  V 
dur ing  t h e  launch per iod  t o  decrease  t h e  Ea r th - Jup i t e r  t r a n s f e r  time. S ince  t h e  
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arrival esergy a t  J u p i t e r  w i l l  vary wi th  t r a n s f e r  t ime, t h e  cap tu re  o r b i t  
eccenmic5zy  f o r  a f i x e d  p e r i j o v e  w i l l  have t o  be v a r i e d  t o  permit  cap tu re  
brakisg wi-ltlr the caztstant p r o p e l l a n t  loading of t h e  o r b i t e r  spacec ra f t .  F igu re  
2-40 pres-ts ow ex3mple a; la lysis  of t h e  cons tan t  s p a c e c r a f t  mass concept f o r  
t h e  1975 kiae:?~ch opporrunl ty .  "he top  f i g u r e  shows t h e  v a r i a t i o n  of Earth-  
Zupiter -nsfer t ime over  a 20-day launch pe r iod  f o r  a  12,000-lb n e t  i n j e c t e d  . 
mass [ t o t a l  spacec ra f t  i n c l u d i r g  launch v e h i c l e  adapter ) .  The t r a n s f e r  t ime i s  
see3 t o  vary from 502 days down t o  475 days, reaching  t h e  minimum n e a r  t h e  middle 
of the: ia*m.ch per iod ,  The botsom p l o t  of F igu re  2-40 g i v e s  t h e  s o l a r  probe o r b i t  
perihelLsm as a fuxe t fon  of swfngby d i s t a n c e  a t  J u p i t e r  f o r  launch d a t e s  over  
t he  1975 q p o r t u n i t y .  These curves d i f f e r  ( r e l a t i v e  t o  launch d a t e )  from t h e  
prev5aus p re sen ted  f o r  conscaqt Ea r th - Jup i t e r  t r a n s f e r  t imes.  For  a  g iven  
swingby &stance t h e  p e r i h e l i o n  d i s t a n c e  i s  l a r g e r  e a r l y  dur ing  t h e  launch p e r i o d  
and d e c r s o s s s  t o  a minimum f o r  t h e  f a s t e s t  t r a n s f e r  a t  t h e  middle of t h e  
lam& per",od, The p e r i h e l i o n  d i s t a n c e  then  inc reases  l a t e r  i n  t h e  launch p e r i o d  
as a tesulc o f  t h e  i a x = e a s i n g  t r a n s f e r  time. For  a  0.1-AU p e r i h e l i o n  miss ion ,  t h e  
requi red  Jupiter sw-r'ongby d i s t a n c e  i s  about  7 Jovian  r a d i i  a t  t h e  beginning of t h e  
Launch geead. It dec reases  t o  L.6 Jovfan r a d i i  a t  mid-period and i n c r e a s e s  
a g a b  t o  a p p r o x i m t e l y  9.4 Jovban r a d i i  a t  t h e  c l o s e  of  t h e  period.  Although n o t  
prese2ted  h e r e ,  t h e  t o t 5 1  t r i p  t h e  from launch t o  p e r i h e l i o n  f o r  t h e  0.1-AU miss ion  
ranges f r cm 3015 to  1150 days over r h e  launch period.  The i n c l i n a t i o n  of  t h e  o r b i t  
w i t h  r e s p e c t  to t h e  e c l t p t f c  p lane  v a r i e s  from about 20° t o  25O. 

S o l a r  Probe-Earth C~mmunication Gonsiderat ions.  An a n a l y s i s  was performed t o  
determine %f t h e  s01zr probe would be  a b l e  t o  communicate w i t h  t h e  E a r t h  dur ing  
s o l a r  flyby a t  periEel5on.  From t h e  miss ion  a n a l y s i s  s t andpo in t  t h i s  problem 
is one. o f  detemi,?hng t h e  h e l i o c e n t r i c  p o s i t i o n  of  t h e  Ea r th  a t  s o l a r  f l y b y  
relative the ucommunicat%on cor,e1' of t h e  probe. The communication cone i s  
d e f i ~ e d  as t h e  space cone, sywnerr ica l  about  t h e  l o n g i t u d i n a l  a x i s  of t h e  probe,  
i n s i d e  of which t h e  high-gain s o m u n i c a t i o n s  antenna aboard t h e  probe can be  
gimballed f o r  p o i n t i n g  t o  she  Earth.  Thus, i f  t h e  p o s i t i o n  of  t h e  Ea r th  l i e s  
i n s i d e  t h e  probe con;nanicati.sn cone during s o l a r  f lyby ,  t hen  l i n e - o f - s i g h t  
cmmiaicafz%ocs ca? be  msde. For thermal c o n t r o l  purposes,  t h e  l o n g i t u d i n a l  
axis of tHrie prabe  will be  continu3,lly d i r e c t e d  toward t h e  c e n t e r  of t h e  Sun. 

'Ehe geometry of t h e  c o m n i c a t i o n s  problem can be  de f ined  i n  terms of f o u r  
v a r i a b l e s  = 

L, The h e l i o c e n t r i c  a n g l e , X g ,  between t h e  i n t e r s e c t i o n  o f  t h e  probe 
coimpunicatioa cone a t  t ime of s o l a r  f l yby  and t h e  p r o j e c t i o n  of t h e  
s o l a r  probe  o r b f t  l i n e  of a p s i d e s  onto  t h e  e c l i p t i c  p l ane  

2, The s o l a r  p r ~ b e  communication cone h a l f  angle ,  6 
C 

3, Tbe s o l a r  psobe o r b i t  p e r i h e l i o n  r a d i u s ,  r 
PS 

4 I h e   angle,^ , between t h e  s o l a r  probe o r b i t  l i n e  of  a p s i d e s  and t h e  
e c l i p t i c  p lane ,  
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An equation m y  be derived t o  express the  angle X R  a s  a funetfx-i s f  B , r , and . This r e l a t i on  is C PS 

2 2 1 r ps - s i n  c - arcs in(?  p s s i n  ec3  sin-:^ c )-' 
All = arccos 

2r c a s ~  
PS 

where t h e  perfhelion radius,  rps, i s  i n  AU. ?%%is eqiracion may be used t o  determine 
t he  angular posi t ion l im i t s ,  synmetrieal about t he  projected l i n e  of apsides of the  
so la r  probe o r b i t ,  within whlch the  Earth ntust be a t  time uf s a l a r  f lyby in order 
t o  communicate with t h e  probe, Figure 2-41 gives t h e  value c f  h R  a s  a function 
of t he  s o l a r  probe communicaticri c m e  ha l f  angle fo r  s per2hel im of 0 .  T AiJ and 
a range of D frcm O0 t o  20°. Generally, she l i n e  s f  apsides 05 t5e  s a l a r  prabe 
o r b i t  w i l l  l i e  c lo se  t o  the  ecl fpcfc  plane, arid LI w i l l  be snall. M;reaver, t he  
value of  A &  i s  see2 t o  be a re'iacively weak funct2on sf U .  Tnus, f o r  a given 
perihelion,  X E  is  primarily a fanctfon of t he  p r ~ b e  comm.wicrtti,-z: cose ha l f  
angle. The e f f ec t  of perihelion dis tance sn the  value 2f i s  shorn by Figure 
2-42 for a comm.snication cone ha l f  angle of 80°. A 0-2-AU in5ssix-i wsuld require  
-the Earthfs-angular  posriti~x_at-time of  so la r  f lyby rsa be with29 .34° of t he  
l i n e  of  apsides c f  the  saPar pr3be o r b i t  f o r  comanicirtlons. 

To t r a n s l a t e  t he  above In f~ rma t f an  i n  terms o f  a typrcs l  missian 
t r a j ec to ry ,  consfder Figure 2-43. Ta i s  f igure  presents  t h e  Earsh s  angular 
posi t ion,  A ,  r e l a t i v e  t o  the  s3 la r  probe o r b i t  l i n e  a f  apsides sr t he  c ine  of 
perihelion passage far t r a j e c t ~ r f e s  d u r l ~ g  che 1995 apporsunity. P l s r s  l f ke  
t h i s  can be used i n  conjzlaction with the h f o r m t l s n  d Figures 2-41. a-sld 2-42 
t o  analyze t he  c a m ~ n i c a t i o a  geametry f a r  g5vea m2ssfans. Fur the  example sl-town, 
the  0.15-and 0.20-ATT missions pravide excel1 enc csmm~aicaclcn geamesry a t  s s l a r  
flyby. The t r a j e c t o r i e s  during t 5 e  f s t t e r  ps r t f sn  of  t he  23-day lamch perIad 
shown f ~ r  t h e  0.1-AU m i s s i m s  resulc  i n  Earth p0slt13ns ourside of the  probe 
communication cone f o r  the  c lzse r  swingby dfsta3ces at Jup i t e r .  H~wever, a 
favorable geometry cafl be achleved by going t a  t h e  g r ea t e r  ,Pipirer swi:zgby 
distances.  For example, a t r a j ec t3 ry  with s .J'isZian 244-2600 depsrture dare and 
a Jup i t e r  swingby dfs tance s f  22 planet  rad%i ,  r e s u l t s  ?,n as Earth pc1~5,zPxi a t  
time of  s o l a r  f lyby of about -35O. This pas i t ioa  i s  we l l  wfthfn the  '?&-degree 
l i m i t s  £or a probe communicatia2 cone ha l f  argle  of 8Q0. 

2.1.3.3 Planetary Guidance Requ%re.oeszts. FOP miss50n a-nalyais purpases, the  
planetary guidance requirements fo r  the  S u p i t e r  o r b f ~ e r / s o l a r  pzobe snissf3n %-ere 
l imi ted t o  consideration of :  

1. Heliocentr ic  t r a j e e t s r y  cha rac t e r i s t i c s  zs re la ted  t o  g u i d a x e  require-  
ments 

2, Midcourse correction requirements 

3. Approach maneuver requirements fo r  the o r b i t e r  spacecraft  a f t e r  
so la r  probe separation. 

The systems aspec t s  of gufdaxe ,  navigation, a2d c a ~ f x 3 l  of rhe spacecraft  are 
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covered i2  t h e  Systems Analys is ,  s ~ b s e c ~ 2 . x  2,2, Tbe  sol;^ probe i s  designed on 
t h e  b a s f s  t h a t  no midcscrse  c o r z e c ~ i ~ ~ s  w2fl be m d e  in t h e  p o s t - e r c ~ u g t e r  
h e l i o e e n t r i e  t r a j e c ~ o r y ,  Therefare ,  t h e  a c e u r ~ c y  o f  ehe s o k r  probe o r b i t  w t l l  
b e  determined by t h e  accuracy  of rhe 2up"ter sningby t r a j e c t o r y ,  

A study of che h e l i o c e n t r i c  trajectory c h a r s c e e z i s t d c s  presented  i n  
subsec t ion  2.1,3.2 S 2 d l c s t e s  t h a s  rhe requ2rements %or  a e h i g v h g  a s o l a r  probe 
o r b i t  v i a  t h e  Sup%er swhgby  mode stoiiZd no t  presena sny r e a l  p r ~ b l e m s  in 
u t i l i z a t i o n  of e x i s t i n g  guLdanc3 t e c h z a q ~ e s ~  The ~~~~~~~~~~y of t h e  pos t -eccounter  
s o l a r  probe o r b i t  c k a z a c z e r i s t i c s  t o  e r z o r s  in t h e  m$ss d i s t z q c s  a t  3upbter  can 
b e  determined from tke g r a p h k d l  da t a  showing ps r ihe l%on ,  t r i p  cime from launch 
t o  s o l a r  f lyby ,  and o r b i t  I n c l f ~ s c i o n  5s Sancclsna of s v h g b y  d i s t a x e .  The 
s l o p e s  of t hese  ctir-,.es a r o ~ n d  the swirgby d i s r a z c e  zhac gi--ies t h e  d e s i r e d  
p e r i h e l i o n  f o r  s g i v e 2  d e p a r t ~ z e  dare a r e  d i r e s t  measures of the gutdszee  e r r o r  
s e n s i t i v i t y  assos2a ted  w i ~ h  t b e  m i 3 3  discncce,  A s  an exsmple, ~ 0 2 s i d c r  a  nominal 
0-1-AU s o l a r  f lyby  mis s lo2  bl-. 1995 based or, 500-day E a r c h = % u p i ~ e r  t r a n s f e r s  and 
an encounter hyperboLa inc lL2a t ion  of 175O. I k e  s e n s i t % - ~ % ~ : e s  of che p e r i h e l i o n  
& 1, t r i p  t ime (Tf) from launch t o  s o L r  f l y b y ,  a-rad s o l s r  prabe  o r b i t  i n c l i n a t i o n  PS 
(1 ) r e l a t i v e  t a  e r r o r s  isl swigngby d i s t a n c e  ? . r e  sa;mma-clzed i n  Table 2-1, 

--P. 

- - -- 
. - . ~ 

, .  rS. ; & i i - : f  i - --  

-~ Table 2-= 1.. 

The se.=asitiv5ty of p ~ r 3 e % i a n  relar l -ce ra  sw2-1g'b-y dissat-.a;e e r z o r s  can be 
reduced t o  extremely s m f l  1 - s l ~ e s  by proper  ie Iecc%ar= of t ~ e  Earth-G~piter t r a n s f e r  
t ime f o r  each d ~ p a r r i r r e  dare, The t z a n s f e z  ~ i m e  m y  b e  e k o a n  t o  place t h e  
d e s i r e d  miss ion  p e r i h e f i a n  a t  t h e  minimum p o f 3 ~  on c$e e-,rce of pcrLbe2ion v e r s u s  . 
J u p i t e r  swingby d i s t ance .  Therefore ,  t h e  s lope  of rhs c r i r ~ ~  (Arp,/Ar ) a t  this 
p o i n t  i s  Z e n .  l he  t y p i c a l l y  f l i t  characteristic o f  t h e  c a m e  aear tEe mininum 
p o i a t  m e x s  t h a t  a swingby dissznce e r r o r  of 3 o r  k paznek r a d f i  could be  al lowed 
wi th  l i t t l e  e f f e c t  02 t h e  p e r i h e l i o ~ . ,  The a s s a c l 2 , ~ ~ d  v z ~ r l a ~ c e s  4 3  t r i p  t ime and 
s o l a r  probe o r b i t  i-ncbfsatio-n would be much l a r g e r ;  ka~c.c.~cer, these pzrame?ers 
should n o t  be 3 s  impar tan t  cs t h e  ml s s i an  s b j e c s i v e s  as t h e  p e r i h e l i o n  d i s t a n c e  
a t  s o l s r  f lyby.  

Pe r tu rba t ions  ozl t h e  probe ~ r a j e c t o r y  c a ~ s r r J  by s3lar-rad5aCt3.b:rs p r e s s u r e  
were n o t  ek-zlualred f o r  p u r p ~ s e 9  of  t h e  m i s s i o ~ ~  a7alysfs3 
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Midcourse Correct ion.  For  purposes of  t h i s  s tudy  t h e  v e l o c i t y  budget f o r  midcourse 
c o r r e c t i o n s  during t h e  ~ a r t h - ~ u p i t e k  t r a x f e r  i s  based on t h e  e s t ima te  made i n  
r e f e r e n c e  1 f o r  t h e  J u p i t e r  cap tu re  mission.  A t o t a l  o f  100-150 m/sec w a s  
e s t ima ted  by cons ide ra t ion  of launch v e h i c l e  guidance accuracy and t h e  
c h a r a c t e r i s t i c s  of t h e  t r a n s f e r  t r a j e c t o r i e s  under cons ide ra t ion .  

With r ega rd  t o  t h e  spacing of c o r r e c t i o n  maneuvers dur ing  t h e  t r a n s f e r ,  
it i s  d e s i r a b l e  t o  make t h e  f i r s t  c o r r e c t i o n  a s  soon a s  p o s s i b l e  (5-10 days) 
a f t e r  t h e  i n j e c t i o n  o u t  of Ea r th  parking o r b i t ,  For  t h e  p re sen t  s tudy,  t h e  second 
c o r r e c t i o n  i s  considered t o  be performed a f t e r  two- th i rds  of t h e  E a r t h - J u p i t e r  
t r a n s f e r  time. Th i s  should permit  a n  adequate  d e t e n n i ~ a t i s n  of t h e  t r a j e c t o r y  
t o  j u s t i f y  a  second maneuver. I f  r equ i r ed ,  a t h i r d  c o r r e c t i o n  i s  made a f t e r  
two- th i rds  of t h e  remaining t ime t o  3 a p i t e r  a r r i v a l .  

In  view of  t h e  o v e r a l l  o b j e c t i v e s  of t h e  J u p i t e r  o r b i t e r / s o l a r  probe 
miss ion  a n a l y s i s ,  a  d e t a i l e d  s tudy of  mfdcourse c o r r e c t i o n  requirements  was n o t  
undertaken, However, f o r  performance and mission p r o f i l e  design purposes,  t h e  
e s t i m a t e s  descr ibed  I n  t h e  preceding paragraphs a r e  considered adequate.  

J u p i t e r  Approach Maneuver. The sepa ra t ion  of t h e  s o l a r  probe i s  made a t  e n t r y  
i n t o  t h e  Jovian  sphere  of in f luence .  As shown by t h e  ske tch  F igu re  2-44, t h e  
s o l a r  probe cont inues  on a swingby hyperbola about  t h e  p l a n e t  whi le  t h e  o r b i t e r  
s p a c e c r a f t  i s maneuvered 0960 i n  a l t e r e d  h y p e r b s l i  c  path.  The p e r l s p s f  s of t h e  
a l t e r e d  hyperbola swings t h e  o r b i t e r  i n  c l o s e  t o  t h e  p l a n e t  f o r  c a p t u r e - o r b i t  
braking.  The magnitude of t h e  v e l o c i t y  change r e q u i r e d  f o r  t h e  approach maneuver 
a t  t h e  sphere  of i n f l u e n c e  i s  shown by Figure  2-44, The maneuver bV i s  p l o t c e d  
as a func t ion  of t h e  a r r i v a l  hyperbol ic-excess  speed f o r  va r ious  s o l a r  probe 
swingby d i s t ances .  For  a  t y p i c a l  a r r i v a l  speed of 0.4 EMOS, t h e  maneuver AY f o r  
a swingby d i s t a n c e  o f  10 Jovian  r a d i i  i s  about 230 mlsec. For  a 0.4 EMOS 
a r r i v a l  speed t h e  p a t h  ang le  change i n  t h e  p l ane  of t h e  hyperbola f o r  t h e  approach 
maneuver v a r i e s  from about  0.6 t o  2.0 degrees f o r  swingby d i s t a n c e s  from 5 t o  
20 Jov ian  r a d i i ,  r e s p e c t i v e l y .  

2.1.4 Ea r th  Launch Window Analys is ,  Reference 1 p resen ted  a  de ta , i led  a n a l y s i s  
of launc5  and park ing  o r b i t  c h a r a c t e r i s t i c s  of Ea r th - Jup i t e r  t r a j e c t o r i e s  f o r  
J u p i t e r  cap tu re  missions.  The computer program used f o r  t h s t  a n a l y s i s  was 
employed i n  t h e  p r e s e n t  s tudy t o  determine t y p i c a l  s u r f a c e  launch window 
c h a r a c t e r i s t i c s  f o r  t h e  Ea r th - Jup i t e r  t r a j e c z o r f e s  a s s o c i a t e d  w i t h  t h e  combined 
J u p i t e r  o r b i t e r / s o l a r  probe mission. The program determines both  t h e  s u r f a c e  
launch windows from AMR and Ea r th  parking o r b i t  c o a s t  t imes from park ing  o r b i t  
i n j e c t i o n  t o  i n t e r p ~ a n e t a r y  t r a n s f e r  i n j e c t i o n .  However, on ly  t h e  launch window 
c h a r a c t e r i s t i c s  a r e  presented  i n  t h e  p re sen t  study. 

The computer program r e q u i r e s  t h e  fol lowing i n p u t  parameters f o r  t h e  
launch window a n a l y s i s  : 

1. Launch d a t e  

4 2 2. I n j e c t i o n  energy, Cg = 1 vHEl 

3. Dec l ina t ion  of t h e  outgoang geocen t r i c  asymptote 

4. Right  ascens ion  of  t h e  outgoing asymptote. 
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The b a s k  geometr ica l  requirements  on t h e  a scen t  t r a j e c t o r y  and park ing  
o r b i t  are p r I m r i l y  determined by t h e  decl imarion of t h e  outgoing g e o c e n t r i c  
asymptoteO The d i r e c t i o n  of t h e  asymptote i s  t h a t  of t h e  hyperbol ic-excess  
v e l o c i t y  Vm a t  depar ture .  F s r  ' two-dimeasio331 a s c e n t ,  t h e  a scen t  and park ing  
o r b i t  p l a n e  must c o n ~ s i n  t h e  THE vec to r .  I n  g e n e r a l ,  i f  t h e  a b s o l u t e  va lue  of 
t h e  d e c l i n a t i o n  i s  less t h a a  t h e  l aunch- s i t e  l a t i t u d e  (28.3O a t  AMP..), t hen  no 
r e s t r i c t i ~ n s  a r e  p l aced  on launch a z i a u t h  o t h e r  t han  those  imposed by range 
sa fe ty ,  I f ,  however, t h e  a b s o l u t e  va lue  o f  t h e  d e c l i n a t i o n  i s  g r e a t e r  t han  t h e  
l aunch- s i t e  l a t i t u d e ,  t h e 3  a band of launck azimuchs symmetrical about  due 
Eas t  (90°) a r e  u s a v a i l a b l e  geometr ica l ly  f o r  launch by two-dimensional a scen t .  
F igure  2-45 p r e s e n t s  t h e  v a r i a t i o n  of t h e  asymptote d e c l h a t i o n  over  t h e  1970- 
1980 decade f o r  500-day Ea r th - Jup i t e r  t r a n s f e r s  and 20-day launch per iods .  
The o v e r a l l  p e r i o d i c  p a t t e r n  i n d i c a t e s  t h a t  t h e  1972, 1973, 1977, and 1978 
o p p o r t m l t i e s  have t h e  l a r g e s t  outgoing asymptote d e c l i n a t i o ~ s ;  however, t h e  
a b s o l u t e  v a l u e s  do n o t  exceed t h e  l a t i t u d e  of  che AMR launch s i t e  by much i f  
any. The d e c l i n a t i o n  c ros ses  through a minimian dur igg  t h e  1975 oppor tuni ty .  

F i g u r e s  2-46, 2-17, and 2-48 g ive  t h e  r e s u l t s  of a su r f ace  launch window 
a n a l y s i s  of  t h e  1975 and 1978 o p p o r t u n i t i e s  a s  r e p z e s e n t a t i v e  of  t h e  1970-1980 
time per iod .  F i g u r e  2-46 snows t h e  d e c l i m t i o n  and r i g h t  asseasfon  of t h e  
outgoing g e o c e n t r i c  asymptote a s  func t ions  of launch d a t e  f o r  500-day t r a n s f e r s  
during t h e  1975 oppor tuni ty .  The i n j e c t i o n  energy v a r i a t i o n  over  t h e  
oppor tun i ty  was g iven  previous ly  i n  F igure  2-6. The s u r f a c e  launch window 
c h a r a c t e r i s t i c s  a r e  summarized- i n  Figure 2-47'. The launch t h e  of day i n  
Greenwfch Mean T h e  (GMI') i s  shown a s  a f u ~ c t i z ~ ; l  o f  launch d a t e  f o r  launch 
azimuths from 50° t o  110° a t  A , ? .  For an  azimuth range from 70° t o  1 l O 0 ,  
two dai,ly windows of  5-hours du ra t ion  each a r e  seen t o  e x i s t  a c r g s s  t h e  e n t i r e  
launch pe r iod .  Therefore ,  t h e  launch window p r e s e n t s  no problem t o  miss ion  
opera t ions .  

The d a f l y  launch windows f o r  540-day t r m s f e b - s  during t h e  1978 oppor tun i ty  
are g iven  i n  F igu re  2-48. The f i g u r e  shows t h a t  launch windows a r e  q u i t e  
s a t i s f a c t o r y  f o r  miss ion  ope ra t ions  even d u r h g  a yea r  representative of t h e  
l a r g e s t  asymptote dci?clinations. A s  t h e  p l o t  s f  launch t S h e  of day shows, two 
d a i l y  wiadows from 2.6- t o  ~ b s u t  5-hours di i rat ion a r e  a-;ailable each day 
a c r o s s  t h e  p e r i ~ d ,  

2.1.5 Capture Orb i t  Analysis .  Th i s  subsec t ion  p r e s e n t s  a n  a c a l y s f s  of t h e  charac-  
t e r i s t f e s  o f  c a p t u r e  o r b i s s  about  J u p i t e r  a3d gi-ces t h e  necessary  braking  
v e l o c i t y  increment d a t a  f o r  s i z i n g  t h e  o r b i t e r  mainstage p r o p ~ l s i o n  system. The 
miss ion  p r o f i l e  i s  based on single-5mpulse braking  a t  t h e  p a r f a p s i s  of t h e  
approach hyperbola.  

It was s h o w  i n  t h e  Jovfan Gapture Analys is ,  subsec t ion  2.5, o f  
r e f e r e n c e  1 t h a t  f o r  a given cap tu re  o r b i t  a p s i d a l  ratia (n  = r a / r p )  t h e r e  
exists an nop thuml r  p e r i j o v e  r a d i u s  t h a t  rni2imizes braking v e l o c i t y  increment 
a s  a fbtnetion of  a r r i v a l  hyperbol ic-excess  speed, V H ~ ~  Figure  2-49. taken  
from r e f e r e n c e  1, shows t h e  optimum p e r i j o v e  r a d i u s  ve r sus  azrI~.;al  speed f o r  
a p s i d a l  r a t i o s  from 1 t o  40. The f i g u r e  shows t h a t  t o  ach ieve  a n  optimum 
p e r i j o v e  c l o s e  t o  t h e  p l a n e t ,  which i s  d e s i r a b l e  from t h e  s c i e n t i f i c  experiment 
s tandpoin t ,  it i s  3ecessary  t o  have h igh ly  e c c e g t r i c  cap tu re  o r b i t s .  Th i s  i s  
a l s o  d e s i r a b l e  because t h e  o r b i t e r  could i n v e s t i g a t e  s h e  spsce around J u p i t e r  
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o u t  t o  d i s t a n c e s  beyond i t s  moons. For a  t y p i c a l  f a s t - t r a n s f e r  a r r i v a l  speed of 
about 0.4 EMOS and an a p s i d a l  r a t i o  of  20, t h e  optimum p e r i j o v e  i s  1.25 p l a n e t  
r a d i i .  

The v e l o c i t y  increment ,  AVBy f o r  cap tu re  braking a t  t h e  optimum p e r i j o v e  
i s  g i v e n a n  Figure  2-50 a s  a  func t ion  of a r r i v a l  speed and a p s i d a l  r a t i o ,  n. .. 
For  an  a r r i v a l  speed o f  0.4 EMOS and n  = 20 t h e  minimum p o s s i b l e  AVB i s  2.6 
km/sec. 

F igu re  2-51 g i v e s  t h e  cap tu re  braking AVB r equ i r ed  f o r  f i x e d  p e r i j o v e  
r a d i i  as a func t ion  of a r r i v a l  speed. These curves a r e  f o r  n  = 20. Reference 1 
g ives  s i m i l a r  in format ion  ove r  a  range of n  from 5  t o  20. Performance p e n a l t i e s  
f o r  off-optimum v a l u e s  of  t h e  p e r i j o v e  may be determined by r e fe rence  t o  t h e  
superimposed minimum 4VB curve. The p e n a l t i e s  a s s o c i a t e d  w i t h  low p e r i j o v e  
d i s t a n c e s  a r e  not  l a r g e  f o r  t h e  range of a r r i v a l  speeds under cons idera t ion .  
During t h e  mission arnd systems a n a l y s i s  it was found d e s i r a b l e  t o  reduce t h e  
braking AVB requirement  a s  much a s  p o s s i b l e  f o r  t h e  J u p i t e r  o r b i t e r / s o l a r  
probe miss ion  because of t h e  l i m i t a t i o n s  imposed on mission performance f o r  
some launch oppor tumi t ies  by t h e  need f o r  f a s t  Ea r th - Jup i t e r  t r a n s f e r s .  A 
t y p i c a l  cap tu re  o r b i t  chosen f o r  t h e s e  miss ions  has  a n  a p s i d a l  r a t i o  of  40 
and a  p e r i j o v e  r a d i u s  of 1.1 Jovian  r a d i i .  The braking AVB r equ i r ed  f o r  t h i s  
o r b i t  i s  g iven  i n  F e u r e  2-52-as a  func t ion  of  a r r i v a l  speed. 'Ihe4Yg f o r  a  
t y p i c a l  a r r i v a l  speed of 0.4 EMOS i s  seen t o  be about 2  km/sec, 

O r b i t  o r i e n t a t i o n  and t h e  e f f e c t s  of  p e r t u r b a t i o n s  on t h e  o r b i t a l  elements 
due t o  S u p i t e r r s  o b l a t e n e s s  a r e  t r e a t e d  i n  r e f e rence  1 and w i l l  n o t  be r epea t ed  
h e r e  except  t o  mentisn t h a t  t h e  i n t e g r a t e d  o r b i t a l  displacements  due t o -  
s e c u l a r  p e r t u r b a t i o n s  over  an  o r b i t a l  pe r iod  w i l l  be  r e l a t i v e l y  small .  

F i g u r e  2-53 p r e s e n t s  t h e  pe r iod  of t h e  cap tu re  o r b i t  a s  a  func t ion  of 
a p s i d a l  r a t i o  f o r  v a r i o u s  p e r i j o v e  d i s t ances .  It may b e  seen t h a t  f o r  t h e  a p s i d a l  
r a t i o s  o f  i n t e r e s t ,  a typical ly  20 t o  40, t h e  pe r iod  w i l l  razlge from 4  t o  about  
20 days f o r  p e r i j o v e  r a d i i  o f  from 1.1 t o  1.5 p l a n e t  r a d i i .  

The r e l a t i o n s h i p  between t h e  cap tu re  o r b i t  and t h e  Jov ian  s a t e l l i t e  system 
w i l l  be d iscussed  in  S e c t i o n  111 which cons ide r s  t h e  problems a s s o c i a t e d  wi th  
exp lo ra t ion  of t he  moons. 

2.1.6 Mission Performance 

T h i s  subsectfon p r e s e n t s  t h e  r e s u l t s  of e v a l u a t i o z s  of t h e  J u p i t e r  
o r b i t e r j s o l a r  probe mis s ion  performance based on t h e  Sa turn  V launch c a p a b i l i t y .  
Paramet r ic  performance d a t a  a r e  given f o r  t h e  t h r e e  r e p r e s e n t a t i v e  launch 
o p p o r t u n i t i e s ,  1972, 1975, and 1978, t h a t  have been d iscussed  i n  previous  
subsec t ions .  A s  w i l l  be shown, a  t r adeo f f  e x i s t s  between t h e  payload mass 

' 

performance and t h e  s o l a r  probe o r b i t  design. 

2.1.6.1 Launch Veh ic l e  Capabi l i ty .  The high-energy performance c a p a b i l i t y  
of  t h e  th ree - s t age  S t u r n  V i s  given by Figure  2-54. The n e t  i n j e c t e d  mass 
c a p a b i l i t y  i s  shown as a func t ion  of  t h e  hyperbol ic-excess  speed st Ear th  
depar ture ,  The curve  i s  based on two-dimensional a scen t  through a 185dkm 
c i r c u l a r  park ing  arbft.  The n e t  i n j e c t e d  mass i s  def ined  a s  t h e  gross i n j e c t e d  
mass , l e s s  propellanfcs f o r  a 60-mjsec launch window allowance, l e s s  p r o p e l l a n t s  
f o r  t h ree - fou r ths  of one pe rcen t  of t o t a l  v e h i c l e  c h a r a c t e r i s t i c  v e l o c i t y  
f o r  performance r e se rves .  The Instrument  U n i t  i s  sub t r ac t ed  b u t  t h e  mass of 
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t h e  s p a c e c r a f t  adap te r  i s  included. Launch i s  from AMR wi th  a 70-degree launch 
azimuth, S ince  t h e  maximum a z b u c h  v a r i a t i o n  from due E a s t  (90°) f o r  t h e  
miss ions  under cons ide ra t ion  i s  70°, t h e  p e r f o m n c e  c u m e  g iven  by F igu re  2-54 
i s  s a t i s f a c t o r y  f o r  mission a n a l y s i s  purposes.  

2.1.6.2 Mission Mass H i s t o r i e s .  Ch t h e  b a s i s  of t h e  Ea r th  depa r tu re  and 
J u p i t e r  a r r i v a l  ene rg i e s  f o r  given t r a n s f e r  cfmes, and t h e  braking  v e l o c i t y  
increment requirements p re sen ted  e a r l i e r ,  t h e  mass h i s t o r y  f o r  g iven  miss ions  
can be developed, The mass h i s t o r i e s  f o r  t h e  p re sen t  s tudy were c a l c u l a t e d  
us ing  a d i g i t a l  computer program, For  s p e c i f f e d  Ear th-depar ture  and J u p i t e r -  
a r r i v a l  d a t e s  and t h e  a s s o c i a t e d  hyperbol ic-excess  speeds, t h e  program determined 
t h e  mass h i s t o r i e s  f o r  t h e  J t i p f t e r  o r b i t e r / s o l z r  probe miss ion  based on a  g iven  
s o l a r  probe  mass and cap tu re  o r b i t  def ined  by r and n, The i n p u t s  b u i l t  i n t o  
t h e  program included: P  

I. The Sa turn  V performance cu r se  (F igure  2-54) 

2, A 500-lb s p a c e s r a f t  adap re r  t h a t  i s  j e t t i s o n e d  wi th  t h e  S-WB 
s t age  a f t e r  i n t e r p l a n e t a r y  i n j e c t i o n  

3. An a l l o c a t i o n  of 150 m/sec f o r  midcourse v e l o c i t y  c o r r e c t i o n s  and 
200 m/sec f o r  t h e  o r b i t e r  p l a n e t a r y  approach maneuver a f t e r  
s epa ra t ion  -of t h e  s o l a r  probe - 

4. A s p e c i f i c  impulse o f  310 s e c  f o r  midcourse c o r r e c t i o n s  and t h e  
p l ane ta ry  approach m n e u v e r  

5 .  A t t i t u d e  c o n t r o l  p r o p e l l a n t s  a s  s p e c i f i e d  by t h e  system a n a l y s i s  
( t y p i c a l l y  660 l b  f o r  t h e  miss ions  under cons ide ra t ion )  

6. Mass a l l o c a t e d  t o  t h e  s o l a r  probe based on t h e  systems s t u d i e s  
presented  i n  subsecf2on 2.2. (Nomiqsl miss ion  performance was 
based on a  1400-lb probe.) 

7. A mainstage o r b i t e r  propulsio?. system based 03 t h e  Apollo Lunar 
Excursion Module CLEM) a scen t  engine. 

It should be noted t h a t  t h e  cap tu re  brak ing  performance i s  based on 
impulsive v e l o c i t y  increments a p p l i e d  a t  p e r i q s i s  of  t h e  p l a n e t a r y  approach 
hyperbola,  Th i s  assumption provides  an  a c c u r a t e  performance s imu la t ion  because 
of  t h e  n e g l i g i b l e  g r a v i t y  l o s s e s  a s s o c i a t e d  wi th  p ropu l s ive  braking  a t  J u p i t e r .  

2.1.6.3 Parametr ic  Mission Performance. Th i s  subsec t ion  summarizes t h e  miss ion  
performance a n a l y s i s  i n  terms of n e t  i n j e c t e d  mass and g r o s s  J s v i a n  c a p t u r e  mass 
as f u n c t i o n s  of E a r t h  depa r tu re  d a t e  and Ea r th - Jup f t e r  t r a n s f e r  t ime dur ing  t h e  
1972, 1975, and 1978 launch o p p o r t u n i t i e s .  These d a t a  must be c o r r e l a t e d  w i t h  
t h e  s o l a r  probe o r b i t  da t a  p re sen ted  e a r l i e r  t o  a r r i v e  a t  miss ions  t h a t  s a t i s f y  
performance, t r a j e c t o r y ,  and systems requirements  and c o n s t r a i n t s .  

F igu re  2-55 shows t h e  n e t  i n j e c t e d  mass f o r  t h e  1972 oppor tun i ty  a s  a  
func t ion  of  Ear th  dapar ture  da t e ,  Curves f o r  500-, 540-, and 600-day t r a n s f e r s  
a r e  shown. Net i n j e c t e d  mass f o r  20-day launch p e r i o d s  v a r i e s  from about  12,500 





NORTHROP SPACE LABORATOR~ES TR-292/3-6-075 
September 1966 

I b  t o  19,500 l b  f o r  500- t o  600-day t r a n s f e r s ,  r e s p e c t i v e l y .  F igure  2-56 
t r a n s l a t e s  t h e s e  d a t a  i n t o  g ros s  m a s s . i n  cap tu re  o r b i t  about  J u p i t e r  a s  a  func t ion  
o f  Earth d e p a r t u r e  d a t e .  The curves a r e  based on a  1400-lb s o l a r  probe mass and a  
capture  o r b i t  wi th  n  = 40 and r = 1.1 Jovian  r a d i i .  For 20-day launch per iods  t h e  

P  cap tu re  mass i s  seen t o  va ry  from about  4300 l b  t o  9000 l b  f o r  500- and 600-day 
Ea r th - Jup i t e r  t r a n s f e r s ,  r e spec t ive ly .  P 

The e f f e c t  o n  mission performance of  vary ing  t h e  s o l a r  probe mass i s  
shown i n  F?igure 2-57. The g ros s  cap tu re  mass is  p l o t t e d  v e r s u s  Earth depa r tu re  
d a t e  f o r  540-day t r a n s f e r s  and s o l a r  probe masses of  1000, 1800, and 3000 l b .  

- - 
Data s i m i l a r  t o  t h a t  given f o r  1972 i s  presented  i n  F igu res  2-58 and 2-59 

f o r  t h e  1975 oppor tuni ty .  The i n j e c t e d  masses shown i n  F igure  2-58 a r e  seen t o  be  
s l i g h t l y  less than t h e  1972 c a p a b i l i t y  f o r  given t r a n s f e r  t imes. The cap tu re  
performance given i n  F igure  2-59 is  ve ry  s i m i l a r  t o  t h e  1972 da t a .  -The f i g u r e s  
show a  20-day launch per iod  f o r  a  0.1-AU J u p i t e r  o r b i t e r / s o l a r  probe mission 
based on 500-day Ea r th - Jup i t e r  t r a n s f e r s  and a  4400-lb o r b i t e r  s p a c e c r a f t  
developed l a t e r  i n  t h e  systems a n a l y s i s  o f  subsec t ion  2.2. 

P igu res  2-60 and 2-61 g ive  t h e  paramet r ic  performance d a t a  f o r  1978. 
Figure 2-60 shows n e t  i n j e c t e d  mass c a p a b i l i t y  f o r  t h e  1978 oppor tun i ty  t o  be 
t y p i c a l l y  31) t o  50 percent  l e s s ,  f o r  a  g iven  Ea r th - Jup i t e r  t r a n s f e r  t ime,  t han  -- 
t h e  1972 c a p a b i l i t y .  S i m i l a r l y ,  Figure 2-61 i n d i c a t e s  s i g n i f i c a n t l y  l e s s  cap tu re  
mass performance potent i .a l  f o r  t h e  1978 a s  compared wi th  t h e  1972 o r  1975 oppor- 
t u n i t i e s .  These t r e n d s  i n  performance can be p red ic t ed  by r e f e r r i n g  back t o  t h e  
depa r tu re  and  a r r i v a l  energy t r ends  a c r o s s  t h e  decade ( ~ i g u r e  2-41. 

2.1.6-4 IY5ssion Performance/Solar Probe Orb i t  Tradeoffs .  The 1978 oppor tun i ty  
o f f e r s  less performance p o t e n t i a l  f o r  g iven  Ea r th - Jup i t e r  t r a n s f e r  t imes than  do 
t h e  e a r l f e r  years  r ep re sen ted  by 1972 and 1975. However, i n  terms of t h e  combined 
J u p i t e r  o r b i t e r l s o l a r  probe mission c h a r a c t e r i s t i c s  and requirements ,  t h e r e  a r e  
t r a d e o f f s  which make 1978 a s  u sab le  a s  t h e  1972 oppor tun i ty  and poss ib ly  more 
a t t r a c t i v e  than  the  1975 missions.  Like 1972, t h e  1978 E a r t h - J u p i t e r  t r a n s f e r  
t r a j e c t o r i e s  a r e  cha rac t e r i zed  by l a r g e  a r r i v a l  ene rg i e s  a t  J u p i t e r .  This  means 
t h a t  l onge r  Ea r th - Jup i t e r  t r a n s f e r  t imes  a r e  pe rmis s ib l e  f o r  achiev ing  t h e  c l o s e  
s o l a r  f l y b y  v i a  t h e  swingby mode. Thus, t h e  longer  t r a n s f e r  t imes and a s s o c i a t e d  
ga ins  i n  S a t u r n  V launch c a p a b i l i t y  tend  t o  make t h e  1978 oppor tun i ty  compare 
f avo rab ly  w i t h  t h e  1975 missions.  This  i s  t r u e  because o f  t h e  sma l l e r  a r r i v a l  
energ ies ,  for given Earth-  J u p i t e r  t r a n s f e r  t imes ,  a s s o c i a t e d  wi th  t h e  1975 
oppor tuni ty ;  i .e. ,  f a s t e r  t r a n s f e r s  a r e  r equ i r ed  t o  ach ieve  c l o s e  s o l a r  f l ybys .  

The t r a d e o f f  between performance and s o l a r  probe o r b i t  c h a r a c t e r i s t i c s  
was performed f o r  t h e  1978 oppor tuni ty .  The r e s u l t s  a r e  shown i n  F igure  2-61 
by  the  dasbed curves superimposed on t h e  cap tu re  mass performance curves.  The 
dashed curwes r e p r e s e n t  t h e  optimum s e l e c t i o n  of Ea r th - Jup i t e r  t r a n s f e r  t ime a s  
a func t ion  s f  depa r tu re  d a t e  t o  achieve  t h e  s o l a r  probe o r b i t  p e r i h e l i o n  
d i s t a n c e s  shown. The optimum t r a n s f e r  t ime f o r  a g iven  depa r tu re  d a t e  i s  d e t e r -  
mined by f h d i n g  t h e  t r a n s f e r  t ime t h a t  produces a  minimum p e r i h e l i o n  ( a s  a  func t ion  
o f  swingby d i s t a n c e )  equal  t o  t h e  d e s i r e d  s o l a r  f l y b y  d i s t a n c e .  These t r a n s f e r s  
were ob ta ined  f o r  t h e  1978 oppor tun i ty  by c ros s  p l o t t i n g  t h e  p e r i h e l i o n  
versus  swingby d i s t a n c e  d a t a  f o r  va r ious  t r a n s f e r  t imes  given by Figures  2-31, 
2-34, and 2-37. F igure  2-61 shows t h a t  t h e  0.1-AU s o l a r  probe o r b i t  can be 
achieved uZ th  Earth- J u p i t e r  t r a n s f e r  t imes t h a t  approach 600 days: Therefore ,  
t h e  c a p t u r e  masses a v a i l a b l e  a r e  comparable t o  500-day Ea f th - Jup i t e r  t r a n s f e r  
t ime mis s ions  dur ing  1975 (see  F igure  2-58) where t h e  f a s t e r  t r a n s f e r  i s  r equ i r ed  
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t o  achieve a Q.1-AV perihelion. 

2.1.6.5 Mission Smmaries. Dn the basis  of the parametric data which has been 
presented throughout t he  mission analysis, the characterist fcs of representative 
Jupiter erbiterlsolar probe mfssfons m y  be determined. Sufficient data are 
presented to analyze primary rnissfon parameter tradeoffs w i t h i n  the constraints 
that may be imposed on the mission. 

Two missions are selected here for presentation in summary form. 
Table 2-2 sumarizes the characteristics of a typical 0.1-AU mission during the 
1975 opportunity. Table 2-3 gives a s m r y  of the same mession but far the 
constant-gross-spacecraft-mass operational mode concept. This operational 
&ode. w t l l  be covered in d e t i i l  in the systems analysis subsection t o  follow. 
The orbiter gross mass in capture o r b i t  shown in Tables 2-2 and 2-3 includes 
the sclerltific payload and is based on the conceptual design developed fn the 
following subsections. Also the 1400-lb solar probe is based on the systems 
and conceptual design s t u d i e s  that follow. 

Table 2-2 

1975 SATURN V JUPZPER ORBITER/SOLA3 PROBE 
TYPICAL MISSION SUMMARY 

LAUNCH PERIOD: 

20 Days, 17 June - 7 July 1975 
(Julian 244-2580.5 -244-2600.5) 

I 

DAILY WINDOW : 

Two DafQ 5-Hr Windows w i t h  70-llOa 
Launch Azimuths from AMR 

EARTH-JUPT'IIER TRANSFER: 500 Days 

N e t  fnjdcted  W t :  12,000 - 14,400 Lb 
(Across Launch Period)  

JUPITER ENCOUNTER,: 

Capture Orbi t :  n=40, rp = I.. 1 Jovian Radft 
Gross Capture Wt: 4400 Lb 

I 

Solar Probe Swingby Distance: 6.7-9.9 Jdvian Radff , 

Solar Probe Wt: 1400 Lb 

JUPITER-SUN TRANSFER: 590-655 Days 

Perihelion Distance: 0.1 AU 
Inclination to Ecl ipt ic :  21 Deg. I 

Total  Time from Earth Departure To Pesihelfon: 
1090-1155 Days 
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Table 2-3 

1975 SATURN V JUPITER ORBITEF./SOLAR PROBE 
TYPICAL MISSTON SUIMARY 

- - -t  

LAUNCH PERIOD: 

20 Days, 17 Curie - 7 July 1975 

(Julian 246-2580.5 -244-2600.5)  

DAILY WINDOW: 

Two Daily 5-Hr Windows with 70-110' 

Launch Azirniiths from AMR 

- EARTH-JUPITER TRANSFER: 475-500 Days 

N e t  Injected Wt: 12,000 Lb - - - -  * -  * "  -..- .+ 

(Gonstant Across Launch Period) 
- 

JUPI'TER ENCOWTER : 

Capture Qrb i t :  n = 40-52,  r = 1,l Joq;ian Radf i 
P 

Gross Gapture W t :  4L00 Lt 

Solar Probe Swrngby Distance: 4.6-9.4 Jovisg Radi i  

Solar Probe Wt: 2400 Lb 

;mPITEE.-SUN ZRkySFER: 540-650 Days 

Perihelion Distawe: .l AU 

Inclfnation to E c l i p t i c :  20-25 Deg 

Total T h e  Frm Earth Departure To Perihellon: 

1015-1150 Days 
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2.2 SYSTEMS ANALYSIS 
't 

The primary emphasis in the systems acslysis portion of t h i s  study was 
placed on a c m b i ~ e d  Jupiter o r b f t e r J s o l a r  probeo The two separate spacecraf t  are 
launched together on one Saturn V vehicle, During"the outbound heliocentric coast, 
both spacecraft remain attached to  each other. Earth c m u n i c a t f o n  is t k i n t a i n d  
w i t h  the Jupiter orbiter whieh regsrts on t h e  cocditfon of the solar probe and 
relays i t s  s c i e ~ t i f i c  data .  The t w o  spacecraft are umbilically connected f o r  this 
purpose. Before encoxcter with the planet Jupiter,  the two  spacecraft are separated. 
The solar probe swings by the planet and sterts its helioc~ntric coas t  f o r  a close  
approach ts the s m ,  The Jupi ter  o r b i t e r  cses its onboard propulsion to brake 
in to  a Jupiter czptGre orbito 

This mbs,m2ion presents  he op~rstional , relf abf l i t y  , and svbsystm consider- 
ations f o r  t h e  probes, Tnese analyses wfre de~reloped parametrically to cover the 
entire recge of reqairements expected f o r  t h e  next deczde, 

2.2-1 Mission and Trajectory Selection 

For the p x p o s e  of orie~ting and conducting the systems analysis of t h e  
Jupiter orbiterlsglar probe, a typical mission and operational mode 5 7 3 3  selectedo 
The Saturn V performance in the 1972 launch window *wiis-t;SEd t', deffne-tEe-total' 
spacecraft e j e c t e d  mass. Heliocmtric  transfer times of up to 600 days were 
considered reasonabie, The typ ica l  case represents a carriprnmise-between the 
greater spacecraft masses of other annual launch periods and a reasonsble miss ion  
duration, Fiaures 2-55 and 2-56 present t y p i c a l  Saturn V g e r f o r m ~ " x e  f o r  the 
1972 m i s s i o n  Lnclzding Earth injected m s s  and Jupiter capture o r b i t  mass f o r  
various t r i p  times and captyre o r b i t  parsmeters, The mass allocated for the 
close solar  pzobe is i~dicated in Figure 2-57 f o r  a t y p i c a l  Jupiter capture 
orbit .  

.- These data are exlmples af 'the p=rssible trade o f f ~  and a family of carves 
exists f o r  each of the vast number 05 possible =epkure o r b i t s ,  t r f p  times,-and 
spacecraft masses. 

I 

2.2.1.1 berat ional  Ibde ,  Various alterna.tfves exist i n  the operatSona1 ass-np- 
tians for selecting design points. Over a 30-day launch period, a significant 
variance occurs in Saturn V injected mass and therefore in the J ~ p i r e r  orbiter/  
solar probe masses* A Jupiter capmre spacecraft can thus be designed to efther  
of the followi~g criteria: 

Fix the spacecraft i n e r t  mass, paylaad mass, and h e l i ~ c e ~ t r i c  trip 
time. Then vary the spacecraft propellant loading at launch to 
match the Saturn V capability f o r  the constant trip time, The re- 
sultant Jupiter capture o r b i t  parameters are then the dependent 
varfables 

m Fix the vehicle inert, paylogd, ard mass f o r  t he  opening 
of the launch window, Then use the excess Saturn V capability during 
t he  winds;. t o  r e d ~ z e  trip time4 The .Piuiter capture o r b i t  pars- 
meters are s t i l l  the dependent variables but will be different  than 
those above, 



NORWROP SPACE UBORATORIES TR-29213-6-075 
September 1966 

To investigate these concepts, a typical Jupiter capture vehicle, launch 
window, and trajectory were selected and the performance of each of the above 
modes analyzed and compared, The configusction chosen for this study is not 
necessarily t h e  r e c m e r d e d  or optimum design but was selected as a typical space- 
craft. The operations1 results of this analysis should not change with the selec- 
tion of a dif ferent  vehicle. 

Fixed Trip TimeJVariable Propellant Mode* The Saturn V performance capability 
f o r  th i s  mode is surrrmariaed in F i g u r e  2-62 for the trajectory and vehicle se lected 
for analysis, It can be seen tha; f o r  a 30-day launch period- and 600-day trip 
time, spacecraft propel lant  loading could vary from 8500 to almost 15,000 pounds 
for a J u p i t e r  capture vehicle o f  the f ixed launch mass indicated. Such extremes 
in propellant loading could cazse significant problems with ground operations 
during the  launch windm, Large quantities of propellants m ~ s t  be loaded or un- 
loaded f o r  each d a i l y  launch oppor tcni ty  ressfting i n  complicated launch and 
checkout procedures. 

Shown also  an Figure 2-62 are t he  J u p i t e r  captgre o r b i t  parameters for 
rnfnlmumAV braking capture maneavers.. As an alternative to minimumebV braking, 
a fixed perijove radius could be se lected and the  eccentricity of the Jxpiter 
capture o r b i t  considered as the variable  parametere Figure 2-63 shows a typica4 
example of this approach for rp = 1.5 as compared to the minimum AV braking. 
The modes are quite dif ferent ,  but the capture o r b i t  variances are n o t  significant 
enough t o  the se lect ion and installation of the spacecraft "s experiments. 

During this  lasnch window, the declination of the outgoing geoceqtric 
asymptote varies as s h m  in Figure 2-64 as the "Constant 600-day I r i p  Time'"  
curve. 

Fixed Propellant/Varieble Trip T i m e  Mode. This mode will use the same Saturn V 
total performance capability and launch window, The propellant loadiq will be 
that required at  the opening of the launch window and will be held fixed through- 
out the 30.-day incremect. The excess peyload capability of the Saturn V booster 
can then be used t o  redace t r i p  times, Figure 2-65 shows the sescltar?t mission 
time decreases for thf s mode and the assumptions of t h i s  w a l y s i s  

While this  concept offers advantages in opera t ional  procedures due to 
the fixed propellant Loading, the faster trip times result i n  higher spacecraft 
energies at Jupiter arrival. The fixed propellant loading, and thus a fixed AV 
capability, imposes d i f  fesent restsf ct fons  on the Jupi ter  capture orb i t  para- 
meters which can be achte-r:ed. Figure 2-63 shows t he  Jupiter capture orbits 
which can now be achieved with o p t b u m  braking maneuvers. It can be seen that 
only very highly elliptical orbits are poss ib l e  throughmt the  launch wind~w if 
close approaches t o  the planet are desfred. Actually, an elliptical orbit of 
large eccentricity may be desirable f o r  a Jupi ter  capture probe i n  order to 
investigate t h e  whdest poss ib l e  spectrum of the J u p i t e r  environment. T h ~ s ,  t h i s  
mode of operation may be the most advantageous. 

The deslinstfon of the o~tgofng geocentric asymptote f o r  t h i s  mode f s  
s h m  in Figure 2-64 as the "Constant: Gross Massti curve. 

Mode Comparison and Conclusions. Based on t h i s  b r i e f  study it can be seen tha t  
far the range in parameters of the 2upiter capture orb i t  studied herein, l i t t l e  
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. significant differences can be n o t e d ,  The b e s t  opera t iona l  mode is the fixed 
AV/variable trip-time conceprz This mode resclts ir! highly elliptic captzre 
orbits, bur may ac tua l ly  be dzsirabie from the viewpotnt of the sc i ent i f i c  ex- 
periment reqairenents. Also, it permits the design of a spacecraft with-a con- , 
stant propellant loading which reduces the complexity of system development, 
tes t ing ,  and launch operations. No practfcal  difference in the outgging geo- 

- c e n t r i c  asymptote can be noted implying t h a t  the launch guidarce techniques, 
'da5ly launch windows, and other factors re la ted t o  the Saturn V boost  gcidance 
function are essenti~lly i d m t i c a l  f ~ r  these t w o  m a l e s ,  

It is thereforc concluded t h a t  t h e  fixed propellant loading concept 
can be considered withour; cwnprxnisirbg mission results ,  

2.2-1.2 Scievt i f ic  Investiga.tions, Man's knowledge of the solar system until 
recent years was limited r c  terrestrial obserh:ati9ns. Through the use of Ear th  
satellites and interplanetary space-raft , mch d a t a  (although incamplete) has 
been collected c o ~ c e r n i c g  the environment between @.,8 AU and 1.5 AU. T'ne purpose 
of this miss ion  is to extend man!s kno-$ledge a£ t h e  so la r  system frm a b m t  
0 . 1 A U  out to 5 . 2  AU via a Jupiter o r b i t a l  spncecrzft and s o l a r  flyby probe. 
Both vehicl~s are la~rlched simi'l-taneoesly on one b o o s t e r . ,  Near t he  planet- 

*: 
Jupiter, t h e  probes separate; one achieving a capture o r b i t ,  the other  es tab-  
lishing a trajectory to brirg ir close to the Sail *:sing Jupiter's gravitational 
assistance. As a f c r the r  refinerneft, the J u p i t ~ r  orbital spacecraft C T G . ? ~  

launch a probe i n t o  the atmosphere of Jupiter, ~ T s ' o ,  by proper selection of 
the capture o r b i t ,  a close  approach to one 3f Jupiter's moons might be achieved. 

The selectizn of scler.tific in\.-estfgatioas f o r  this  miss ion  i s  de- 
pendent on a large ntmber of f a c t o r s .  &tong these are the scientific value; 
uniqueness to the mission; data  acquired from previous missions; mass, power, 
configcrltfon, telemetxy, and time constrain~s; t ra jec tory  and o r b i t a l  con- 

, sfderations; availability of i ~ s t m m e n t a t f o ~ ;  r e l i a b i l i t y  under mission en- 
vironment; azd the i n f f ~ ~ f i c e  of future missions. A l l  of these factors are 
interdependent and are inf15eeced primarily by the state-of-art avd kaawledge 
of the subjects t o  be in~estigated. It is expected t h a t  priorities w i l l  s h i f t  
as man's ks~wledge sf the solar system and his ~ e c h ~ i c a l  capabilities increase 
so that the expesiinents stiggested herein mLst be considered preliminary, 

A detailed analysls and selection of experiments f o r  various phases of 
this mission has been completed and documented. Brief descriptioqs of the en- 
vironment to be expected in different space regimes are srzrrnnarized in t h i s  re- 
port and possible experheats are di scas sed  fo r  investigating sc iec t i f i c  
phenomena. Table 2-4 sqmarfzes  the experiments investigatio~ and presellts 
power and mass requirements for  various phases of t h e  J u p i t e r  captcrelsolar 
probe mission. A normal and emergency power mode are shown to i n d i c a t e  which 
experiments would be shut down in the event of a p a r t i a l  power supply loss .  
This is disccssed mare fully %I svbsec5aa 2 , 2 , 5  of this report. 

The instruments £01: observing the Jup i t er  moons are of value only if 
close approaches t o  t h l ~ s e  bodies can be achieved, Sec t ion  T I i o f t h i s  revort 
discusses t he  analyses conducted for t h e  Jupiter mooa f lybys.  Data in Fignre 2-66 
is presented siamarizing the closest approach to t he  moons* It can be seen that 
by proper selection of che cap tu re  arbi t ,  reasonable approaches may be made to 





Table 2-4.  (Concluded) 

EXPERIMENT REQUIREMENTS 

JUP TTER ORB TIER SPACEC RAET 

b, Jupiter Capture Orbit Additlena: 

Phenomenon Instrument Quantfty on Probe: 

Normal Emer . 
Operation OpeTation 

Ionsaphere !Wept frequency monitor 
Top side sounder 

- 
Atmosphere Sp echomet ess f se t  

Mf crowave radiometer - 
TR Televi~ion - 

- 1 

TOTALS 

c. Jupiter Moon Fly-by Additions: 

Phenomenon 1 Inst-ent I quantity on Probe: I Unit 

Operation ] Operation 
Power 

(watts) 

100.0 
340.0 
29.0 

Toea1 Power 

20 
R) -. 
W 
I 
al 
I 
0 
-4 
VI 

Normal 
' ( w a t t s )  

100.0 
340.0 
29.0 

4 6 9 . 0 ~  

Tot a1 

Masa ' Erner, 
(watts)  

- 
- 
- 

0 

(kg 3 
30.0 
181.8 
22.7 

234.5 kg 
hl 





the innermost maons. If desired, capture orbits  could be selected specifically 
t o  result in extremely close approaches to the moons. 

NASA and the sc ient i f ic  c m r t n i t y  in general have adopted a policy of 
planetary quarantine to prevent the t r a m p o r t  of Earth l i f e  to other  segfons of 
the solar system, While a specific req-diremect for s t ~ r i l i t y  has not yet been 
agreed upon by all the international sc i ent i f i c  agencies, the NASA policy f o r  
preventing contamination of Mars by the Voyager and subseqiient spacecraft  is 
that the probability of iacdiag ace live organism is less than 20-4o This means 
that t he  Voyager landing capsule will be assembled under sterile conditfons and 
then be scbjected to a st~rilization treatment, Also, the capsule m ~ s t  be trans- 
ported, handled, assembled t o  the spacecraft b z s ,  erected on t he  lacnch vehicle,  
and launched w i t h a u t  fiirther cantarnination, This i m p o s e s  severe requirements on 
every aspect of the d e s i a ,  devlopmect ,  ass~nbly, test, and Iaznch of the space- 
craft. New fabrication rsfchniqz~s a ~ d  l ~ ~ n c h  procekres must be d e ~ e l o p e d  to 
meet these req~irernents. 

While the > i p i t ~ r  orbites/close-sglas probe mission is rot designed to 
contact any interglaae~ary body excepc with a Jupiter atmospheric probe, there 
are some phases of the missisn in which accidental contamir,ation could occir ,  
Thus, both the J u p i t e r  orbiter and t he  s3 lar  spacecraft mzst conform to the 
stated policy of e m - c ~ ~ t a m i n a t i o c ,  The following- events may acczr in t h i s  
mission which wocld trar.sport Earth l i f e  to other regions of the solar system 
if the spacecraft were  not  sterile: 

rn In passage tkro~gh the a s t ~ r e i d  b e l t ,  colEision with a large asteroid 
may occm. Coctaminatiolr of t h i s  body may be spread to others 
throcgh srbsequent c a l l i s  ions andlor fragmentation, 

m After separation of the Jupiter orbiter/solas probe spacecraft, 
e i t h ~ r  vehicle mzy scc idensa l lg  impact with one of JtlpiterTs moons. 

- 

The b ~ s k i n g  raanelrvEr for t h e  JupEter orbi ter  may inadvertently 
insert the spacecraft into a planet i m p a c t  t r a j e c t o r y -  

m Long time orbital  decay of the Z~pites arbiter m y  cays@ the 
spacecraft eventually to enter the planec atmosphere, 

e A Jup i t er  amospherfc probe, launched from t h e  osbtcer will enter  
the Jerpftzr amasphere snd may fmpact t h e  planet ,  

m The solar probe, an its return heliocentric coast, may inpact  a 
large asteroid or o x  05 the planets, 

If it car? be shown t h a t  the probability of contaninat ion  by any one of 
these events is greater than lom4,  means must be t akea  e i the r  to reduce the 
probabi l i ty  of the went  or provide f o r  spacecraft  sterilfzation. 

It has been shown t h s t  a spacecraft mancfactured and assembled u s i ~ g  
cantenposary clean rom practices has a n-mber of live organisms of the order 
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of 1 0 ~ .  If t h i s  nunber Is no t  reduced in arzy way during the mission, then the 
probability for the ocwrserce of' any o f  the above events must be less than 
10*4/109 or 10-13 to  meet the czrrent NASA contamination policy. 

The bes t  sterilization rnediun which can be expected in ,  space is heat 
which is the prilne sterilization technique tjsed an Earth. In space, t h i s  

. concept is limited since the spacecraft systems must be thermally controlled 
within certain operating l h i t s .  This precludes consideration of heating the 
vehicles in space wfth solar or generated heat ta high temperatures. However, 
other studies are currently underway which may show that very high temperatures 
are not necessary, 

Various time-temperature relationships have been developed for heat- 
steritizaticrn cycles an Earth which have been shown to be effective, Far 
example, heating to about 378OK fo r  336 hours is equivalent to heating to 
about 433% for 3 hours. Both of these conditions lead to  acceptable  stertlity. 
With the extremsly long mission durations assaciated w i t h  the Jupiter orbi te r /  
solar probe, t h e  time-temperature cycle may be quite reasonable. Excess heat 
may be used from the RTG uni t s  to  heat the spacecraft te its upper temperature 
tolerance limit during the h e l i o c e n t r i c  coast phases t o  achieve sterilization. 

Figure 2-67 shows the current req~lrements and a postulated extra- 
polatfan. If this extrapolation is v a l i d ,  the Jupiter o r b i t e r  mGst be heated 
to about 330% dvring i t s  heliocentric coast t o  be'sterfle at Jupiter encounter. 
While this temperature does not exceed the usual limits of ccnventional systems, 
continuous operation a t  th i s  level seriously a f f e c t s  the  lifetime of electronics,  
Also, it does n o t  seem probable that absolutely a l l  elements of the spacecraft 
cwld be maintained at this temperature, Unless a very compact design was 
developed, appendages such as antenpas, instr~ment boom,  et c. , would be d i f  f i- 
cult t o  heat properly.  Little confidence could be placed tn this concept of 
heating enroute to insure a completely stkrile spacecraft at planetary en- 
counter, althoagh the b i o l o g i c a l  count could probably be red~ced over most of 
the spgcecraft. 

A sterilization technique under consideration f o r  the Voyager mission 
is the use of a mlcrobiologital barrier around the landing capsule,  Upon ap- 
proach to the planet, the barrier will be opened and the steri le  capsule e jec ted  
onto i t s  landing trajectory. This concept has many advantages: 

m The barrier can be made impervious to contamination after en- 
capsulation of the sterile landing probe permittfng conventional 
handling during transport, assembly, and launch operations. 

- e The barrier provides a means of connecting the Landing capsule t o  
the spacecraft bus so that cross contamination during the helio- 
centric coast will not  occur. 

m The barrier can be  filled w i t h  a sterilizing gas such as ethylene 
oxide or Frean 12 to maintain sterility and provide a long term 
decontamination exposure during the heliocentric coast .  
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2,2,3 Corprnunication Subsystem 

The functions of the  communication s~bsystem on interplanetary 
unmanned spacecrafr: can be s~lssrmarized as follawst 

r Cmand as,d control: provide system conanand in real t h e ;  provide 
a means of relaying ir.forraation £ran Earth to be stored in the 
spacecraft santral system or data handling system; and provide 
f o r  verification r e a d a ~ t s  of c m a n d s  stored on the spacecraft 
upon interragatian £ram Earth. The required trarsmission rates 
are law, but acccracy requirements are severe, 

e Trackins: provide for  pr~cise determination of the spacecraft 
velocity vector and range t o  cqrrectly interpret scientific data 
and cmpiite cs7;rse corrections + 

Telemetry: provide f o r  transmission t o  Earth of scientific data 
and engirieerirg s t a t u s  of the spacecraft (housekeeping data) .  
To minimize systern p3wer requirements, the  data-ha~dling system 
must be highly flexible in psagrammlEg and routing capabilities 
and must incorporate adaptive techni?xes, data compression 
t e c h n i q ~ ~ s ,  and storage devices. 

The mast sophisticated aE the above functions i s  telemetry, Before scientific 
or engineering d a t a  can be trar'snltted f rom a spacecraft ,  it must be sampled, 
encoded, and modraiated, By these teehnlq~es, a message is transformed from 
its original £ o m  P ~ t o  a sigcal s v i t a b l e  for trsnsmission and processing. 

The following sc.bsectior,s present discr;ssions 0 5  these functions 
together w i t h  subsystem requir~ments, state-sf - the-art  c a p a b i l i t i e s  where 
appropriate, and spacecraft subsystem descriptions. 

2.2.3.1 Cornand and C m t r 3 1 ,  To provide the proper c m a n d  and control faaction,  
the spacecraft conrmava receives subsystem must be operated contirz3usly, This 
is necessary to permit grqund c m ~ n i c s t i o ~ s  w i t h  the spacecraft at the grocnd 
controllersr opt ion  during the flight phases of the m i s s i o n .  The command and 
control receiver is Ee5 by an amnidirectior~al  qntenna on the spacecrzft t o  
al low Earth-to-spacecraft commzni.csticns even i f  a failure in the att i tude 
control system or guidance and navigation system bas deoriented the high-gain 
antenna. In the event of such a failure, the spacecraft w i l l  be able t o  re- 
ceive cormand signals from the  Esrth through I t s  omnidirectional antenna in 
an effort to correct msff~ractions or establish emergency modes of operation. 

The camand ~ n d  cartrol link is usually designed for  about 1 BPS data 
rate operation. To preclude the transmission of erroaEoers corrmands, this sub- 
system requires a low b i t  error rate of apprsximately 1 in 105 bits. The 
unique requiremefits of t h i s  subsystem lead  t o  consideration of a ground-to- 
spacecraft cormnanicatlor.~ link separate from the telemetry link. Thus, for 
the Jupiter orbiter/solsr probe mission under study herein, the 25,9-meter 
( 8 5 - f o o t )  DSIF grqcnd antenna cotild be used for the c m a n d  link at the low 
b i t  sates. For data telercletry, the 64-meter (210-fo~t) g s o ~ ~ n d  a n t e m a  mrt.st 
be used, Tnis concept wi19 also hzlp  relieve the otilizaticn load on the 
large DSTF antemas A i c h  will be in great dernand ir? the next decadeo 
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A spacecra f c - to-Earth c m u n f  ca t ions 1 f rJc f o r  the cormnand and control 
subsystem is necessary to verify  the receipt of c o m n d s  and to transmit t h e  
stored cammnds upon fnterrogatioh from the Earth. This can be accorrqlished 
w i t h  the spacecraft high-gain telemetry system independent from the omni- 
directional command receiving sub system. 

For both the Jupiter orbfterJsolar probe, comunications out t o  about 
6.5 AU mast be provided. Thus, the two spacecraft may well use identical com- 
mand and control receiving systems. Based on data t o  be presented in follow- 
tng paragraphs of this  report, the characteristics of th i s  system can be deter- 
mined. Table 2-5 sumarizes the important data relating to the cormand and 
control comuaicatfons at S-brmd operation. 

2.2.3.2 Trackinq. Doppler frequency sh i f t  znd range measurements are required 
for accurate trajectory reconscruct ioa.  Doppler 5nformation is obtained by a 
f l i g h t  transponder which cohereat1 y tracks the fncorning radio frequency carrier 
from the ground s t a t i o n  and radiates back a carrier whose frequency relationship 
to the received carrier is s e t  and kr,own. The ground stat fan observes the 
Doppler shi f t  f n  heir received carrier frequency and computes the spacecraft 
velocity. Existing syster~s permit  an accuracy of one foot p.er second or less. 

Range infomation is obtained by noting' the signal round- t r ip  propa- 
gatton t-e and correlati~g pseudo-random codes. At interplanetary distances, 
the spacecraft must detect, reconstruct, and retransmit the ranging pseudo- 
randm codes. Advanced systems under development also correlate the phase of 
the coded s ignal  and of the carrier, providing a fine vernier determination of 
spacecraft range. 

The equipment t o  perform these funct ions  is an integral part of the space- 
craft high-ga.in conrmunications system discussed below. Otlly a very small portion 
of the b f t  rate 2s used f o r  tracking data and the b i t  error rate is not critical.  
Trajectory reconstructio~ eatails the u t i l i z a t i o n  of may range and velocity 

* points and otze da.ta sample out of rolerat?.ce ran be noticed and discarded. 

2.2.3.3 Telemetry. The p r b a r y  purpose of an interplanetary mission is the 
return ta Earth of scientific data. Sampling and preselection of spacecraft 
data is desirable a s  i~ is not ef f ic ient  nor necsssary to transmit a l l  the 
information collected during the m i s s b n .  Postu lated  techniques vhich would 
significantly affect the communication system requirements of the Jupiter 
orbiterlclose solar probe will be discussed in the foliowing paragraphs. 

Self Adzptive Telemetry Systems. These systems perform an onboard selecting 
function and reduce che transmitted data b i t a .  A simple concept uses a programing 
technique t o  routinely select data transducers. A eontralling sequexer is 
'located betwee2 the  encoder and data transducers which sequentially selects 
the data to be t~ansmitted. Thus, during one spacecraft interrogation only a 
portion of the total onboard stored data is relayed to t he  Earth. 0.1 t he  next 
interrogation data of a different nature is transmitted. For example, housekeeping 
data m y  be relayed only every , t en th  interrogation and the various scieattffc 
data divided bebeen the ether nine transm5ssfons. 

Associated with the above approach may be p r o g r ~ m i n g  of an increase 
in transm-ltter power at predetermined points  in the flight t o  maintain a desired 



Table 2-5. C O W N D  AHD CONTROL GROU?ID-TO-SPACECRAFT LINK I 

( J U P ~ E R  ORBITER/SOIAEE PROBE) 
I 

D S P  transmitter gain @ 1 BPS and 100 kw 

Receiver gain @ L BPS and' l0  db m5se figure 

Internal system losses 

Transmission lo ssea 
PROPOWTION Sky noise losses 

Jupiter background noise losses 

293.0db 
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signal-to-noise ratio over the estire trajectory. An effective system can be 
developed %erein the measured signal. received by the ground s t a t  ion from the 
spacecraft serves as the contro'lling parameter. At a predetemined minimum 
signal level, the spacecraft transmitter power is increased in increments, 

-- 

A new' development in  self -adaptive  telemetry which may be considered 
is the use of an onboard device to examine each of the  measurements taken and 

.reduce only those data segments whfch exceed s t i p u l a t e d  tolerances* In t h i s  
way, the system telemeters otrt-of-tolerance data and the gaps between such 
fnformatI%n i+l ies  K t h h - t o l e r a n c e  conditions. 

The ideal self-adaptive telemetry system would monitor a l l  data before 
transmission and select only that infarmatiofi of interest, Thfs requires 
sophisticated d a t z  processing onboard the  spacecraft and establishing criteria 
t a  make the se lec t ion  derisions. S ~ c h  criteria may account f o r  the occurrence 
of an event, duration of an event, and exceeding a predetermined threshold, 
Advanced telemetry systems of th i s  nature have not  yet  been developed for 
operational *Ase, but may be available i n  the next decade for use on a Jupiter/ 
sotarprohe. - 

Feedback systems. These syaZems can improve the  r e l i a b i l i t y  of the received 
data by a u t m a t f c a l ~ y  rnonltoring t h e  communications link. A rider -of aura- 
matic feedback tech~iques can be considered: - - -  - -  - 

a Decision feedback employs a means for the ground receiver to re- 
quest additional data from the spacecraft i f  the information 
symbol received is unclear  or appea.rs t o  be erroneazs. 

Information feedback allows the spacecraft t o  obtain information 
from the ground station regarding the quality of the roceived 
signal and to send addi t ional  adjustments in doubtful cases. 

a Power control feedback ad jus ts  the radiated transmitter power 
upon feedback from the ground station so that the received 
s ignal  strength is always above a certa, in threshold, 

The advantages of feedback telemetry systems are 1) the feedback f ~ n c t i x  im-  
proves the r e l i a b i l i t y  of t h e  data,  and 2) the  feedback fuaction can be employed 
t o  change the data rate i n  response to  f luctuating system signal-to-noise con- 
di t ions .  These advantages are in contras t  t o  normal telemetry systems which 
are designed for the worst case signal-to-noise r a t i o  at which the system is 
expected to operate .  

2.2.3.4 Spacecraft Antemas . An important aspect of interplanetary space- 
craft communication systems is the configuration and design of antennas. 
These have a strong inf luence on the design of the spacecraft in terns of 
weight, power, and attitude stabitizatior, This analysis considered the 
following factors to properly s i z e  the telemetry antermas f o r  the Jupiter 
orbiterJsolas probe: 

a Antenna and system gains r System noise losses 
e Propagat ion losses a Ground system character is t ics  
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The followicg subsectLons preseet a di scuss ion  of these subjects and 
indicate the process u t i l i z e d  in selecting the telemetry system characteristics,  

Antenna and system gains will be considered first.. The various c m o n  antenna 
configurations ~ghich can be used on interplanetary spacecraft and the restrictions 
on thetr use are as fallows: 

Stub anteenas: a r ~ d  which is o n e  quarter t h e  wave lefigth 05 the 
carrier frequency. Four  of these stubs placed %n a plane and Located 
90° apart can be made to provide a nearly omnidtrectienal radfation 
pattern, 

Q D i p o t e  antennas: csed on spin-st3bi l ized spacecraft w i t h  the antenna 
axis colltnear xith the spln  axis of the grsbe, The radiation 
pattern is do~gh2ut  shaped with a gain of a little more than 2 db ; 
on the plane perpendicular t o  the  d i p o l e  a x i s ,  I 

a Directimal antennas: usaally parabolaids,  these antennas provide 
a beam radiati~n pattern which nust be sccurrztely pointed to the 
receiver, 

Directional antennas collect and focus a grezt deal of radiative energy 
into a beam permitting greater transmfssion distastes f o r  any given po-ger leve l .  
For th i s  reason, they are used a lmost  exclcsively an Interplanetary spazeeraf t ,  
The feed to the parabalic r e f l e c t o r  is us~ally tapered frm rnaxbcrn illuminakion 
at the center t o  zero a t  the edge. This is done to eliminate s i d e  lobes i n  the 
radiative patterr and create  3 more zniform beam, The efficiency of such an 
antenna lies between 50 and 80 percex ,  

Because of the colfecting and focusing featzre of these antencas, a 
system gain over omnidirectiaraL anternas cen be expected f o r  any given power 

I level. In additim, the half -gwer bean uidth 3f parabo'ltc zntennas can be 
calculated in terms of its gait, The graphic presectation of the functions 
is shown in Figure 2-68 f3r aperatioq a t  DSTP S-bard f r e ~ ~ e n c i e s  wtth an 
effic*ency of 50 percent, ?.he dot5e3  line on the  plot  indicates the method or' using 
this d a t a .  It can be seen th?t large antennas, w h l i e  providing great syscem 
gain, must be painted very preciseIy, This is a disadvantage which must be 
considered ir the selectfcn a£ antennas for interplenetary  spacecrafto 
Another disadvantage-assocksted with t he  large vasabolic antennas is the re- 
quirement f o r  close mezha~icsl fabricat ion tolerances, Surf ace irregc?ar lt ies! 
limit the coherence of the co l l ec ted  e n e r g  which degrades the antenna ga in .  

' 

When the irregclarities appr3ach one-q.:arter of the vavelength, there is 
complete loss of antenna aain, 

In addit ion t o  the gain of direc t iona l  antenztas, system gain t s  
achieved in the transmitting devikes. The general t r a d e ~ f f  of system ga in  
i n  d e c i b e l s  vs rf power is shown in Figure 2-64 , This is a c o s t l y  method of 
achieving gain as is evide~ced by the drastic increase fn required p m e r  t o  
achieve minor inzreases i n  gaino The usual approach to increasing c m u n i c a t i o n s  
capability is to increase t h e  antenna s ize .  

The major system propagatio~ losses are due to attenuation in space 
and absorption in the  atmosp5ere and ionosphere- For the former c a s e ,  it can 



Figure 2 4 8 .  PrWAUO LIC AN'MNNA (:rlhliAt1(:TEIK IN'I'l(:S 



Figure 2-69. TRANSMITTER POWER REQUIREFIE NTS VS TRANSPIITTER G4IN 

2-103 



- .  

September 1966 

be shorn that the tste7,  sp+ce loss between t vo  pa rabo l i c  antennas is as plotted 
in F i g ~ r e  2-70 a s s m i r g  t h e  utilizatim of t h e  6b-rnet~r (210- foo t )  G ~ ~ l d s t o n e  
antenna at S - b a d  f r e ; t r ~ n c ~ e s .  F s r  r e f e r ~ n z e  p c r p ~ s e s ,  t h e  space p r q m g a t i o n  
losses far a half-wav~ d i p o l e  ~ o r r i i 3 i r e c t i o c a l !  a c t e n n a  a r e  a l s o  show?.. These 
curves c lear ly  indicate  the advantages of using Large d i m e t e r  antenaas at 
interplanetary distzcces H37ere::er, a t r a d e 3 f f  of size and p o i ~ t  irg accuracy 
is necessary and the larser diameters rnc,st be st3bilizeA to -.,-ery close t o l e r -  
ances as i n d i c a t e d  i r i  F i zz re  2-70 f o r  3 - d ~ c i b e l  half-po-*er beam widths n 

In addit ion co losses due to p r o p a g a t i o n  through space, abso rp t ion  i n  
the Earthls at.nosg*~ere ar,d i o w s p h ~ r e  occrrs~ T n  the  atmosphere, losses ?.re 
caused almsst ectirely by the rno~ecu i? r  a b s o r p t i o n  of oxygen and water vapor, 
This absosp:iltl decreases sharply -2izh i nc reas inq  elevation angle of t h e  s i g ~ a l  
source becaa2se of t h e  decrease ic path length t h r o ~ g h  the atmosphere. Xono- 
sphere Losses 21-E caused by t h e  t r a n s f e r  of energy from t h e  p r o p ~ g a t i q  elec- 
troinagnetic walres to t h e  e l f c t r o r s  of the i o r ~ s p h e r e  l ayer s .  T5ese losses I 

exhibit daily, s~ssocal, a d  sporadic variations dze to osciLlations a w l  changes 
in the ionosphere- Abssrption losses are very snall a t  S-bsnd f r e s c ~ c c i e s  and 
can be ignored in t h e  concep tu s l  d e s ~ g ~  stages,  O t h e r  e f f e c t s  l i s t e d  below a r e  
a l s o  small b2t will be a c c o ~ r = e d  far.  

- .  

a Faraday effect - rotation ~f the plane of p o ' l a r i z a t i o n  of t%e pro- 
pagated wave d i e  t o  the combined presence of the io~osphere and 
magnet ic  field of t h e  E z r t h .  The apparent l o s s e s  dce to t h i s  - 
effect are Less t hzc  3 d b ,  

P o l a r i z a t i ~ n  - i n d ~ . c e a  in t h e  psopzgated wave b y  t h e  relztlv~ as- 
pect and osre?tati~r o f  t h ~  s p a c e z r a f ~  antenpa with rzspect  to the  
grol~nd stztfon, Sj-stem l o s s ~ s  a r e  less than 3 db ,  

I Interference - spc r i z - s  sigq3Ls i~ the trz~smitter and t r a n s -  
mftter-receiver spaze l i n ~ ,  inpzt c i r c u i t r y  of r e c e i v e r ,  a ~ d  
receiver local rf power generating c i r c u i t r y .  

A s tudy  will now be mzde of t h e  system r,ofse losses. The gr9:rr.d re- 
ceivlng s t a t i o n  f3r an ircerplanetzry probe,  In a d d ~ t i o n  to acqui rang  n3rmal 
tsansmitt~r s igca l s ,  ac ts  as a radio telesc3pe arxl picks cp radiations from 
the Sun, galaxy, stars, MDD?:~  and other plaretary b ~ d i e s .  The m o s t  i s q t r o p i c  
source of t h i s  backsraund noise  is the gslauy, The Sen 3 r d  planets are  
stronger emitters buS_ are discrete o r  l o c a l i z e d  sources a f f e c t i n g  c m m i -  I 

cat ions  only in spec<£ i e d  d i r e c t i o n s .  The Sun is a s t s o ~ g  noise source a n d  * 

c m u n i c a t i - 3 n s  with irrterpla~etary probes close to or in front of t h ~  S E ~  
will be d t E f i c c L t .  

Nafse sxrces ir, +he sky have b e ~ r  Exter.sively studied by radio astro- 
nomers. Maps of the ceiestri?l sphere  hsve  been prepared showing eqt;ivaletlt 
noise temperature in great d e t a i l ,  For t h e  pzrposes of t h i s  study, t h e s e  data 
can be suma,r ized as shwm in F i g u r e  2-71  The l??e labeled ' ' a - ~ ~ r a g e ~ ~  in t h i s  
figure represeats rhe background n s i s e  which is irdepend~nt of d i r e c t i o n .  It 
can be seen that a t  5-bard  frequencies, g a l a c z i c  n s i s e  is an s p p r o . ~ i i n a t e  5OK 
source, while the n m i v a l  backg-r3-;rd n3rs.e is negligible - The energy absorbed 
by the  atmosphere x f  t h s  E e r t b  is p;rtLy reradisred 2s t h ~ r n ? l  energy g i v i n g  
rise to a thermal noise SDPctrLm su r rou-d i r l z  t h e  E s r t h .  The energy 1 ~ 1 r e l  of 



m Goldstone 6 4  antenna (210 f t )  
Antenna efficiency = 50% 

SIGNAL LOSS (db) I 

kigzure2-70. DISTANCE FROM EARTH VS SIGNAL LOSSES 



Figure2-71. SKY N O l S E  TE>IPERhTURE VS TRANS:-IlSSfON FREQUENCY 
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this noise is low and is a strong function of elevation. This noise source is 
also indicated in Figure 2-71 . 

The surface of the Earth also acts as a noise source  with a noise  tem- 
perature 05 290°K. This radiation zsually enters the connncnicat ion loop through 
side lobes of the ground antenna, However, properly designed eqc ipent  has been 
able t o  reduce the Earth's surface equivalent noise source temperature to about 
20 - 50%. When the ground antenna is operating at high inclinations, this 
noise is greatly reduced, Of course, the interplanetary probes's antenna when 
pointed at the Earth for data transmittal sees a 290°K noise source. 

The radfation £ran the Sun has a complex spectrum, but it fs primarily I 

composed of a basic thermal c~mponent, a slowly varying component, and various 
types of sadden b u s t s .  Becacse of the cmppfexity of this spectrim, it is not  
poss ib l e  to establ ish  exact noise values. However, at S-band frequencies, the  
solar noise corresponds almost entirely t3 the 6000°K black body t'nermal emission 
of the D~nls photosphere. 1 

The planet-Jupiter is a relatively strong noise emit ter .  Thermal 
emissfon occurs a t  a wavelength approximately 3 - m  long corresponding to an 
equivalent noise temperature of 130°K. "The planet also exhibits a non-thermal 
radtation spectrm with a continuous emission in the decimeter wavelength region 
and noise-storm type emission is t he  decameter range. The latter occur in 
bursts of a second or t w o  duration in groups lasting 5 to 10 minutes and con- 
tinuing intermittently over a period of hours* These bursts  are inversely related 
t o  sunspot act ivi ty  and can thus  be roughly predicted. Because of the shor t  
duration and r a r i t y  of these events, they will not  be accounted f o r  in the 
development of the cormnvlnications system f o r  the J u p i t e r  osbiter!soiar probe. 

The effect of this background noise on system opera t ion  is shown in 
Figure 2-72 . On this graph, the equivalent temperature of the noise sovrces 
expected for the J ~ p i t e r  orbiterlsolar probe is indica ted ,  To accurately calcu- 
late the signal loss expected, the trajectory f o r  the probe must be examined to 
determine t h e  relative locatian of the ndise sources w i t h  respect to the Earth- 
to-probe c m ~ n i c a t i o n  line of s ight .  A constant background signal noise loss 
of at l e a s t  22 db should be expected for  t h e  J ~ p i t e r  o r b i t e r ,  A greater s ignal  
loss can be anticipated for  the srrlas probe as the  spacecraft approaches thesun 
leading up t o  cmplete signal loss during passage across the solar disc, 

In addition t o  noise losses due t o  propagation phenomena, internal 
I sources of noise power generated fn t h e  transmitting and receiving equipment mvst 

be accounted for. The type of equipment has a strong influence on the interna'l  
noise. Table 2-6 below silmarizes some typical  values for receivers operatfng 
a t  S-band frequencies. 

Table 2 - 4 .  EFFECTIVE NOISE TEMPERATURE 

FIGURE, db 

Crys t a1 mixer 
Traveling-wave 750 5.5 
Parametric amplif er I00 1.3 

3 to 10 ,04 to ,2 
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The s2pesiority of the m~dern maser systems is r e a d i l y  apparent, Other 
onboard losses related t o  antenna feeds w i l l  account for another 1 or 2 db loss 
over that sho-m ir Table 2-6. 

The only ground sptem characteristics which can be considered = the 
DSIF network of NASAc In the rzext decade, the 64-m (2104 o o t )  antenna w i l l  be 
the primary ground antena in use far  telemetry. This system will have an equiva- 
lent noise  temperrture of aboclt 30°K which is a receiver noise figcre of about 
-10 db. This i s  an excellent recekvi~g system approaching theoretically per- 
fect limits. To achieve this performance, the preamplifiers are cooled with 
liquid hydrogen t o  sbtain supercond~ctivity ic the systm c i r c u i t s  and minimize 
thermal noise losses. The system gain which t h l s  ground staticrn contributes to 
the camunicatiors s~bsystem i s  a function of the data b i t  rate. In terns of 
dec ibe l s  aver a milliwatt, t h i s  tradeoff is show!? in Figure 2-73 f o r  a range 
of receiver noise figures. In this study it will be conservatively ass~med 
that the 0 db noise level will be achieved in the next decade. I 

The significant gain contri"oGcion by the ground system can be noted 
from the data in Figure 1-73 . This p~rformance i s  a l l  that can reasonably be 
expected in the next decade altho~gk: interest has been express~d .in the X-band 
ITOGHz) f o r  future d~velopmenr, At this t i m e  s i gn i f i c an t  improvements cannot 
actual ly  be realized over the S-band performance dce to practical fabricatkon 
problems. Two typical  S-baad and X-band systems were empared in a previous 
Jupiter probe st i idy (reference i 1. 

2.2.3.5 Telemetry S j s t m  Sumarx, Tables 2-7 and 2-8 were prepared to s m a r i z e  
the prlmary characteristics of a typical spacecraft-to-Earth telemetry c m u n i -  
cation link, The selectfala sf the features shown is, to some extent, arbitrary,  
and exchanges of antenna size, pawer,and b i t  r a t e  can be made t o  o b t a i n  a 
reasonable system, Hzwe;ter, f o r  use in conceptual spacecraft designs, the 
characteristics sho-m on these t a b l e s  wfl1 be csed,  A number of explanatory 
corrrmeats are in order: 

Grou~d Statforn - A receiver no i se  figure of zero db is assumed, If 
a -10 db noise f i g u r e  is achieved in the next decade, the gro-c.nd 
receiver gains f o r  the b i t  rates sham will be increased by t ha t  
10 dbo To maintain similar operating margins, th i s  gain may be 
compensated f o r  by decreasing either the spacecraft power, the 
antenna s i z e ,  or bo th ,  I 

t 

a Space Propagation - Omnidirectional transmission antennas are shwm 
f o r  use at d l s t a c c e s  close to Ear th ,  This antenna config~ration used 
out t o  a b a ~ t  2 AU for t he  J~piter probe will reckce the attitsde 
control requirenents of the spacecraft during the cr i t i ca l  e jec t ion  
and stabil izatior!  manem-ers. A l s o ,  during the early phases of the 
mission, the relative change in the angle between the Earth-to-space- 
craft l ine  and spacecraft-to-3in line is high. These probrems are 
discussed more fully in subseClon 22.7 (Guidance and ~ a v i g a t i o n ) ,  of 
t h i s  report. 

F o r t h e  solar probe, an omnidirectional system is used if the spacecraft 
passes within 0.75 AU of t he  Earth. Far the Jrtpiter gravity assist t ra jec tor ies  
under consideratian herein, this does not occxr anti1 the solar encounter has 
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Figure 2 -73. DATA KATE VS DSIF RECEIVER GAIN 
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Table 2-8. mUMETRY SYSTEM PERFORMANCE 

A - CLOSE SOLAR PROBE 

I SPACE PROPAGRTION I Space transmission loss from 6.5 AU I - 1 - 190 db 

GOMHUNZGATIONS 
COMPONENT 

GROUND STATION DSIF 64 rn (210-ft) antenna gafn + 60 db 

DSIY receiver gain @ 90 BPS - 
DSIF receiver p i n  @ 9 BPS - + 165 

+-- 

-t 225 db - -------*. - - .- 

I I Space transmission 1 oss from 0.75 AU I - 214 db I - 

+ 60 db 

+ 155 
- 

+ 215 db - 

I I Jupiter background noise loss 1 - 11 1 - 1 8  

r REMI RKS ANTENNA ANTENNA 

OMNI . 

Eareh 6mspheric and surface noise loss + - .15 - 223 db 

- 
HIGH CAM 

SPACECRAFT Antenna gain @ 1.2 m (4 'ft) 

hnidirect ional  antenna gain 

Transmitter galn @ 40-w. rf power 

A n t e m  feed l o s s e s  

Internal system nolse losses 

I Paraday effect in ion0 sphere 
, '  

Polarization loss  

S Moduf at i o n  bandwidth loss 1 FM hpravement and phase lock tracking losses - 10 
+ 32 db 

II . . 
I -----.- 

I NET OPER4TING M R G I N  I +  3 d b  + 14 db 
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been achieved. 

m Net  operat ing rnsrgin for the mnfdisectioaal antenna systems, the 
signal-to-noise margin sho-mi 1s  relatively IQW corresposding to the 
values expected at distances where t h i s  antenna becomes useless, 
Due to modern filtering techniques and ground system improvement, 
it may be later p o s s i b l e  to receive signals beyond these distances 
with close t o  one db operat ing margin, FOP the  high-gain systems, 
a considerable margin is maintained at  the  limits of the c m c n f -  
cations line of s i g h t ,  This will account for any contingencies, 
spurious noise ,  or other  unexpected system losses. With these 
relatively high margins and the reasonable estimates for  system 
gains and losses  icdicated in the cables, it is believed t h a t  a 
very conservative system has been developed f o r  t h i s  mission, 

2.2.3.6 Communications G e m e t  ry, Ta locate the antennas en the conceptual spade- 
craft designs and def ine  t h e  antenna gimbal requirements, the heliocentric geo- 
m e t r y  of the Jzpi te r  orbiter!solar probe must be analyzed* For the Jzp i t e r  cap- 
ture mission, a typical trajectory is shown in Figure 2-74, During the helio- 
centric coast beyond 2 AU, when the  omnidirectional antenna is no ignger useful, 
the high-gain antenna mist be capable of gimballing about 220' from t h e  space- 
craft-to-sun axis .  The Earth appears never t o  be more than lZO away from the 
Sun when viewed from Jupiter o r b i t .  However, the orbiting spacecraft must now 
keep one axis pointed toward the planet for  scientific measurements, During 
one Jupiter o r b i t  the Earth appears to the planet-oriented spacecraf t  to tra- 
verse the en t i r e  sky. Therefore, complete 360' gimballing c a p a b i l i t y  must be 
provided if c m u n i c a t i c n s  are desired throughout each Jupi ter  o r b i t ,  

For the close-solar spacecraft, t he  cml in i ca t i ons  geometry during the 
inbound hel iocentr ic  coast is not  c r i t i ca l .  Again, the Earth appears to tra- 
verse approximately ?2Oa  bout the Sun during mast of the t ra jec tory .  As the  
spacecraft nears Earth and then passes through perihelisn, the gemetry b ~ c m e s  
more complex, Figure2-43 scmarizes the results  of a parametric line-~f-sight 
study f o r  a variety of t r l p  times and clgse s o l a r  approaches during a p a r t i c u l a r  
launch window, It can be seen t ha t  crn5nicatians w i t h  t h e  solar probe duriag 
its perihelion can be readily accmgfished, 

2.2.3.7 Cormnunications Subsystem Descriptfor,. The Jup i t er  orbi te r l so lar  probe 
communications system is d i a g r a m e d  in Figure2-75 , This system can operate in 

I several modes. Under normal conditions ground corrrmands select the des ired  mode 
including switching t o  redundant units. If conrnunications to Earth are lost, 
the spacecraft central cmpilter and sequencer w i l l  automatically prevent t r a n s -  
missions and waft f o r  commands from the Earth c m a n d  antenna. If no signal is 
received after a predetermined length of tfme, the spacecraft will axtomatically 
switch t o  a redundent cormnand receiver, If c ~ u n i c a t i e n s  are restored, the 
data-handling aysten will provide the necessary information to permit  determina- 
tion of the  nature of the malfunction, Corrective procedures could then be sent  
from Earth. 

During the launch and i n i t i a l  operational phases, spacecraft performance 
can be transmitted on a real-time basis. Data from the a t t i t u d e  c o n t r o l ,  power 
supply, and other systems are s e q l ~ i r e d  in order to verify t h a t  the spacecraft is 
operating properly and has been o r i e n t e d  correctly.  The omnidirectional antennas 



0 DAYS \ 

Figure 2 -74. TYPICAL CObMUMICATIONS G E O E T R Y  FOR JUPITER ORBITER 
VS DAYS FROM EARTH DEPARWRE 
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would be used in these phases. 

The data-handling svbsysten provides multiplexing of the spacecraft and 
instrumentation s y s t m  parameters, converts the  input data t o  a d i g i t a l  repre- 
sentation, and formats the spec ia l i zed  d i g i t a l  encoder output w i t h  other scien- 
t i f i c  data acquired directly in d i g i t a l  form or from special purpose encoders 
included with the instrumentation. A storage capabil ity must be furnished for 
transmission of data collected at the comunications interrogations during the 
long duration heliocentric coast,  

The magnetic tape storage system can record data at very high b i t  rates 
permitting starage of TU data. A maxim-xn record-to-playback speed ratio of 
about 500 to 1 will be possible in the next decade so that f o r  transmission at 
100 BPS b i t  rates, the tape storage system can record at about 50 KBS if 
necessary. It is postulated tha t  the tape system will operate in a start-stop 
mode, recording blocks of data of 15,000 t o  20,000 b i t s .  A tape length neces- I 

sary t o  store abo-it 20 frames o f  N pictures at 2 . 5  x 105 bits/frame appears I 

reasonable at  th i s  time. I 

The mass and power requirements of this system includi~g redcndancy are 
listed in Table 2-9 . These must be considered nominal values a t  t h i s  t i m e  
and may be substantially changed with technology advances in the next decade. 

2.2.4  Spacecraft Thermal Control 

The req~irements of thermal control f o r  this mission vary considerably 
wfth the mission phase- The space probe will start from the Earth!s stirface 
a t  1 AU and travel away from the Sun t o w 5  AU for the first phase a£ the mission, 
consisting of Jupiter flyby and capture of part of the payload i ~ t o  Japiter  orb i t .  
During t h i s  phase the system and surface equilibrium temperatvre w i l l  cont inue  
to drop and w i l l  be the lowest in the v i c i n i t y  of Jupiter.  Hence, iaternal heat 
generation w i t h  an insulatian sh ie ld  should maintain the iratema1 spacecraft 
temperature above the lowest tolerance limit of the spacecraft compone~,ts+ In 
the second phase of the mission the s o l a r  probe will swing by the planet Jupiter 
and wi l l  proceed towards the Sun on a close solar approach miss ion ,  Durtng 
this phase the increased solai radiation will eause the surface temperature to 
rise,  and w i l l  impose the seed of a heat dissipation systm to maintain the 
spacecraft iastrlnents and other sensitive components below the maxirnm permis- 
s i b l e  temperature. Figure 2-?6 shows the variation of a spacecraft sgrface 
equilfbrim temperat~re as a function of its distance from the Sun. The ex- 
treme temperature excursion can be noted as well as t he  very undcceptable tern-j ' 

peratures at  close solar distances. The following paragraphs discuss various r 
' 

phases of this  mission a ~ d  the associated thermal control systems selected f o r  
use on the Jupiter orbitzrlsolar probe, 

2.2.4.2 Deep Space Control. For operations in the farregions of the solar 
system, spacecraft systems and propellants must be kept heated. Yubsectioa 2.2.6.1 
discusses thermal control and heating of liquid propellants d u r f ~ g  the long, 
cold heliocentric coast phases of t h i s  mission, and subsection 2.2.5.3 presents 
concepts of waste heat utLliaation from KTG power supp ly .un i t s ,  

Without a detailed spacecraft design, the thermal control req-crirements 
of each system cannot be analyzed in great depth. Such a study must account 
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for the heat i n p u t  and loss from internal generation, solar radiation, radiation 
t o  space, planet  albedo, and RTG-unit radiation. Data regarding materials and 
heat t r ans fe r  paths are required to accurately predict the temperature profile 
of any system o r  coaponent. This i s  not  possible a t  this stage of the develop-  
ment of the Jupiter orbi ter i ' so lar  probe configurations. Baspd on past experi- 
ence, it is ant ic ipated  t h a t  proper thermal control  can be maintained in deep 
space using e l e c t r i c a l  heaters f o r  c r i t i c a l  systems and super i n s u l a t i o n .  Con- 
siderable excess heat and power is available from the RTG units as discussed in 
subsectfofi2.2.5.3- To ind ica te  t h a t  enough heat is avai lable ,a  preliminary energy 
balance was carnpleted f o r  a t y p i c a l  spacecraft configuration. Assuming a space- 
c r a f t  r a d i a t i n g  surface area  of 50 rn2, the  total heat make-up r e q u i r e d  i s  as 
shown i n  Figure 2-77 . This data corresponds to a range of superinsuLation 
thickness up to about 10 an around the spacecraft. Based on t h e  power profiles 
of subsec'hn 2.2.51, the excess energy available for thema1 control is noted 
also on Figure 2-77. From t h i s  d a t a  it can be seen that insulation is uscally 
required for the Jupiter orbiter/solar probe. I 

I 

2.2.4.2 Close-Solar Protect ion.  A number of concepts can be considered for 
dissipating heat at close saLar distances, An ablative shield pointed at the Sun, 
a circulating fluid conducting heat from the hot to cold surfaces, and passive 
shadow shield are examples. The use of an active control system may be yn- 
reliable o r  may impose a prohibitive weight penalty (in the form of expendable 
materials) on the payload. A passive thermal control system has s i g n i f i c a n t  
advantages. F i r s t ,  because it is a passive system, its inherent reliability 
is high. This  is espec ia l ly  important when St is realized that 1100 to 1200 
days elapse between Paunch and close solar encounter. Dormancy and activation 
of an active thermal control system for this trip lifetime is a challenging 
design problem which may not be poss ib l e  w i t h  the state-of-the-art to be ex- 
pected in t h e  next decade. 

A simple shadow-shield concept which may b e  cons idered  i s  a series of 
flat p l a t e s  separated by a low-conductivity s t r u c t u r e ,  Figures 2-78 through 
2-80 show the features of such a shield for various materials, solar distances, 
and amber of p l a t e s .  It is evident that multiple-shield thermal control is 
not extremely sensitive to a/ E vasiatfon. Thi s  i s  advantageous s ince  s p e c t r a l l y  
selective coatings degrade v e r y  rapidly when exposed to the W radiation and 
particle radiation of the solar environments. However, t h e  surface temperatures 
a t  close-solar approaches are s t i l l  very h igh ,  T h i s  can be improved by the  
utilization of a conical front shield. Analys i s  has  shown that t h i s  conf igur -  
ation o f f e r s  greater potential f o r  thermal  contreL, This is because the coni-, 
cal inclined surface will reflect more energy  and t he  larger  s u r f a c e  area f o r  
a given base diameter is capable of absorbing more hea t  far  a u n i t  volume of 
space. 

Assuming t h e  shie ld  reached equilibrium temperatures, Figure 2-81 
shows the s h i e l d  temperature f o r  d i f f e r e n t  shape configurations and distances 
from the Sun when the  a b s o r p t i v i t y  and ernissivity are equal.  In the  a c t u a l  
mission being flown, the spacecraft passes  by t h e  Sun at a very h i g h  v e l o c i t y  
and i t  is not certain that it will reach the calculated e q ~ i l i b r i m  temperature. 
The d a t a  shown arz comer~at<i7e a n d w i l l  be  used i n  t h i s  study. This figure indi- 
cates  the advantages of using a conical configuration. The temperatcres at 1 / d 4  
correspond to flat plate values,.  At an l / d  of 4 or more it can be seen t h a t  t h e  
conical s h i e l d  equilibrium temperatures are about 60 to 70percent of these flat p l a t e  
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values. It should be noted that a further reduction in temperature over those 
shown in this igure is theoretically possible by the utilization of a surface 
coating on the shield with an a/€ ratio less than one. However, this effect is 
minor compared with the improvements due to increased shield area alone. For 
example, for the lowest expected a/€ of about .2, corresponding to white paint, 
the maximum temperature for the shields will be reduced to about 2/3 the values 
shown in Figure 2-81. However, under the effects of the high heat flux at the 
close distances to the Sun being considered here, the white paint would not 
maintain its characteristics for any period of time. Other surface coatings are 
available which will provide permanent a / &  ratios close to one and these can be 
considered for use on the probe. 

The temperatures of Figure 2-81 are still high for very close solar 
approaches implying there is a requirement for a secondary shield. Figure 2-82 
shows the shadow geometry and the placement of a secondary shield associated 
with the spacecraft. The temperature of this shield is a function of its 1 
distance from the primary shield and its surface emissivity characteristics. 
Figure 2-83 presents the secondary shield equilibrium temperatures for a 
given primary shield configuration and c l /~=.2 .  These curves also show the ef- 
fect of the solar closest approach achieved. It can be seen that acceptable 
secondary shield temperatures can be achieved if the probe is kept as small as 
possible and the separation between shields is maximized. 

To further reduce the heat transfer to the spacecraft, the secondary 
shield can include superinsulation, It offers reduced mass and lower shroud 
volume over metallic radiation shielding. The variation of the superinsulation 
shield heat transfer is plotted in Figure 2-84 as a function of a / c  at 0.3 AU. 
The solid lines assume no edge radiation while the dashed lines take edge radi- 
ation into account. It is evident that relatively thin insulation is required 
to thermally isolate the spacecraft at 0.3 AU, and that over a wide range of 
a /&the front surface optical properties are less important than the edge 
radiation effects. 

The influence of spacecraft angular displacement around the yaw or 
pitch axis for an open compartment design is shown on Figure 2-85. Maximum 
vehicle displacement in the yaw or pitch axis was assumed to be 5' and 15'. 
The expected increase in temperature is as shown, It can be seen that if the 
vehicle is stabillzed to less than 55O, the temperatures are acceptable. 

The temperature limits indicate that passive thermal control of a 1 I 
solar probe can be provided within the state-of-the-art in terms of both de- 
sign techniques and materials. A titanium plate meets the temperature re- 
quirements for the outer shield surface and the secondary shield concept in- 
cludes multifoil insulation on aluminum plates at an appropriate distance 
between the outer shield and payload. 

2.2.4.3 Closest Solar Approach. Based on the properties of the thermal control 
shield materials and configurations, the limits of the solar approach can be 
tabulated. Figure 2-86 summarizes the data showing the characteristics of 
various shadow shields. This curve also indicates the capabilities of solar- 
cell panels for reference, From this data, Table 2-10 was prepared to define 
the closest solar approach possible with different shadow shields and solar- 
cell-panel designs. 
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For solar cells, the temperature rise with distance to the Sun precludes 
their use unless filtering techniques are used. Figare 2-87 shows the optimum 
continuous filtering required to maintain a constant design temperature* If the 
solar cells are permitted to cycle up to their maximcm operating temperature, a 
stepped filtering scheme can be envisioned-as noted on Figure 2-87 . It can be 
seen that with extensive filtering, solar cells can be considered for close 
solar distances. However, a number of factors pose doubts as to the practi- 
cality of this concept. 

The filtering media must be capable of withstanding a very high 
surface temperatore at close solar distances without destruction 
or alteration of its filtering properties, Such a material is 
not common and some analysis and development is necessary before 
a design could be evolved, 

The cse of a continuous or stepped filtering technique requires 
a mechanical system to operate as a function of time as the I 

spacecraft approaches the Sun, This introduces a reliability 
parameter into the power supply system which is not normally there. 

Because the solar probe in this mission is trznsported to 6.5 AU 
for the Jupiter gravitational swingby, radioisotopic units are 
installed for power during the 1100-to 1200-day heliocentric trans- 
fer. Since these units are already onboard, it is not clear why 
these should not be csed close to the Sun also, Switching to 
another power system close to the Sun raises a question of re- 
liability, especially since the second system must be exposed to 
a space environmerit for up to 3 years prior to its zse, 

Based on the data in Table 2-10 , solar approaches of less than 
OJAU are possible if conical shadow shields of Inconel or titanium are used. 

2.2.5 Power Supply System 

Because of the extremely long mission durations in this study, only 
nuclear power sources are considered for the Jzpiter orbiterdsolar probe. RTG 
units offer the best compromise of availability, cost, shielding, life time, 
and power density, The units ciirrently under development or study by the AEC 
were considered in this analysis,xhich include both thermoelectric and thermionic 
systems* 1 

I 

Thermoelectric systems use thermocouples to convert heat generated in 
the fuel source to electricity, Waste heat is removed by active or passive 
means, depending on the power level of the unit, Cooling fins can be used to 
radiate excess heat to space up to 250 watts electrical power, For larger 
units, a circulating fluid and radiator are ,2sed, A combination active and 
passive cooling system may also be considered, Figure 2-88 schematically 
represents the basic thermoelectric unit concepts. 

Thenuionic systems convert the energy liberated by the fuel elements 
to electricity through the use of thermionic diodes, These units operate at 
higher temperatures, Rave about double the thermoelectric units efficiencies, 
and are thus more compact for a given power level, The current state-of-the- 
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art in thermionic generator systems is considerably behind that of the thermo- 
electric. Prototype hardware for a 100-watt system may be available from the 
AEC by 1970, Unless a specific program is initiated by the AEC at an early 
date, higher power thermionic production units cannot be considered for use on 
the Jupiter orbiter/solar probe. 

The thermoelectric units of appropriate size now under consideration 
are summarized in Table 2-11 . Because of the trip-life-time requirements, 
only the Pu-238-fueled units can be considered. It can be seen that both actively 
and passively cooled systems may be available. The selection of the unit to be 
used on the Jupiter orbiter/solar probe depends on the spacecraft power require- 
ments, utilization of waste heat for thermal control, total system mass and re- 
liability, and power subsystem handling. These factors will each be considered 
below. 

I 2.2.5.1 Spacecraft Power Requirements. The mission power requirements shown 
in Table 2-12 were developed for this analysis. This data indicates a number 
of features that must be considered in the selection of the power systems, in- 
cluding : 

The Jupiter orbiter spacecraft requires a minimum power level of 
553 watts during normal heliocentric transfer. This is more than 
adequate for the execution of midcourse and braking maneuvers. 

The Jupiter orbiter spacecraft requires an additional 47 watts of 
power while in Jupiter orbit if all experiments are operated simul- 
taneously and an additional 269 watts of power if infrared and 
radar imagers are used at Jupiter moon flybys. 

e The solar probe requires a minimum of 529 watts of power to 
cover all phases of its mission. 

Based en these observations, it can be concluded that the Jupiter 
orbiter could utilize two of the 500-watt actively cooled Pu-238 unlts or 
three 250-watt passively cooled units. During heliocentric coast, almost 
half the total power generated would then be available for thermal control. 
Also, the installation of multiple units offers a system redundancy so that 
in the event of one unit failing, the mission can be continued by proper se- 
quencing of loads. Figure 2-89 surmnarizes the Jupiter orbiter power profiles 
including emergency operations with one RTG unit not providing any power, i 

I 

The use of three 250-watt passively-cooled Pu-238 units better matches 
the normal power requirements if the Jupiter spacecraft experiments are properly 
sequenced during a Jupiter moon flyby to eliminate the high peak during that 
mission phase. Emergency operations due to one RTG-unit failure would be as 
shown in Figure 2-89. 

The solar probe requires a minimum of 529 watts power to cover all phases 
of its mission. This indicates that one actively cooled RTG unit or two passively 
cooled units closely match the power requirements. The use of two passive units 
can be seriously considered based on the ideas previously discussed for the 
Jupiter orbiter. Two 250-watt units offer the following significant advantages: 



Table 2-11. 

THERMOELECTRIC POWER SYSTEMS 

I-- - 

* 
Due to the 90-year half l i f e  of Pu-238, power l eve l s  of these units w i l l  be 97.5% of the fueled power level  
at  the end of 3 .5  years. 
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Table 2-12. MISSION POWER REQUIREMENTS 

Heliocentr ic  Coast: I 
J u p i t e r  Probe 

Expeeintents 
Guidance and ACS. 
Thermal Control 

So la r  Probe 
-. 

Communication ( including omni, 
dkrectional)  

78 w a t t s  
50- . 
2 5 - 

153 w a t t s  

400 
7 

553 w a t t s  

cont . 
peak 

54  wa t t s  
40 
20 - 

114 w a t t s  continuous 

400 - 
514 w a t t s  peak 

Jup i t e r  Moon Flyby: 

Experiments 
Guidance and ACS 
Thermal Control 

Comunicat ion  

547 wa t t s  
50 
2 5 - 

622 
200 

- Z - 
822 w a t t s  peak 

Propulsion Maneuvers : 
(Midcourse correc t ions  o r  braking 
i n t o  capture  o r b i t )  

Experiments Jhti 
Guidance and ACS 
Thermal Control 

Experiments JWr 
Guidance and ACS 
Thermal Control 

: Conaintnications 

Thermal Control 1 .  

w a t t s  continuous 

:.Under emergency conditions, t o  compensate f o r  a p a r t i a l  power l o s s ,  t h i s  can be 
reduced t o  115 watts without se r ious ly  compromising mission object ives .  See 
Table  2-4. . 

.M .. .. 
A t t i t u d e  and Control System 
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In case of one unit failing, the mission can still be completed on 
the remaining RTG. The logical emergency mode of operation would 
be to shut down one of the communications systems (reducing the 
power requirements by 200 watts), operate only those experiments 
listed under the emergency solar probe column in Table 2-4 , 
subsectii3n'2.2.1.2, and use batteries for the small excess loads. 

The active-thermal-control RTG units require a large radiator area 
which has to be designed for the high temperature environment close 
to the Sun. Because the solar probe is anticipated to be a rela- 
tively small spacecraft, the inclusion of the radiator will present 
a difficult design problem. 

The selection of the 250-watt passively cooled units for the Jupiter 
orbiter, based on the mass and reliability considerations of subsection 
2-2.5.2, dictates that the same units be used on the solar probe to, 
eliminate parallel RTG development programs and reduce cost and 1 
design integration problems. 

2-2.5.2 Power Subsystem Mass and Reliability. As noted above, the use of three 
250-watt or two 500-watt RTG units on the Jupiter orbiter offers a system re- 
dundancy of significant value to mission success. The choice between these 
systems can be analyzed as follows using the range of expected failure rates 
discussed in subsection 2.2.8.8 of this report. 

Consider the alternate systems sketched in Figure 2-90. For the active 
thermal control scheme, more than one system component failure results in the 
loss of the power supply. Conversely, the passive units, installed as shown, 
still provide a duplicate system if any one component fails. Further, the 
active system relies on a pump for the circulating fluid which is inherently an 
unreliable device for long mission durations. To determine the pump reliability 

'necessary for the first two concepts to have equal system probability of success, 
the data in Figure 2-91 was prepared. It can be seen that the pump in the active 
system degrades the system success significantly unless the pump reliability is 
greater than about .96. This may be possible in the next decade. 

An additional system refinement would be the addition of batteries to 
accommodate peak loads or surges. Over the long heliocentric coast, the bat- 
teries could be recharged between communication periods. It is anticipated that 
fully charged batteries would thus be available in Jupiter capture orbit to 
operate the extra experiments power load in that phase of the mission. The ? 
orbiting spacecraft lifetime, assuming no system failure, would then be a funci 
tion of the battery life as well as attitude control gas depletion. A disadvan- 
tage in using batteries is the requirement for careful thermal control to pre- 
vent freezing at deep space distances. If it can be assumed that temperature 
limits will not be exceeded, the power subsystem using batteries offers a lower, 
although acceptable, overall system probability of success. 

To analyze the mass relationships of these concepts, Table2-13 was 
prepared summarizing the system features of interest. The disadvantage of 
using an active-thermal-control RTG unit is apparent. Also, the use of bat- 
teries in conjunction with the 250-watt units -offers identical subsystem mass 
if a 30-hour battery power supply is acceptable. 
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A c t i v e l y  c o o l e d  RTGfs 
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Figure 2-90, KELIABILITY OF ALTERNATE POWER SUPPLY SYSTEMS USING Pu-238 FUEL, 
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(SEE FICURE 2- 90 .FOR POWER SYSTEM SCHEMATICS) 
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Table 2-13. RELIABILITY AND MASS FOR ALTERNATE POWER SYSTEMS COXPARISOX 

of Success I Sys tem Masses 
CONCEPT IMin. Hax. RTG PUMP BATTEXIES 1 OTHER I TOTAL 

Active ther- 
I I 

( r a d i a t o r )  I 
ma1 c o n t r o l  8 kg 

- -- - 380 kg 
I I '0° ks l  

Passive I 
thenna l - ( r e g u l a t o r s )  
contra 1  j -997 -.999 228 kg --- --- 

i 8 kg 

I 1 

1 235 kgj 

RTG with 
batteries 152 kg - - - 2.5 kg 'hr  1 1 

i 
J 

* R e l i a b i l i t y  of pump -.95 . 
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2.2.5.3 Utilizatinn of Waste Heat From Power Subsystem. Based on the candidate 
RTG units and the power requirements discussed above, it can be shown that con- 
siderable heat is available for thermal conditioning of the Jupiter orbiter/solar 
probe. Considering the passively cooled 250-watt unit using the Pu-238 fuel, 
a heat source of at least 9 x 105 joules/hour is available, This energy is 
radiated from the cooling fins continuousEy at an equilibrium temperature of 
about 350°K. Assuming these units are mounted externally to the spacecraft, 
control louvers on the spacecraft skin could be designed to absorb radiative 
heat from these fins and transfer this energy to a circulating fluid for con- 
ditioning of the subsystems, components, and propellants. The actively cooled 
500-watt RTG system already has a circulating fluid system and thus could be 
more easily adapted to the thermal control function. The NaK temperature at 
the radiator outlet is about 385OK. External louvers on a portion of the power 
system radiator could regulate this temperature as a function of the spacecraft 
system thermal control requirements to insure a constant cooling rate for the 
RTG unit. 

I 
I 

In addition to the excess heat generated by the RTG, the preceding 
I 

section of this report indicated that excess electrical power was available 
over that required to operate the spacecraft, This power can be diverted to 
thermostatically controlled electrical heaters located at critical points in 
the spacecraft. This represents a more desirable system since it does away 
with the circulating fluids, the heaters can be designed integral with the sub- 
systems or components for optimum heating efficiency, and a high reliability 
can be expected, For the Jupiter orbiter spacecraft, using three 250-watt 
units, approximately 400 watts of electrical power is available during helio- 
centric coast beyond the range of the omnidirectional cormnunications system. 
For the emergency condition of one RTG unit failure, 140 watts of electrical 
power is still available for thermal control during the heliocentric portions 
of the mission, 

, In Jupiter orbit, more power is needed to operate all the experiments 
and less would be available for thermal control. However, during this phase 
of the mission, there is no Longer any need for propellant conditioning and 
the continuous operation of all onboard systems will reduce the thermal control 
requirements. - 

For the solar probe, using two 250-watt passively cooled units and 
about 60 watts of batteries, approximately 46 watts of electrical power is 
available for thermal control during the heliocentric phases. This system 
requires that the batteries be continuously recharged between communication I 
functions. 

I 

The tHermal control of the Jupiter orbiter and close-solar-probe 
spacecraft was discussed in detail ip subsectio~ 2.2.4 of this report. It can 
be stated here that sufficient electrical power is available for the required 
heating . 
2.2.5.4 RTG Ground Handling and Installation, Eecause radioisotope materials 
continuously emit heat and radiation, some thought must be given to ground 
handling and launch vehicle RTG installation, The spacecraft for this mission 
must undergo preflight checkout and assembly with unfseled RTG units. After 
the preflight checkouts are complete and the systems are properly assembled, 
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the RTG units are brought up to operating temperature with electrical heaters. 
This is necessary to prevent thermal shock to the thermoelectric elements when 
inserting the fuel blocks. In addition, performance verification checks can 
then be made. The RTG power generation and the associated power conversion and 
regulatgng equipment operation can be verified. 

Upon completion of this phase, the fuel blocks are brought to the 
launch pad and the fueling process begun. Due to the heat generation and 
radiation, special handling of the fuel blocks is necessary. Tools and handling 
fixtures are required and wouldbeanecessary part of the ground support equip- 
ment designed for these spacecraft. Conventional remote manipulators adapted 
for use on the launch service tower could be utilized. This equipment is used 
to remove the electrically heated dummy fuel blocks and to immediately insert 
the encapsulated Pu-238 slugs. After fueling, a large quantity of waste heat 
must be dissipated f r m  the RTG units before launch. This is especially neces- 
sary in the event of a substantial delay in the vehicle launch. The vehicle , 
structure and spacecraft systems must be prevented from exceeding their tem- ' 

I perature limits. This entails a detailed heat transfer analysis considering 
the characteristics of the booster, spacecraft, and aerodynamic shroud. Only 
a brief analysis was undertaken in this study, and further detailed computations 
are required. Using csnvective heat transfer only, the data in Figure 2-92 
was developed for 5 passively cooled, 250-watt RTG units. It can be seen that 
at the operating temperature of 350°K, the radioisotope units can probably be 
kept co~l with air circulation. 

Handling of the Pu-238 fuel blocks raises concern with the radiation 
hazard for the ground crew. Fortunately, this isotope is an a-particle emitter 
and can easily be shielded. However, even direct exposure to the source for 
short periods is not a dangerous condition. A worker three-feet away could 
remain for two minutes without exceeding the safe weekly tolerance of normal 
industrial practices. At ten feet, a worker could remain almost an hour. 
This means that in an emergency, workers could safely leave by simply walking 
away from the fuel source. 

2.2.5.5 Advanced Power and Propulsion System Concept. The installation of a 
radioisatope energy source on the Jupiterlorbiter probe leads to consideration 
of an advanced system in which this unit is utilized for power generation, 
thermal control, and propulsion. It is possible to conceive of the systems 
diagramed in Figure 2-93 , wherein a single radioisotopic core provides energy 
for all of the functians noted. A radioisotopic core is simple in concept but 
has the unique characteristic of radiating energy continuously. Thus, a meansi 
to expel waste heat during low power loads must be provided, i 

The direct hearting method of thrust development offers the best corn- 
promise of performance and reliability for the Jupiter mission. These designs 
are sidlar to solid-core nuclear reactor systems but are simpler because there 
are no nucleonic control problems associated with reactor criticality. The 
core can be any geometric arrangement consistent with proper structural inte- 
grity and heat transfer optimization, In designs for high temperature operation, 
the isotope fuel can be imbedded and clad with a refractory material such as 
tungsten. The operating temperatures of such systems is limited by the cladding, 
but can be as high as 2480°K if relatively short thrust periods are used. The 
thrust of direct heating, solid-core isotopic engines depends on many parameters. 
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Figure 2-92. RTG FIN TEMPERATURE VS FIN HEAT CAPACITY 
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It is beyond the scope of this report to analyze such systems in detail, but 
as an approximation to determine the order of magnitude of typical system per- 
formance, the following can be presented, 

Using hydrogen as the propellant at an outlet temperature of about 
2420°K, a specific impulse of 800 seconds can be achieved at chamber pressures 
of 1 atmosphere. Fueled with Po-210 with a power density of approximately 
134 hJkg, thrusts of the order of magnitude of 100 to 150 Newtons are 
possible with an engine mass of about 100 kg, Better performance can be ob- 
tained with isotopes of higher power density such as Nb-95 but the half-lives 
of such elements are generally too short for the mission under consideration, 
At the same operating temperature mentioned above, a hydrogen-propelled radio- 
isotope engine fueled with Nb-95 would have a specific impulse of about 1200 
seconds for the same engine mass. 

Isotope availability is the major obstacle in utilizing radioisotopic , 

engines for propulsion, For the examples discussed above, many kilograms of 1 
the isotope are required. Unless specific efforts to produce these quantities 
are made, these requirements may not be met in the next decade, Table 2-14 
below indicates the expected availability of suitable isotopes by 1970. 

Table 2 -14. ISOTOPE AVAIIABILITY 

This data indicates that Po-210 represents the best fuel from the 
viewpoint of half life, power density, and availability. 

Radioisotope power decays with time and the performance of engines 
of this type must consider this feature. Thus, if an engine is initially fueled 
with Po kw of isotope power, after time t, the power will be: 

P = Foe exponent of e where L = isotope half life. 

Engine thrust related to the power density, will also be decreased. The 
spacecraft thrust-to-mass ratio at time t can be calculated from the following: 
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- 
(T/W)t = w0 - wt where To = thrust at fueling 

L = isotope half-life 
W = vehicle initial mass 
Wt = vehicle mass at time t. 

In addition to the degradation of thrust throughout the life of the spacecraft, 
a slight thrust decay will be experienced during thrusting. Figure 2-94 shows 
this effect for Po-210 systems, It can be seen that the thrust-to-mass ratio 
increases rapidly after a few days as the propellant is utilized. 

It is of interest now to study a typical Jupiter mission and develop 
some daEa for this concept. It is assumed that a total velocity correction 
of 150 a/sec will be required for midcourse correction and that spacecraft 
gross weight is 7350 kg. Using the system described by Figure 2-94 , the hy- 
drogen required amount is 67 kg and the engine burn time is a little more than , 
3 hours. This is reasonable for midcourse corrections. I 

-For braking into a Jupiter capture orbit, it can be assumed that a 
spacecraft gross mass of 3600 kg will be available and a AV of 2.3 km/sec 
required for the maneuver. For this maneuver the hydrogen required is some- 
what more than 910 kg and the engine burn time is almost 2 days. This must 
be carefully analyzed from a system optimization viewpoint to determine the 
precise trajectory, navigation, and guidacce techniques required for this long- 
duration thrusting in the vicinity of Jupiter. As discussed in subsection 2.2.6.1 
of this report, storage of this quantity of hydrogen for the 500 to 600 days 
of the heliocentric portion of this mission poses many problems in system design. 

Also, the isotope engines discussed above require an isotopic core 
with ncminally 300 to 400 kw depending on the efficiency. For a 600-day mission 
to Jupiter, this means that a Po-210 unit with a half life of 138 days must be 
fueled to about 6 to 8 megawatts at launch, This will require about 53 kg of 
Po-210 and appears unreasonable at this time, 

For midcourse corrections, a lower thrust and corresponding longer 
burn times may be considered reducing the fuel quantity required, H~wever, 
it is concluded that for the next decade, an isotopic propulsion system does 
not offer significant advantages for this mission. 

2.2.6 Propulsion and Attitude Control Subsystems I 
! * Propulsion subsystems are necessary on the Jupiter orbiter/solar probe 

for attitude control during heliocentric coast, midcourse correction maneuvers, 
and capture-orbit braking, The requirements for these subsystems depend on the 
specific trajectory and vehicle mass. Typical subsystems were developed in this 
study based on the selected mission profile and spacecraft design. The following 
subsect~discuss therequirements  and subsystem considerations for the various 
propulsion maneuvers expected for this mission. 

2.2.6.1 Planetary Orbit Capture, The braking maneuver into an orbit around 
Jupiter represents the largest propulsion requirement. The velocity increment 
required for capture ranges from 1500 to 3000 m/sec depending on the transfer 
type, launch date, and the capture-orbit parameters. If the spacecraft is de- 
signed for a fixedQV capability, then candidate propulsion systems for this 
maneuver include solids, manopropellants, and bipropellants including cryogenics. 
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The major factor that distinguishes orbital capture from other maneuvers 
is the extremely long time that the propulsion subsystem is exposed to the space 
environment before activation. The transit time may range up to 600 days. For 
liquid propellants, at least some and possibly all components in the propulsion 
system will be exposed to their working fluids at pressures close to the operat- 
ing value for the complete mission duration. This represents a sizeable exten- 
sion in the required lifetime for all of these components. Additionally, any 
pressurization system for the liquids must maintain its pressure level during 
the long heliocentric coast. However, the greatest problem with liquid systems 
is thermal contral. Freezing of the space-storable systems using hydrazine, 
UDMH, N2O4, etc. must be prevented and the cryogenic systems exhibit large 
boil-off losses. 

Based on the maximization of the velocity increment available, high 
specific impulse propellants are, in general, desirable. Fluorine, hydrogen, , 
oxygen, and oxygen difluoride are suitable. Whether or not these propellants I 

are employed for long-duration missions is a function of the amount of pro- 
pellant available after the space storage. The major source of propellant loss 
is attributable to boil-off caused by heat leakage into the propellant tank. 
The sources of heat input are solar radiation, planetary albedo, infrared radi- 
ation, and heat generation within the spacecraft system. 

Figure 2-95 shows the results of a detailed study for selection of 
propellants. Spacecraft gross mass is plotted as a function of storage time 
for several propellant combinations employing tanks with optimum superinsulation 
thickness for each mission duration. It is evident that for long missions of 
the order of two-years duration the cryogenic propellants cannot be considered. 
The storables exhibit little boil-off but the permissible temperature range of 
the storables is considerably narrower than that of tine cryogenic propellants 
and will require precise thermal control. Electric heaters using excess elec- 
trical power from RTG power supply units will be necessary. As noted in subsection 
2.2.5 of this report, considerable energy is available for this function. 
However, to minimize this power drain, the propellant tanks would be insulated. 
Modern superinsulations combine low thermal conductivity with low specific mass 
and hence provide maximum propulsion system performance. 

Figure 2-96 shows the plot of insulation mass versus heat flux developed 
in this study. Each line is plotted for constant density insulation, the only 
variable being the thickness of insulation. The lines are plotted at 540°R, 
600°R, and 800°R showing the effect of increased temperature of the warm 1 

, 
boundary. The insulation studied herein has an apparent thermal conductivity 
of 2.4 x lCto5 BTU per hour-foot-OR. Applying this data to actual propellant 
tanks, curves of continuous power heating necessary to maintain bipropellant 
storables at room temperature were developed. These are presented in Figure 
2-97 for various masses of propellants. In this analysis, it was assumed that 
the propellant was divided into four spheres, two for oxidizer and two for fuel. 
Other assumptions are shown on the curve. It can be seen that with superinsulation 
only minimal propellant heating is required. 

Solid propellants offer considerable storage advantage over the liquid 
propellants, since there is no boil-off, pressurization, or slosh problem. 



Figure 2-94. PERFORMANCE OF ISOTOPIC PROPULSION SYSTEMS WITH 
BURN TIME 
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Figure 2- 90. VAKLATLON O F  Sl'lCCTFIC I N S U L A T I O N  MASS 'ISTII. HEAT FLUX FOR i r h R Y I X G  
I N S U L A T I O N  SURFACE TEMPERATURES 



Figure  2- 97, IIEL\TING REQUIRED TO MAINTAIN STORABLE L I Q U I D  
PROPELLANTS AT ROOM TEMPERATURE 
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The practical temperature range for storing solids is 220°K to 340°K and with 
electrical heaters and insulating blankets this should be easily maintained. 
One problem related to solids is their high thrust and vibration level. The 
burning rates available from proven solid propellants limit the maximum burn- 
time to less than 200 seconds, To deliver the required total iiipulse for 
Jupiter capture, the thrust-to-mass ratio will be high at burnout. This is a 
major disadvantage in that disturbing forces will be high and a large attitude 
control force and total impulse will be required. Also, structural criteria 
for antenna mounts, instrument booms, etc. must account for these high forces. 
In addition, a solid propellant burns rougher than a liquid and the induced 
vehicle vibration will be higher, 

1 

Based on the factors discussed above and the apparent ease with which 
storables can be thermally controlled,. the Jupiter capture maneuver propellant 
should be storable liquids, The selection of the actual propellant combinations 
will depend on a detail comparison of candidate systems. A performance comparison 
of monopropellant and storable bipropellant systems was conducted considering 
a number of propellants.. Hydrazine and hydrogen peroxide are the most common 
monopropellants in use. The specific impulse of hydrazine (235 sec ) when com- 
pared with hydrogen peroxide (160 sec ) makes it the more attractive of the two. 
In the past, hydrazine systems have required the use of N2O4 slugs to restart 
the system, but new catalysts under development are now precluding the necessity 
for these slugs. In the next decade, it is believed that catalysts with life- 
times capable of satisfying the Jupiter orbiter mission requirements will be 
available. Thus, the hydrazine monopropellant system can be selected as repre- 
sentative of this class for comparison with bipropellants. 

Bipropellant systems are relatively complex and require an accurately 
regulated pressurization system to maintain proper fuel/oxidizer mixture ratios. 
This complexity is offset by a higher specific impulse resulting in better 
system performance. This class of propulsion systems is compared with the 

* monopropellant in Figure 2-98 for various propellant masses. Two types of 
monopropellant pressurization schemes are shown. 

It can be seen that liftre difference in system mass occurs between 
the different systems, This implies that selection of the braking-maneuver 
propulsion subsystem may be made based on other criteria such as complexity, 
performance, and existing component availability. Since the LEM ascent stage 
bipropellant propulsion subsystem represents a suitable thrust level and is 
designed for space operation and storage, it was selected for the Jupiter 1 
orbiter mission, Figure 2-99 presents a block diagram of this system. 

2.2.6.2 Attitude Control Subsystem. To accomplish guidance maneuvers, perform 
scientific experiments, and pennit connnunications with Earth, attitude control 
of the Jupiter orbiterJsolar spacecraft is required, Several different aspects 
of the mission exist wherein the attitude control requirements may be different. 
These can be summarized as follows: 

During midcourse or braking propulsion maneuvers, the attitude 
control system must orient the spacecraft and direct the thrust 
vector in the direction of a computed velocity increment, Re- 
quired accuracy for attitude control is high and an onboard com- 
puter must recognize thrust misalignment and take necessary steps 
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for corrective attitude realignment. 

During cormn~nications with Earth, the antennas must be pointed at 
Earth with high accuracy depending on the radiated beam width, If 
the antenna is gimballed, gimbal motors will perform that function. 
However, the entire vehicle must be stabilized to counteract gim- 
balling torques and prevent loss of Earth-lock, 

For much of the scientific instrumentation, a specific direction or 
orientation is necessary to achieve valid experimental data. In 
general, stabilization requfrements for this function are not severe. 
For some modes of operation, the vehicle must be oriented to permit 
both experimentation and communication with Earth. 

At Earth ejection, high tumble rates may be imparted to the space- 
I 

craft upon separation from the launch vehicle. The spacecraft must 
be able to stabilize itself, initiate Son and Canopus search pro- 
cedures, and establish a heliocentric coast mode orientation. 
Torques required for these functions may be relatively high. 

In the event of a break in Sun or Canopus lock during the helio- 
centric coast, the attitude control subsystem must be capable of 
automatically initiating search modes and reacquirfng the heliocentric 

. coast orientation, If the disruption was due to impact with a small 
asteroid mass, tumble rates may be relatively high and large re- 
storing moments required to stabilize the spacecraft. 

. . - -  - - 

A review of the above functions indicates that two attitude control 
thrust levels may be necessary, A low-thrust system will produce the highly 
accurate stabilization required during coast and comunications periods. For - control during thrusting and for gross orientation after booster separation or 
in the event of asteroidal impact, a higher thrust is desirable, Depending on 
the results of further analysis, the higher thrust system may be integral with 
the midcourse correceien propalsioa system. A common propellant and feed system 
could be designed with both attitude-control nozzles and a midcourse correction 
motor. 

To analyze and select the attitude-control systems, the above mentioned 
modes must be studied to determine the total impulse and torque requirements. 
A major factor in selection of the attitude-control subsystems is the lifetime: 
requirement, Many years of operation are necessary for both the Jupiter orbiter/ 
solar probe. It would be extremely desirable to use passive control wherever 
possible and to accomplish the various control functions in the least complex 
manner. Solar vanes were therefore inftially considered in this study for coast 
stabilization but cannot be used in deep interplanetary space due to the lack of 
sufficient solar radiation, The following subsection discusses these considerations 
and present the analysis of the selected attitude-control subsysrems. 

The total impulse of the low-thrust attitude-control subsystem depends 
primarily on the spacecraft size and mass, extent of maneuvering, pointing ac- 
curacy requirements, and disturbing torques, A precise analysis requires the 
definition of a specific spacecraft and its multi-axial moments of inertia. 
Parametric data was developed in this study covering the range of values anti- 
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cipated for the final Jupiter orbiter/solar probe configurations, These are 
presented in Figure 2-lawith the approximate range of values anticipated for 
the conceptzal designs developed in subsecZion 2.3 of  his report. FOP this 
analysis, it was assumed that the spacecraft moments of inertia are the same 
around all axes*- - - - - -  - -- -- . - - .  

These curves show that for a nominal maneuver rate, say .lO/sec, the 
Jupiter orbiter attitude-control subsystem should have about 50 newton-meters 
torque and be sized for at least 103 newton-meter-seconds /month. The equivalent 
solar probe parameters are about 20 newton-meters torque and about 500 newton- 
meter-seconds/month. These represent the stabilization requirements for the I 

low-thrust attitude-control subsystem, 

At this point in the development of conceptual designs, the exact mo- 
ments of inertia, thruster lever arms, and thrust levels are not known, The 
above requirements are therefore not exact, However, these control character- , 
istics are reasonably close to the proper values and will be used in this study! 
as the spacecraft requirements, 

-- 

Superimposed on the above requirements is the presence of disturbing 
forces peculiar to the space enwi~enmerat,--Solar pressum, micrometeoroid im- 
pacts, gravitational gradients, and antenna gimballing all produce minute but 
significant disturbing torques. At close-solar distances, an offset between 
the center of pressure of solar radiation and the center of mass of the vehicle 

- ---- 
will also produce a disturbing torque, The low-thrust attitude-control system 
must be capable of overcoming these torques at angular rates great enough to 
prevent loss of Sun and Canopus lock, 

To estimate the magnitude of these effects, consider a body about 2.5 m 
in size, .50 reflectivity, and a deviation of .25 m between the centers of 
pressure and mass. This is not an exact replica of thespacecraft configura- 
tions developed, but will provTde an appreciation for the forces which are of 
interest, The following table then smarizes the results of the disturbing 
torque analysis, - 

Table 2-15. MAGNITGDE OF DISTuXBING FORCES 

DISTURBANCE 

Solar Radiation: 
.1 AU 

2.7 AU 
5.2 AU 

Meteoroid Impact: 
1 x 10-5 gms/sec 
7.5 x 10-7 gmsjsec 

Gravitational Gradients: I (Negligible) 1 (Negligible) 1 

APPROXIMATE 
TORQUE 

(newt on-meters ) 

3.3 lo-s 
2,85 x 10-6 
4.3 x 10-7 

Antenna Gimballing: 

RESTORING 
MOMENTUM 

(newton-meter-sec 
I 

I 
90.0 
7.5 

-63 

2.7 x 10-4 
7.5 x 10-6 

n 430 
21.0 

I 
1.4 x 10-2 LI 2800.0 
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It can be seen that of the disturbing parameters, antenna gimballing is the 
most severe. Also, if larger meteoroid fluxes are encountered, this impulse 
requirement is very significant. 

- .  

To determine the- totak-Lznpulse requirement of-a -high-thrust attitude- 
control subsystem the disturbing torques must be known. At this time it is 
impossible to estimate the-tumble rates at booster separation or in the event 
of an asteroid-mass impact. However, these should be of the same order of 
magnitude or-less than the thrust misalignment torque at planetary braking. 
It will therefore be assumed that this latter maneuver represents the design 
condition for the high-thrust attitude-control system for the Jupiter orbiter. 

---The solar probe does not have propulsion and does not require such st-.bilization.. 

The planetary-capture thrust and misalignment torque will be depend- 
dent on the spacecraft mass, moment of inertia, and propulsive system used. 
As a maximum case, the LEM ascent-stage motor can be considered. With a mis- , 

- alignment of-2O, disturbing torques can be as high as about 200 newton-meters 1 

- for the configuration developed in subsection 2.3 for the Jupiter orbit. Figure 
2.-101 presents th'e trades of-tlrust ~ d * m o m ~ - a E m T  tkTXrtitu?ie-control -sub- - -  - 

system to react this misalignment. It can be seen that relatively high thrusts 
are necessary, _eve~~-at,h?q+mment -arms, , , : _ . - - -. - 

- To summarize the anticipated total-impulse requirements for the Jupiter 
orbiterlsolar probe, Table 2-16 - - -  shows nominal values with lever arms of about 
2 m. These were selected for a typical trajectory and configuration and would 
change with different spacecraft and missions. For the purposes of this study, 
they will be considered the design conditions. 

At close distances to the Sun, the radiation pressure is very intense. 
This leads to consideration of utilizing this pressure to help stabilize the 
solar probe towards the Sun. This concept was used in the Mariner IV program 

' and should offer significant advantages for a close solar probe. Thermal con- 
trol of the surfaces may be a problem, However, as discussed in subsection 2.2.4-2, 
conical surfaces of the proper l/d configuration and material can be directly 
exposed to the Sun at close solar distances without exceeding the temperature 
limits of the structure. An analysis was therefore conducted to determine the 
effectiveness of solar vanes for attitude control. 

The sources of torque in a radiation attitude-control system arise from 
a momentum transfer from individual photons and particles. The reflectivity of 

I the surface is therefore important. Also, torques arising from the spacecraft, 
itself must be accounted for. If large differences in the amount of radiated 
energy from various parts of the satellite occur due to differences in temperature, 
color, ar surface characteristics, it is possible that large disturbing torques 
will be present. Thus, this concept requires careful design of the entire 
spacecraft. 

The pressures arising from the solar radiation come from two sources: 
electrasragnetic radiation pressure and solar wind pressure. The electromagnetic 
radiation pressure is a function of the distance from the Sun and reflectivity 
of the body. Figure 2-1CQ shows this pressure over the range of parameters of 
interest. The solar wind pressure is variable and, due to the rotation of the 
Sun, not exactly radial. Little data is currently available, but based on the 
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Mariner spacecraft experiments, gross estim~:es can be made at this time. This 
is shown in Figure 2-103. It should be notes:. that this pressure is strongly de- 
pendent on solar surface activity and can v:?..=--y,considerably within the values 
shown herein. However, the pressure contri'".i~io~ of the solar wind is very 
small compared to the electromagnetic radi~:;~n pressure and only the latter .- 
effect need be analyzed for the passive a t t ~ 2 ~ d e - ~ ~ ~ t ~ ~ l  subsystem. 

To convert this data to attitude cc-:.trol restoring torques, the con- 
cepts summarized in Figure 2-104 were devel~~cd, - It can be seen that for reason- - 
able configurations the solar Pressure conzYa1 subsystem produces quite small 
forces. To obtain reasonable torques, long noment arms must be considered for 
the control subsystem surfaces* This Poses ~roblems with thermal control of 
the booms or other structure supporting th? surfaces from the spacecraft. By 
using large conical surfaces, it is believe,:. that torques of the order of mag- 
nitude of 3 x 10-3 newton-meters Can be acbk.cved for a reasonable configuration. 
A review of Table 2-16 shows that this is 2"-e same order of magnitude as the 
antenna gimballing and other disturbing  tor:.;:^^. It can be concluded that the 
use of solar vanes will significantly contribute to the spacecraft stabilization 

- at close-solar distances. 

In the deep regions of the solar SF* tem after the solar $robe has been 
separated from the Jupiter orbiter Spacecr2:t, the solar radiation pressure 
attitude-control subsystem will be inadequal2 to orient the probe. A n  active 
subsystem using reaction gas nozzles will ' 2 ~  required, It can be-shown this 
subsystem is certainly useful at close-sola: distances, also.  he solar probe 
primary shadow shield must be continuously :riented toward the Sun during the 
close-solar approach. The perihelion veloc:ty of the spacecraft is very high, 
as is the yaw rate to maintain orientation, For a typical mission, the close- 
solar probe travels from easterly to wester:y elongation in about 7 days. This 
corresponds to a continuous yaw rate of 3 x 10-4 degrees/second. For the mo- 
ments of inertia expected for the configur2:ion in subsection 2.3, maneuver torques 
of about newton-meters are required- ?,,is can be achieved by solar radiation 
pressure with the configurations under stus\, The reaction gas system can be 
used during the close-solar approach to maEc:t.ain the gross Sun alignment of 
the spacecraft with the solar vanes acting :;s a redundant attitude-control sub- 
system. 

The most cownon attitude-control s2!.system used on spacecraft today is 
the reaction-gas subsystem. Much work and .;~~al~sis has been undertaken on these 
systems so that their performance and limit~tions are well documented. Table 
2-17 srmrmarlzes the primary characteristics of the three common concepts and 
Figure 2-105 presents the general mass trad+ off relationships. The latter figure 
also indicates the order of magnitude of thcx total impulse anticipated for the 
Jupiter orbiter/salar probe. It can be secil that for the Jupiter orbiter a cold 
gas system is many times heavier than eithet. the monopropellant or bipropellant 
systems. Also the bipropellant system does tmt offer a significant performance 
improvement at law total impulses over the \~\onopropellant system considering 
the decrease in the reliability which the btpropellant system would impose on 
the spacecraft. 

' I  The mi&course maneuver generally Cc7n:;L~t~ of a number of separate cor- 
rections with a total impulse requirement of about 1.4 x.106 newton-seconds. 
Thus, a dual subsystem for midcourse correction and attitude control would have 
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Table 2-17. 
REACTION GAS SYSTEMS FOR ATTITUDE CONTROL I 

Control Sys tm 

l i gh te s t  weight 

90% chamber should be kept 
a Longest l i fet ime.  

- -- - - - - --- - - 

l 
a Fuel freezes a t  More re l iab le  

,' 255OK and inust? e s t  weight system 
for t o ta l  impulse 

r d  ?P 900 Newton sec 
I 
!-' 
cn 
q 

Response .N .O45 be insulated. . Newton seconds. 
.5 UDMH) Radia- 
t i v e  cooling. 

c3 

?=' 
w 
9 
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\ 
W 
I 
cn 
I 
0 * 
Ln 
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to provide up to 1.5 x lo6 newton-seconds total impulse. Table 2-18 summarizes 
- 

the subsystem mass for different operational modes which can be considered. It 
can be seen that some mass saving could be realized by using a complete bipro- 
pellant system at these total impulses, However, the reliabiuty of biiro- - 

pellant equipment is relatively low, especgally for subsystems such as attitude - 
control which are actuated very often for short burn times, Based on previous 
experience, the weight penalties of using the monopropellants for attitude con- 
trol should be accepted to maintain the subsystem reliability required. The 
monopropellant attitude-control subsystem was selected-for the Jupiter orbiter. 
Both the high-thrust and low-thrust systems can use common propellant storage 
tanks . 

It should be noted that subsystem mass is strongly influenced by the 
thrust misalignment torques at planetary capture braking. The preceding analysis 
used a total impulse of 7 x 104 newton-seconds for this function. This is rather 
high and represents a worst case condition. To optimize the spacecraft design, 
great care should be taken to permit symnetrical loading of the spacecraft and 
accurate alignment of the thrust vector at spacecraft assembly. Common practice 
for other propulsion systems in the space program specifies actual thrust mis- 
alignments less than one degree. The Jupiter orbiter spacecraft monopropellant 
attitude-control subsystem will be designed-for3a total-propellant mass of 
about 80 kg which assumes that thrust misalignment of the planetary capture 
propulsion subsystem will be held to about .75 degrees. - 

The midcourse correction subsystem on the Jupiter orbiter could logi- 
cally be a bipropellant subsystem using the propellants stored in the Jupiter 
capture propulsion subsystem tanks, This concept requires that the main tanks 
be kept pressurized throughout the mission. The disadvantage of maintaining 
this pressure is that the propellant lines and subsystem components will be 
subjected to working pressures for extended periods of time. This will have 
an effect on subsystem reliability. However, it may be argued that the sim- 
plicity achieved in integrating these propellant functions rather than pro- 
vide a separate propulsion subsystem will offset this. 

For the solar probe, the distinction between subsystems is less clear 
and to keep the tank volumes small, the monopropellant subsystem was selected. 
About 15 kg of propellant are required for the total impulse and thrust level 
discussed in the preceding subsection. 

To summarize the selected systems, Table 2-18 presents the propellants, 
mass, and control parameters for the Jupiter orbiterfsolar probe. 

- 2.2.7 Guidance and Naviaation 

The iuidance concept considered is the multiple -impulse radio com- 
mand midcourse guidance system used in the Ranger and Mariner missions. The 
basic requirement is that the spacecraft have all the necessary onboard'logic 
and control to complete its entire mission except for the numerical values of 
navigational quantities necessary for midcourse and teminal maneuvers, The 
navigation necessary to define the midcourse and terminal maneuvers will be 
based on a two-way Earth communications system with angle-tracking, doppler, 
and ranging information being analyzed to determine the proper maneuver com- 
mands, This guidance concept requires full attitude sta'bilizatiotl and is de- 

/ 
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Jupiter Orbiter Spacecraft 

V--'= CONTRO-LPROPULS ION I SYSTEM MASS I 

* i 
Assuming bipropellant storage i n  planetary capture sibn ssy: 
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pendent on reliable co~unications over much greater transmission distances than 
have been previously attempted. 

Attitude stabilization will require slaving two spacecraft axes to suit- 
ably selected celestial bodies so that inertial directions are continuously 
known with respect to the vehicle. Previous experience indicates that the Sun 
and the star Canopus are ideally suited for references. The Sun is ideal pri- 
marily because of mathematical convenience and also because well-designed un 
sensors are avai lable .Highlyre1iable  units wi.11 be available in the-next de- . 

cade with accuracies lietter than 0.1 degree. 

The star Canopus lies about 15O off the south celestial pole. It is a 
bright star and sensors are also available. In the next decade multiple-star 
trackers may be available to supplement a Canopus sensor and increase system 
accuracies* These devices accept light from many stars and track a portion of 
the star field. They have the potential advantage of nearly eliminating the 
problem of false identification. 

For the early phases of the mission, prior to establishment of the 
heliocentric coast attitude, a secondary reference system is needed onboard 
the spacecraft. An inertial unit containing -three -gyroscopes mat- be included 
to permit the spacecraft to perform search modes to acquire the Sun and Canopus. 
This system is also necessary if the primary-heliocentric coast reference frame is 
lost during the mission, The vehicle can initiate procedures for solar and Cano- 
pus search modes or orient an antenna to Earth using the secondary reference 
frame. 

Floated rate-integrated gyros mounted to the body of the spacecraft will 
probably be utilized. In the next decade, other inertial components such as 
vibrating reed and fluid rotor gyroscopes may be available. They will provide 
greater reliability for the same accuracies. 

There does not appear to be any particularly difficult problems as- 
sociated with guidance and navigation for the Jupiter orbiterlsolar probe mission 
other than subsystem reliability for the long durations. 

2.2.8 Reliability Analysis 

If there is more than one identical spacecraft available for launch in 
a space program, the probability of total program success can be defined as the 
probability that at least one of the spacecraft properly completes its mission. 
It can be shown that the mathematical relationship governing this probability 
is as follows: 

P, = i - (1 - , 
where PT = probability of total program success 

p = probability of success of one spacecraft 
n =number of spacecraft in program. 

This equation assumes that the probability of success of all the indivi- 
dual spacecraft in the program is identical. Figure 2-106 graphically depicts 
this-relationship. The following discussion is presented to estimate the number 
of spacecraft required for a combination Jupiter/solar probe for a given program 
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, . -  -..- . . - _ . .___ . . . .  . - --- 
PROBABILITY OF SUCCESS IDENTICAL FOR EACH SPACECRAFT 

NUFIBER OF 

. 4 .5 -6 .7 8 .9 1.0 
- 

PROBABILITY OF SUCCESS OF ONE LAUNCH 

I 
. 

Figure 2-106. PROBABILITY OF PROGRAM SUCCESS AS A FUNCTION OF MULTIPLE SPACECRAFT LAUNCHES 
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" 4  

success goal. 

- The probability of success of any one spacecraft is as follows: 

where pl, p2, p3,. ..pn are the success probabilities of various functions of 
the spacecraft, For the purposes of this analysis, it can be stated that the 
functions of interest in a deep:space probe are those def-ined and discussed - 

below. 

pl = probability of successful Earth launch and injection. This is a 
function of the reiiability of the launch vehicle, ground tracking and command 
systems, and ejection propulsion system, 

p2 = probability of electronic system success. That is, lack of random 
failures of electronic components, Such failures are naturally inherent in any 
spacecraft and can be minimized only by careful system design, proper testing, 
and improvement in the. mean-time-to-failure of the components themselves. 

p3 = probability of avoidance of damaging impacts with -asteroids.. -This * 

is an independent function, Proper selection of launch dates and interplanetary 
trajectories can maximize successful avoidance, . .  - . .-. - 

p4 = probability of success of all spacecraft subsystems such as proper 
thermal control, power generation, structural integrity, etc. This implies 
the successful completion of all maneuvers such as Sun and Canopus acquisition, 
midcourse corrections, braking mane&ers, etc, These are dependent on many 
onboard spacecraft subsystems acting in proper conjunction with one another, 

p5 = probability of proper design and installation of the scientific 
experiments so that the data returned is valid and interpretable, For missions 
to unknown regions of the solar system and distant planets this can become an 
important aspect of program success, 

P6 = probability of successful operation of the ground systems associated 
with tracking, command and control, data retrieval, etcJ 

From this list, it can be seen that the accurate prediction of the pro- 
bability of program success is very complex, In this analysis only the problems . 
associated with the spacecraft will be considered and it will be assumed that 
successful ground-system operations are achieved, Also, no attempt will be 
made to evaluate the probability that onboard experiments are valid. These 
assumptions are equivalent to stating that pg = p6 = 1. The initial equation 
defining the probability of any one spacecraft7s success then reduces to: 

p = (p1)(p2)(p3)(p4). 

The following subsections discuss these parameters in detail and present 
a range of values for pl, p2, pj, and p4 to be expected for the Jupiter orbiter/ 
solar probe. Anticipating those results and summarizing the probability of total 
program success, Tables 2-19 and 2-20 present the parametric data developed in 
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t h i s  s tudy  f o r  t h e  s p a c e c r a f t  on a 600- and a 1200-day mission.  This  i s  be- 
l i eved  t o  r ep re sen t  t h e  range of miss ion  du ra t ions  t y p i c a l  f o r  J u p i t e r / s o l a r  
probes. Based on t h e  assumptions shown wi th  t h e  d a t a ,  Tables  2-19 and 2-20- 
present  t h e  t o t a l  i nd iv idua l  s p a c e c r a f t  success  ve r sus  launch year.  These 
values can  t h e n  be used i n  conjunct ion wi th  Fignre2-106 t o  m d i c a t e  t h e  num- 
b e r  o f  s p a c e c r a f t  r equ i r ed  t o  achCevg azy givenmtot"al-irokam-suc5cess g o a .  

F o r  t h e  J u p i t e r  o r b i t e r l s o l a r  probe miss ion  w i t h  bo th  s p a c e c r a f t  launched 
toge ther ,  complete miss ion  success  can be def ined  a s  both- probes from one launch 
s u c c e s s f u l l y  completing t h e i r  experiments.  'Likewise,  p a r l i a l  mis-sion success  can 
be  defined as only one of t h e  probes of any one launch completing i t s  exper i -  
ments. F o r  t h e  l a t t e r  case ,  t o t a l  program success  can then  be achieved only  
by  another  launch of bo th  s p a c e c r a f t  (because of t h e  i n t e g r a t e d  des ign)  even 
though one probe has a l r eady  been succes s fu l .  Thus, f o r  t h e  purposes of t h i s  
s tudy t o  determine t h e  number of s p a c e c r a f t  d e s i r e d  i n  t h e  program, t h i s  l a t t e r  
ca se  can be considered a s  a f a i l u r e  s i n c e  another  launch i s  necessary.  

If  it is  assumed t h a t  t h e  J u p i t e r  probe has  a mission l i f e  of 600 days 
and t h e  s o l a r  probe a miss ion  l i f e  of 120OPdays, t h e  t o t a l  p r o b a b i l i t y  of success  
f o r  any one launch is t h e  product of t h e  ind iv idua l  s p a c e c r a f t  successes  shown 
i n  Tables 2-19 and 2-20 . F i n a l l y ,  Table 2-21 summarizes t h e  number of space- 
c r a f t  r equ i r ed  i n  t h e  program f o r  va r ious  progrTm-success goals . ' -Because 'we 
a r e  cons ider ing  SATURN V launches, it can be  concluded t h a t  it w i l l  be  expen- 
s i v e  t o  achieve  very  h igh  program-success p r o b a b i l i t i e s  w i th  a conserva t ive  a 

e x t r a p o l a t i o n  of subsystem f a i l u r e  r a t e s .  Up t o  4 SATURN V launches may be 
requi red  e a r l y  i n  t h e  nex t  decadeo 

2.2.8-1 P r o b a b i l i t y  of Successfu l  Launch (PI). The h i s t o r y  of American launch 
vehic les  is summarized i n  F igure  2-107 . This  curve i s  a comparison of some of 
t h e  more commonly used boos t e r s  developed i n  t h i s  country f o r  unmanned s a t e l l i t e s  
o r  space probes. The d a t a  shows t h e  h i s t o r y  of t h e  cumulative p r o b a b i l i t y  of 
successfu l  launch on an  annual b a s i s  throughout any b o o s t e r ' s  program, That i s ,  
a t  the  end of any g iven  yea r ,  t h e  curve i n d i c a t e s  t h e  propor t ion  of s u c c e s s f u l  
launches completed t o  t h a t  da te .  

It can  be seen  t h a t ,  except  f o r  Juno 11, a l l  programs exh ib i t ed  a s t eady  
bprovement e a r l y  i n  t h e i r  h i s t o r y  and then  a gene ra l  tendency t o  l e v e l  o f f .  
For  t h i s  t o  occur,  t h e  p r o b a b i l i t y  of success  f o r  each ind iv idua l  launch must 
cont inuously inc rease  throughout any program, This  e f f e c t  i s  shown i n  F igu re  
2-10&.for t h e  same launch veh ic l e s ,  On t h i s  curve, t h e  p r o b a b i l i t y  of success  
f o r  each s p e c i f i c  launch is  shown throughout t h e  space  of t h e  U. S .  boos t e r  
development program, A range of va lues  due t o  t h e  spread of d a t a  i n  F igu re  2-107 
occurs f o r  t h e  e a r l y  po r t ions  of t h e  space program. 

T h i s  d a t a  shows t h a t  a reasonably h igh  launch r e l i a b i l i t y  i s  c u r r e n t l y  
possible .  Ex t r apo la t ing  i n t o  t h e  next  decade, va lues  g r e a t e r  t han  .97 f o r  any 
one launch appear poss ib l e .  

Because t h i s  d a t a  i s  a composite of many launch. v e h i c l e s ,  it may no t  be 
exact  f o r  a s p e c i f i c  boos t e r  type.  For example, t h e  Thor-Delta boos t e r  has  

- demonstrated an i n d i v i d u a l  performance h i s t o r y  b e t t e r  than  average and t h e  
SATIfffEJ and T i t a n  f a m i l i e s  haveexperienced p e r f e c t  performa?ce. However, f o r  
t h e  purposes of t h i s  s tudy ,  t h e  e x t r a p o l a t i o n  shown on Figure  2-108was used. 



Table 2-19. 

SRoBAl'bLITY OF W P m R  ORBITER SVOUE8B FOR 600-DAY MZSSZOlP 

j I 
extrapodat iond 

pg = probabi l i ty  of .99 . 99 ,. 99 . 99  .99 P o s t u l a t e d  astdroid flux. 

avoidance of asteroid- Average asteroid velocity = 

Fnduued failure. 30 Irm/sec, Time in asteroid 
belt = jl6% missdon dusathn. 

Structuxal skin,  denaity = 

p4  = probabil ity of Extrapalation of past system 

systems success. 

P = (p1Hp2)(p3)(p4) Combined Probabilities. 
i m  

- 

1976 . 

-985  

. . 
,957 

Asrumptions 
--- - "- 

Extrapolation of past 

booster history. 
- - . - - 

Two complete and equal 

electronics systems. TWO 

component f allures end one 

systemls usefulndss. Con- 

servative fai lure rate 

1972 
.+. --- - 

.980 

-952 

1970 
--'- 

.976 

Year 
Parameter * .-I - 
P1 

= probabiltty of 

successful launch. 

1974 

.983 

.956 

1968 

.971 

p p  = probabi l i ty  o f  

electronics success. 

,915 

-- 
-940 



Table 2-20. 

P R O B A B I L m  OF CLOSE S O U R  PROBE SUCCESS FOR 1200-MY MTSSION 

p2 = probab i l i t y  of Two complete and equal 

electronics success, electronic systems, Two 

component f a i l u r e s  end 

one system1 s usefulness, 

Conservative failure rate 

p 3  = probab i l i ty  of 

avoidance ef asteroid- verage asteroid velocity = 

induced failure. 

e l t  = 16% mission duration. 

p4  = probabil ity of 

systems success. 

Combined Probabil l tfes .  



Table 2-21. 

NUMBER OF SPAGECRAFI! REQUXRED TO ACHIEVE DESIRE3 SUCCESS PROBABILITY FOR 
JUPITER QRBITER/SOLAR PROBE 
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2.2.8.2 ProbabIlIty of Success of E l e c t r i c  Components (p21. Due to the normal 
problems associated with manufactur ing,  testing, and operating, all components 
in electronfc systems a r e  subject to random failures. Improvement in fabrication 
techniques in recent years have greatly reduced the probability-of these failures 
and further advances are expected. Figure 2-109 shows the evolution L n  electronic 
component Eailure rates since the  beginning of the space age. This d a t a  was 
compiled from research compLeted by t h e  Bell Telephone Laboratories on the elec- 
t r on i c  failures of American space s y s t e m s  to d a t e .  It should be no ted  t h a t  t h i s -  
data  and the following analysis does not inc lude  such system fa i lures  as poor 
solder joints, s h o r t  c i r cu i t s ,  broken wires, e t e .  The r e s u l t s  m u s t  t l ierefare 
be qualif ied somewhat t o  account Ear these modes of electronics failure. 

In this analysis, a weighted average was developed and extrapolated 
i n t o  the next decade. This weighted average, s h o r .  on Figure  2-109 , is based 
an what is considered the typical proportions of electronic components in space 
systems. Any spec i f i c  s a t e l l i t e  w i l t  dev iate  from this breakdown but probably 
nor enough to significantly a l t e r  she broad results of t h i s  study. 

Both a conservative and o p t i m i s t i c  extrapolation of the expected cam- 
ponent failure r a t i o  was made to v i s u a l i z e - t h e  e f f e c t s  of this uncertainty. 
It will be shown that a s i g n i f i c a n t  difference in rhe predicted probability 
of program success will occur due to these. different extrapolations. 

The failure rates of electronic components can be converted to mean- 
time-to-failure CET) through the use of Figure 2-110 . In this relationship 
the number of components onboard the spacecraft are important and, the figure 
shows typical values for small satellites, large deep space probes, and Apollo- 
type manned systems. 

ft should be noted that these curves assume that one component Eailure 
results in termination of the system l i f e .  This may be true if the component 
is in a critical circuit, but in the past s m e  spacecraft have experienced one 
or two cmponent f a i l u r e s  and still remained i n  operation. Although t h e i r  use 
may be compromised, such occurrences cannot be categorized as program f a i l u r e s .  
We w i l l  discuss l a t e r  the effects which accepting multiple component failures 
have on the probability of system success. 

The system MTTF can now be converted to probability of success through 
the well known exponential relfability law noted on Figure ZllP . Finally, all 
th i s  data can be combined to show the probability oE electronic system success 
as depLcted in Figure 2-112 . In this figtire,  the effects of variances i n  
extrapolating the cmponent failure rate data as dfscussed above are apparent.  
If component failure rates are improved according to the optimistic extrapo- 
l a t i o n ,  very high electronic system reliability can b e  expected i n  the next 
decade. Nowever, for t h e  conserva t ive  e x t r a p o l a t i o n ,  means to f u r t h e r  im- 
prove the  system r e l i a b i l i t y  should  be considered, 

The technique most o f t e n  used for increasing the probability of 
electronics success i n  space systems i s  redundancy. In t h i s  analysis, t w o  
techniques w e r e  studied as follows: 

e Provide one or more equal onboard e l e c t r o n i c  systems which all 
operate continuously. The f a i l u r e  of one system does not interfere 
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Figure 2-110. MEAN-TIME-TO-FAILURE VS COMPONENT FAILURE U T E S  
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with the operations of the other systems, System lifetime require- 
ment is identical for all systems and equal to the mission lifetime. 

~#ovide one or mgre equal onbaard electronic systems which are 
operated sequentially, A t  some predetermined pot6t fnrtbe mission A 

or at the, time of one system fa i lure ,  a new elecironic system, 
whkh has nat been used up t o  t h a t  time, 5s activated. System 
lifetime is, on the average, only the lln proportion of the mission 
lkferime where n i s  the n m b e r  of equal onboard systems, 

Figure 2-113 itldicates the improvsments to be expected fn the f irst  case. 
These curves were drawn f o r  a specif fc  failure rate of 2 failures per 109 part- 
hours as an example. For other fai lure  rates the same effects would be noted 
but the posttion of the curves would be displaced on the gr id ,  From t h i s  data 
it.can be seen t ha t ,  as an example, to achieve a .9 probability of success for 
a 1200-day mission (approximat ely 3.3 years), f ive  equal redundant electronic 
systems are required onboard the spacecraft. It can also be seen that t o  in- 
crease the probability o f  s-iccess to  .99 an absurd redundancy of about 58 equal 
systems is necessary. A review of Figure 2-106 will show that i t  _a.ppwrs t o  be 
more reasonable t o  provide more than one spacecraft in a program to achieve high 
program-success prababi'lit ies i f  the f a i l u r e .  5ate  -dep+icted_jntF&us Z1l3 has 
to be accepted, 

For the second mode of redundancy; i. &. , seiuentf a l l y  'switching elec- 
tronic systems, the lffetime f a r  which any one cmponent is expected to opera t e  
is considerably reduced but the problems concerned with storage, c h e c k o ~ t ,  and 
Inflight switchfng are ifitroduced, It is not known at t h i s  time what probability 
of success can be expected for such functions, However, the parametric data 
slmrmarized in  Table 2-22 indicates that for the ffrst half  of the next decade, 
switching reliability must be of the order of .985 to more than 1,O f o r  t h i s  
operational mode to show an advantage i n  overall mission probability of success. 
This approach appears useless for f c r t he r  consideration, 

In a l l  of  the preceding analyses, it has been assumed that one electronic 
component failure constitutes a system failure, As discussed earlier, t h i s  may 
occur if the component is in a critical c f s c u i t ,  However, space systems have 
survived single failures many times in the pasto Figure 2-114 shows the proba- 
bility of electsonfcs success for various multiple component f a i l u r e s .  Con- 
siderable improvement can be noted if the spacecraft can accept more than one 
failure. This effect, combined w i t h  redundancy, raises the probability of 
success to satisfactory values in most cases. 

To srmaaarize this analysis of electronic component fai lttres,  l e t  us 
postulate a typical mission, and develop the probability of success of the 
electronics systems for a single spscecraft, Consider a 1200-day mission a s  
an extreme example, launched in  1974. From FigureZJ14 , a total electronics  
system success of -735 can be expected f o r  the conservative extrapolation of 
component faituse data. If we are lucky and the spacecraft survives one corn- 
ponent failur~, FigureZ-114 shows that this value is increased to , 85 ,  Finally, 
by providing Completely redundant e lec t ron ics ,  a further increase - t o  092 is 
achieved. 

By a similar process, the data presented in Tables 2*19 and 2-20 was 





Table 2-22. SEQWENCING DUPLICATE SYSTEMS TO ACHIEVE DESTRED MISSION SUCCESS 

Definit ions: 

PT = Total probability of success to duplicate single system with na redundancy and one component 

failure terminating system l i f e .  $ 

PS = System'probab'illty'bf success o f  I;ifekime'.t. ': 

Pm = Switching probabil ity of success required t o  achiwe at least  PT. 

T = Total mission duration. 

t = System average l f f  etime requirement. 
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I 
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Figure 2-114. EFFECT OF MULTIPLE CLlMZ'OMEWT FATLURE A C C E P T ~ C E  UPON MISSION SUCCESS'FOR 600-'AND 1200-DAY >IISSIONS 
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prepared to indf cate  the estimated electronics re liability f o r  spacecraft 
through the early part of the next decade, As noted earlier, such failures 
as  poor solder joints, short circuits, broken wires, etc. are not accounted 
f o r  herein and the data must be considered a little optimistic because of the 
p o s s i b i l i t y  of these failure modes occurring, . , -  , . .- , 

2.2.8.3 Probability of Asteroid Avoidance (p31. All of ' interplanetary space is 
apparently filled with particulate matter ranging from microscopic d u s t  to large 
asteroids. The asteroid b e l t ,  lying between.Mgrs and Jqpi ter  congains the 
greatest mass concentration. Accurate data on the  size and flux of t h i s  matter 
is not available, but fragmentary results from astronomical observations and 
the few interplanetary probes launched to date give preliminary indications of 
two classes of particles of apparently different  origin, The most common are 
asteroidal particles,  with a density of 3 t o  8 gm/cc, concentrated in the as- 
teroid b e l t  and diminishing in flux both to-gards the Sun and outward to deep 
space. The others are cmetary particles, with a density of less than 1 gm/cc. 
These are more cormnort close to the sun a ~ d  decrease in flux w i t h  increasing 
distance from the Sun. Concentrations of these particles have been-- detected 
in what is believed to be cmetary orbi t s .  

Figure 2,115 shows the posyll,a;e$ fJy- ver,sus, p a f t l c l e  mqs? and distance" 
£ram the Sun fo r  both the cometary and asteroidal partic les ,  - Thcese meteoroid 

- 

models were developed under NASA contra-c5 NAS,9r349s9,freference21 . .- .- - 3 * for studies 
of manned Mars and Venus f lyby using Apollo hardware and systems,. 

-- - - 

Spacecraft failures can accur by efther a direct impact with a large 
asteroid or a long-term erosion do;e to continuous bombardment by micrometeorites. 
For the latter case, empirical design laws f o r  structures have been developed 
and used successfully. Erosion of thermal-control surfaces, solar cells, 
antennas, etc. is of concern but is d i f f i c u l t  to predict  and can usually be 
accounted for in the spacecraft designo For the purposes of this analysis, 
it will be assmed that d e t e r i o r a t i o n  of the spacecraft due to general erosion 
can be accepted and will not lead to a mission failure, 

It is then of interest to determine the probabflity of impact with a 
large asteroid which wfll destroy the spacecraft or cause a mdssfon failure 
by puncture of a system, The minimum s i z e  asteroid xhich is of cancem is 
dependent on the relative velocity. This relationship is shown in Figure 2-116 
f o r  a range of part ic l e  dens i t i e s ,  For th i s  analysis, it is assumed tha t  par- 
ticles having enough energy t o  penetrate a -1 - to  .5 - rn  thickness of alrunin*m 
are of concern, 

By combining this  data with Figure 2-115 and assuming a spacecraft cross- 
sect ion of 2 rn2, the probability ef an asteroid co l l i s i on  for a 600-day mission 
can be estimated assuming one passage through the asteroid b e l t .  This is shown 
fn Figure 2-117 for cometary and asteroidal meteoroids and a range of p a r t i c l e  
penetration energies. Superimposed on this data are lines of meteoroid helio- 
centric velocity, . It can be seen t h a t  for an average partkle velgcity of 30 
kmlsec, which is postulated for fnterplanetary space, very significant numbers 
of meteoroid fmpacts will occur. In fact ,  the probab i l i t y  of avoiding particles 
of the size believed to be of concern is zero f a r  the asteroidal meteors, 

It is Important now t o  evaluate the above analys'is in -xms-of space- 
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craft failures. Much work has been completed on meteoroid shielding designs 
for interplanetary spacecraft under various NASA and USAF contracts. For this 
analysis again, the work completed under NAS9-3499 which is associated with the 
meteoroid models of Figure2-115 will be used. Thus, Figure 2-118is presented 
from reference 21 fo r  various structural conwpts.  It can be-seen t h a t  sophis- 
ticated and heavy structures are required to achieve satisfactory probabilities 
of success. For use in  Table 2-19 and 2-20 , the design point indicated on 
Figure 2-118 was used and it was assumed that the probability of puncture was 
identical for the inbound portion of the l.200-day mission.--- . 

Knowledge of the asteroid concentration in space is l i m i t e d  at th i s  
t i m e  and the above analysis must be considered approximate, The asteroid b e l t  
particle flux is particularly unknotm. As further data becomes available, the 
above analysis could be ref ined to better estimate the probability of collfsion. 
Also, much work is undertray t o  detrelop self-sealing structures for interplanetary 
vehicles. As such concepts are further developed, the p r o b a b i l i t i e s  of failure 
due t o  meteoroid impacts will decrease and alter the above analysis accordingly. 
Fi$itre 2i119 s-Umasi zes the  oork completed under Contract NASR-102 (r&f erence 26 3 
which shows rhat , for  the missions under-consideration herein, self-sealing struc- 
tures may permit essentially no f a i l u r e s ,  This work must be considered prelimi- 
nary at this time, btit these conceptscmay-df-er Ancreased ,protection i n  the next 
decade over tha t  shown in the preceding analysis, 

2 .2 .8 .4  Probability of Subsystem Success(p,,). The analysis of t he  success to be 
expected from subsystems other than  electronics is again based on an extrapola- 
tion of past s a t e l i i t e  data in th i s  report. The degree of d e t a i l  comparable ro 
the d a t a  compiled f o r  e lectronic  component f a i l u r e s  is no t  available, but a re- 
v iew of American satellites launched through December 1965 is presented in 
Figure 2-120. This curve shows the cumulative propulsion and mechanical f a i l -  
ures which have occurred far satellites i n  orbit .  

Sane difficulties in developing this data should be mentioned to obtain 
the proper study perspective. First, kt is of ten  difficult to distinguish what 
sa te l l i t e  failures are not electronic since electrical systems are so integrated 
with the other systems. For example, a failure t o  deploy a boom or antenna was 
considered a mechanical failure in t h i s  analysis although it is realized t h a t  a 
failure in an electronic system, component, or connection may have been rhe rea- 
san the deployment d i d  not occur, Likewise, a propulsion s y s t e m  failure may in 
fact be traced to an electronic failure fn the same or other subsystems. Never- 
theless, to be conservative, the data in Figure  2-L20is  cons idered  to be indi- 
cative of the subsystem failures to be expected, 

The second d i f f i c u l t y  experienced Ln developing t h i s  dats is the inclu- 
sion of l i fetime considerations. A review of t h e  satellite failures shows that 
subsystem failures of this type usual ly  occur early in a satellite's hlstory,  
Once these subsystems have been actuated, they are not usually expected to op-- 
erate again. For example, the deployment of booms is not a repetftive procedure. 
Also,  once propulsion maneuvers are undertaken to achieve certain desired orbits, 
the propulsion system is never reactivated, Thus, t h e  different requirements of 
the Jupiter orbiterlsolar probe, wherein mechanical and propulsion systems are 
t o  be actuated after more than a year's storage In space is no t  really duplicated 
by the data shown in Figure 2-120. In lieu of better  daqa these probability 
histories were used in t h i s  analysis. 





I 

=@re 2- 119. MISS1 ON DURATION VS SPACECRAFT AREA A N D  PRD54IJ.ILITY OF NO PUNCTURES FOR A 
SELF-SEALING STRUCTURE CONCEPT 
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The subsystem success probability i n  the next decade is shown in 
Table 2-23. In this table,  a constant .995 factor w a s  added t o  account f o r  
other s~bsystems and contingencies in order to be conservative. 

Table 2-23. SUBSYSTEM SUCCESS PROBABILITIES 

2.3 SPACECRAFT CONCEPTUAL DESIGNS 

One aE the primary purposes of the study was to investigate the feasi- 
bf lity of using Apollo spacecraft modules (i. e., the Lunar Excursfo!2 Module, 
Apol lo  Service Module, or Apollo  C o m n d  Module) to perform deep space un- 
manned interplanetary missions. A s  noted in the report of work previously corn- 
pleted (reference L), this I s  not easily accomplished. The Apollo modules - 

represent unique designs for undertaking a manned lunar landing mission, Mass, 
volume, subsystem performaxe, structural criteria, configuration, ard many 
other parameters a re  incompetible with unmanned exploration of the solar system. 
In this  study, therefore, emphasis was placed on the use of existrng subsystems 
and hardware developed in the A p o l l o  program rather than the major modules 
themselves. As will be noted below, existing propulston subsystems were adapted 
t o  t h ~ s e  missfons. This is economically advantageous as these subsystems usua l ly  

,represent the  greatest development effort in a space program, 

The &ta of the preceding subsectio~s presmted prellmlnary Ind2cat:ozs 
of many features of the 3upLter orbiter/solar probe, In partZcd~lr ,  the them,l 
control analys5s of the close solar probe dictated the general arsangemert of 
that spacecraft t o  a great extent, Other  analyses of adataced mfsaiozs to be 
presented in Sectton L I T  of thfs report also exerted an i n f l u e ~ c e  on the s i z ing  
of the spacecraft ,  

The spacecraft conf-igurations are constrained by the interface rsquire- 
m e n t s  and aerodynamic shroud of the Saturn iT launch vehtcle. Throughout a l l  t h t s  
study effort, the  standard MSFC nose cone for the Saturn V booster was retaized. 
Also, roam was allotted f o r  the  S-TVB -instrument unit  ( I tJ)  cable rack located 
around the periphery of t h e  ?3J above the. staging plarte. Based on these co2- 
srraints, the lauach configuration depicted in Figure 2-121 was developed for 
the Jupfter arbfter/solar probe can£ iguration. 

The solar probe is configured for approaches up t o  0.1 AU from the sun. 
A passive shadow shield nose cone is used w i t h  a superinsulation-protected 
seco~dary shield. To assist the monopropellant attitude-control subsystem, 
solar vanes are installed which provide significant stsbilEzi?g torques, The 
close solar probe has no propulsion and afcer Jupi ter  swiagby is incapable of 
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making course corrections. The following paragraphs s m a r i z e  the subsystem 
features a£ the probe designs, 

Planetary Capture. The LEM ascent primary propulsion system, which 
utilizes Earth-starable propellants, is used for the planetary capture maneuver. , - .  

The system is modified to  match the J u p i t e r  orbiter performance requirements 
of this mission and is not activated until target planet encounter is achieved. 

Attitude Control. The Jupiter orbiter attitude control system (ACS ) 
is composed of two separate systems: a law-thrust system, to provide control 
during hel iocentr ic  and capture orbit coast; and a high-thrust system t o  pro- 
vide control of the vehicle after Earth injection, to  orient the vehicle f o r  the 
midcourse correction, and to control the vehicle during braking i n t o  Jovian cap- 
ture orbit. The ACS consists of twelve 25-N thrusters and twelve 100-N thrusters. 
Fuel. I s  a monopropellant consisting of 25% N2H5N03 and 75% QH4. 

The solar probe ACS uses the same monopropellant. Thrusters are 15 N 
and 12 thrusters are used. 

. A - - 
Sta te -o f  -the-art gyros can be used an both spacecraft to measure angular 

rates and posit ion changes about a11 three axes-of the spacecraft. .  The gyros 
would have the capab i l i t y  to operate in the .integrating mode to provide the 
necessary angular p o s i t  ion informat ion to establ ish and h o l d  an -arb i trary  orien- 
tatfon independent of the celestial reference, 

Midcourse Correction, To provide the midcourse corrections a vernier. 
system utilizing the main propellants was selected.  The system uses one 645-N 
vernier engine. 

# 2.3.2 Power Supply 

A n  isotopic power system is installed which uses passively cooled Pu-238 
units. It is anticipated tha t  three units will be required for the Jupiter or- 
b i t e r  and two for the solar probe. Batteries are used on both spacecraft for 
peak loads, Because these i s o t o p i c  units are a-particle emitters, shielding 
is not critical. 

A 4.5-m high-gain antenna is mounted on the Jupiter arbiter to provide 
deep-space carmnunications to the Earth's DSIF system, The antenna is not g im-  
ba l l ed  and pointing'is achieved by att i tude maneuvering. The input power level 
of the s y s t e m  is estimated at 200 w a t t s .  Bit-rate  capability will be approxi- 
mately 90 bfts/sec minimum under high background noise conditions. 

The solar probe uses a smaller high-gain antenna which is gimballed. 
In addition, t he  system input power is also 200 watts. 

Both spacecraft have mnfdirectional  antennas for transmitting to Earth 
at close dfstances and t o  receive command and con t ro l  orders, 
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2-3.4 . Thermal Control 

. In the far regimes of t h e  so la r  system, thermal control for both space- 
craft' is  achieved by superinsulation and e lec t r i c  heaters in cr i t ica l  areas. 
Excess power is available f ram the  RTG u n i t s  t o  k i n t a i n  proper 'temperatures 
in the electronic and propulsion subsystems. 

Close to the Sun, the  solar probe is kept relatively cool by a passive 
shadow shie ld .  Proper a t t i t u d e  controf keeps the -spacecraft -&quipfietit corn- 
partment in the shadow zone of the primary nose-cone shield. A secondary flat 
plate with superinsulation maintains reasonable spacecraft temperatures. 

2.3.5 Guidance and Control  

Sun Sensor. The sun sensors to be used on both probes consist of photo- 
condvctlve cells connected in a bridge circuit positioned around a plane perpen- 
d icular  to the  spacecraft axes to be controlled. The system would be mounted 
t o  control the yaw and p i t ch  axes so t ha t  there is a complete 47 s t e rad ian  field 
of view for the Sun sensors, Far the solar probe, these sensors will be kept 
In the shadow coue and the bridge c ircuit  designed a - e  7 t o  prevent the solar energy 

.L - -  - 7 -  . . . - - ,  
from impinging on them, 

Canopus Sensor, The Canopus' sensor'wfll be used to 'control  the-space- 
craft about the r o l l  axis, A position error signal is derived and controlled 
by an automatic-gafn-control loop.  The indfcation of the apparent brightness 
of any o b j e c t  being tracked i s  the input to the Canopus acquisition logic ,  

Central Computer and Sequencer. The overall spacecraft control. r iming,  
and sequencing for a l l  operations is provided by a central computer and se- 

.quencer. The design concept s~ccessfully used far the Mariner IV central com- 
puter and sequencer cam be appl ied  to deep-space missions. Three countess 
would be required. These axe, (1) a launch counter for early events such as 
activating the attitude-control system, starting the Canopus acquisition, etc , ,  
(2)  a maneuver counter f o r  midcourse corrections, and ( 3 )  a terminal counter 
to control the planetary capture maneuver and solar encounter, 

2.3.6 Inboard Profiles 

A detailed mass breakdown is shown .In Table 2-24 for bath spacecraft. 
The nominal trajectory parameters for the Jupi ter  orbiter are a 600-day l i f e -  
time and a capture orb i t  of n = 10 and rp = 1.1 Jupiter  radii. The solar probe 
has a design lifetime of about 1200 days to close solar approach of O*I AU. 
Figures 2-122 and 2-123 present tnboard p r o f i l e s  of these spacecraft . 

These drawings indicate the genera l  size and arrangement of the space- 
craft systems and equipment. The Jupiter o r b i t e r  spacecraft is characterized 
by i t s  large DSIF antenna designed integral w i t h  the spacecraft.  This antenna 
is r i g i d i z e d  by a trusswork and is capable of supporting both the Jupiter or- 
bi ter  and solar probe during launch, 

The body of the spacecraft is a cylinder with cross-beam primary struc- 
ture, A conical compartment in the center houses the LEM ascent engine which 
is used for Jupiter capture braking. Propel lants  are loaded i n  the four spherical 



Table 2-24 .  MASS SUMMARY 
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.-. . 
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2680 
(300 1 
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- 
- 
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- - 
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846 
- 

Gross Mass 1 10,310 
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tanks between the main crossbeam structure. These tanks are supported at 
their center diameter by the conical thrust structure in  .the center of the 
spacecraft and by the circmferential s t r u c t u r e  forming t h e  exterior of the 
Jupiter orbiter. A circumferential ring'is designed for this purpose which 
transmits the propellant tank loads to the main crossbe-am structure. The 
propellant: tanks are s t a b i l i z e d  by a truss network at the base of the cylin- 
drical portion of the spacecraft. 

The tanks f o r  the helium pressurant and monopropellant a t t i t u d e  con- 
trol subsystem are mounted symmetrically around the orbiter on the cross- 
beam structure. Alsa ,  the electronic components associated with the various 
systems are mounted on t h i s  same structure. This desfgn permits easy access 
t o  all the subsystems through the nonstructural t o p  face of the spacecraft.  

An exterior panel is located at one quadrant of the primary crossbeam 
structure t o  support the experiments which are used to  view the target planet. 
This panel provides a flat surface which can be oriented toward Jupiter when 
the spacecraft i s  in capture orbit and collecting d a t a .  Electrontcs associated 
with these  instruments can be ins ta l l ed  on the rear of the  panel and on the 
crossbeam structure close by, Again, access can be had through the top of the 
spacecraft, 

Experiments which must be operated a t  distances remote from the onboard 
system are shown instal led on booms. These instruments are magnetometers, ionf- 
zarion chambers, and radiation detectors, The booms are deployed a f t e r  Earth 
injection and are fixes-throughout - the remainder of the mission. 

Y 

The configuration of the solar probe is dictated very strongly by the 
design of the passive thermal shadaw shield discussed previously i n  this report. 
The primary s h i e l d  is stowed during launch and erected after Ear th  inject ioz,  
The spacecraft itself is a cylindrical body with a conical bottom. The top  of 
the cylinder i s  the secondary shadow s h i e l d  and supports a layer of superinsu- 
latfon. The equipment associated with the subsystems and ,experiments for the 
probe are installed on floor structure in the cylindrical portion of the space- 
craft. The conical battom serves t o  contain the attitude con t ro l  monopropellant 
spherical tank and also act as the support structure for the high-gain cemmuni- 
cations antenna. 

The high-gain antenna can gimbal through 130° for communications with 
Earth. This means that  during the close-solar approach when the probe must 
be oriented radially toward the Sun, high-gain comunications can be accomplished 
only if Earth is wfthin the 30' cone of the spacecraft's base, However, all 
experhental data can be stored and trznsmitted at a later t l m e  when communi- 
cations geometry I s  mare favorable* 

Four structural panels are instal led around the base of the spacecraft 
d12ch serve a number of functions: 

r They form the primary support structure f o r  the solar  probe during 
launch and throughout the heliocentric coast until separatian of the 
spacecraft at Jupiter. 
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m During the close-solar approach they act as solar vanes and add 
a significant stabtlizing torque t o  the vehicle. 

0 They support solar experiments which view the Sun during the f lyby 
maneuver. - . . - -  . , . 

They support and provide a shadow area for experiments which are 
mounted on booms and trailed f a r  behind the spacecraft in the 
undisturbed interplanetary, envirorpnent . - - .  ., - . - .  . . - 

Because of the high solar intensity,  the primary thermal sh ie ld  and four solar 
vanes wlll  be constructed of titanium. Other structural concepts are conven- 
tional for deep-space spacecraft. 
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SECTION III 

ADVAN&D M I  5s IONS 

In the context o£ th i s  s t ~ d y  t?ie tefni Q d W c e d  rnissio2s"' is appfigd t 3  those 
mfssion concepts involvfng Jupiter capture cr gravity assist whereis, the ec5eent'ific 
objectives of the missions ere related to t h e  spec i f ic  body!s) of interest a2d 
do not include the objectives of t h e  Zupiter orbfter/sclar prcrbe rn.Essi,:x. Mcre 
specifically, the advanced missians considmed here are e x p l o r x t l o r o f  tke Zovian 
moonss Saturn and Uranus capture  misstuns via 3apiter gravity-assist, axd i m p e c t i o n  
of regions of the asterSid belt. To accomplish these m i s s i ~ > z ; l s  a farnllj: CI f space- 
craft is defined which uses the S~piter ar3iter a s  a b a s i c  imduie. The advinced 
mission configurations, and the data  on which they are based, muse be c x s i d e r e d  
preliminary at th i s  time as maxy important aspects of theLr devel~pment mLst be 
further studied in detail- b e  such sspect is the  effect  of e f i - i t e  l~ur .ch period 
requfrement 

Notwithstanding the cursory analysis G£ sane aspects  sc~f t 5 e  mf S S ~ C X S  mder 
consideration several s ignif icant  ,co~clus3ons  can be reached* TLey Lnclude: 

- . - .  - r F . t - , -  - TrE- 

I. MeanIngfuL fnspecticx or' -the JSvhri l1~063s~ -dtaffng X +,".YpEta c-ure 
miss ion  will require clcse passes t o  the  mcons. Tze present tech3Lque 
of tIie missf~n aralyst is deal-lqg w-lt'n slich t r a j e c t ~ r i e s ,  thslr sf t h e  
patched csnic  approaci, 2s 'rmdequate for  the J',xriaa s a t e l l k t e  sysrern* 

2. Comnica t fon  wit3 acceptable data tran~rnissit:~ b i t  rsees is fesstble 
for S-band systems of the  J'ilpiter arbiter spacecraft deslgr. anyw:?ere 
in the solar system up ta s i d  includi3g the  o r b i t  of Uraaus. 

3. Inspection of some regions sf the asteraid  b e l t  is an acceptable 
secondary misst~n via a J ' up i t e r  swiqgby r n ~ d e ,  but dae to t h e  i n c l i n s t i on  
and dtameters of most of the  astero2ds an -5tlspecti;n evrrate to .;up<ter 
will not be poss5ble.  

4. A f d l y  of spacecraft st i l iz4,ng the 3 ~ p P t e r  orb5ter as a basic m ~ d u l e  
can be designed te pravide a- extensive solar  systesn e x p l ~ r a t i o z ;  
program, but due to the 13mg lffetimes required* extrapo2ati.cn sf present 
subsystem seliabflfty indicates that a reaszas.ble mission success gsal 
would requke a major ntitTsna1 przgram in terns of Saturn  V Zau~ches. 

3 1 J O W  MWH HXP LORATION 

During the Jupiter mtssion a natzlral scientific objecttve would be inspection 
of the Jovian satellite system. Of particulsr interest ,  due to t h e i r  size and 
proximity to Apfter ,  w u l d  be the fecz;r fnazer or Galilea9 moons. The follcwing 
three subsections are addressed t o  the prablems of  explorsb5aa cf t3.ese :~:vian 
moons. For backgmmd, the  first sabsectiun gives a brtef descr lp tkm of the 
o r b i t a l  characteristics of t he  s s t e l l i t e  sys cem. T'ne second subsecticn relates 
these characteristics to c m u r , % c a t i ~ n  df stance betwee2 the v a r f ' x s  m i r . n s  and 
the spacecraft during-a missim, and p i n t s  cut  the fafess ib i l izy  o f  u s b g  radar  
detection to orient 'the spacecraft to a desirable p ~ s P t i s n  far televisf~n 
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pictures by onboard cormnand. Concludfng, then, that very close passes (less 
than one Jupiter radi i )  are reqaired far effective inspection of the moons, the 
third subsection investfgates the problem of flight mechaaScs in the v i c i n i t y  
of one of the moons and indtcates che inadequacy of present techniques (other 
than fully integrated machi~e  trajectories) in dealing with  this problem. 

3.1.1 Description of the Jovian Satellite System - . , - .  - . ,  .- , -  - 
Jupiter has 12 h w n  satellftes rang$% in size from 20- t o  30-km 

d-&er to abaut 4000-km diameter, or approximately the s i z e  of Mercury. 
The larger satellites are grouped closely about  Jupiterband revolve In nearly 
circular arbits inclined a t  a m x h  of less thar! 0.5' to Jupiterls equator 
(ref. 3 4 ) .  This inner groap of four sa te l l i t e s  is known a s  the Galilean satellites 
after thek discoverer, Actually there is a fffth s a t e l l i t e  (PI) interior t o  
t h i s  group revolving at about 2 Z u p i t ~ r  r a d i i ,  which due t o  i t s  small size 
(40- t o  80-km diaaeter) was not  dissgvered u n t i l  t h e  advent of more sophisticated 
optical equipment (circa 1900). Although the  inclination of 3'1 is small. ( 0.5') 
it experiences a precession rate of 916OJyear d ~ e  t o  the marked oblateness 
(11 15.3) of Jupiter. 

Laplace discovered the following interest iqg relationship among the 
f irst  three (10, Europa, Ganymede) Galilea2 satellites. f f  Li 1s the lengi- 
tude of sateIl5te i(i = 1, 2, 3)  from some- arbitrary initial-point, then 

and fmplicitly from above 

where T, is the period of the ifh satellite. 

The Galilestn sate l l i tes ,  3!, Z J Z ,  T J T i ,  and YX revolve about Jup i t er  in 
a counter-clockwise motion or d5rectlp while Jid113, SIX, J X ~ ,  and JXII: exhibit  
clockwise or retrograde orbits. A l l  of the sate l l i tes  are subject to mutual 
perturbatfon. In addftion, the outer satellites experience considerable solar 
perturbation, JVIII and Jn[ have be?n obserqed to vary t h e i r  eccentricity by 
as much as 100 percent during a single revolutfm and variations in the semi- 
major axis of 10 percent have been recorded (ref .  352. During the outer part 
of their  orb i t s  the solar force can even reach a stage of predominance over 
Jupiter f s gravitational attracrfon and during conjunction it is poss ib le  t h a t  
a satellite may be l o s t  t a  the S u n .  Indeed, such a possibility has l e d  to the 
theory that some of Jupfterls sate l l i tes ,  particularly t h e  smaller ones, may be 
captured asteroids.  

There is some evidence f rom photometric observations to suggest the 
satellites always turn the same s i d e  to Jupiter (ref. 36) .  Table 3-1. 
elmrmarizes some of the physical and orbital  parameters of the J ~ v i a n  satellllte 
system. The values are  take^ from references 34, 37, and 38. 
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Table 3- 1. SELECTED PHYSICAL AND ORBITAL PARCIKETERS 'OF THE J O V M N  SATELLITE SYSTEM 

SEMI-MAJOR AXIS 
OF ORBIT IN ECCENTRICITY 

2OV L4N R-ZDX'L - 
I N C L I N A T I O N  TO 

JUPITERf S EQUATOR I ROTATIOXAL 1 DIAMETER 

DIRECT 

DIRECT 

DIRECT 1 5180 

30 :i I DIRECT , A I $0.150 
I I 

t I '  DIRECT lob- 150 

- , I  

I: 
D I R E C T  2.5- 7 5 

1 

+ I >  
. I !  RETROGRADE - 2.5-75 

-- .- 

DIRECT ; I 2P-30 

RETROGRADE 1 '  r 
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3.2.2 Jupiter Orbiter - Moons Communication Distance . . 

The variation in comunication distance between the Galilean moon Eo (31) 
and the orbiter spacecraft as a function of  t i m e  after t h e  capture braking 
maneuver i s  shown in Figure 3-1. The launch date, t r i p  time, and orbital  
parameters chosen for the  figure are those of a typical  rnissfon for the Jupiter 
orbiterlsolar probe. Data far  other  Galilean moons would be similar with 
different curve minimtrms and maximms. Figure 3-1 traces the variations over 
only 16 days but the pattern, which has been studied up to 60 days, is invariant. 
In fact, the minimums vary less than 3 to  4 Jupiter r a d i i  over the  60-day period. 
Variation over a complete s e t  of o r b i t a l  parameters, namely, perfjwe distance, 
apsidal ratio, inclination, right ascension of the ascending node, and argument 
of perijove, produces two types of variation in Figure 3-1; (1) in the t h e  
scale, and (2) fluctuation of the maximm/min.imtrm values. The most significant 
variations would, oE course, occur f o r  a r o t a t i o n  of the l i n e  of apsides in 
space in comblnatfon with a variatian i n  inclfnatton. The same pattern, however, 
5s s t i l l  maintained. The significance of Figure 3-2 is that to attatn a closest 
approach distance to one of the Galilean moons less than, say,  one Jupiter r a d i i  
would require a precise t h i n g  of arrival a t  perijove. Coll is ion trajectories 
w i t h  the moons can be postulated for a certain s e t  of o r b i t a l  elements chosen 
for a specified arrival t h e ,  but s l i g h t  variattons in the selected elements 
or arrival. time would cause a quick recession from a minimum p o i n t  or distance 
of closest approach. Thts is evident 'ram: the slope of. the  curve. The timing 
must be even more precise when the res tr ic t ion  i n  minimum incl inat ion is imposed. 
This restriction l h t t s  the inclination of . the  o r b i t  to a minfrnnn equal to the . 
declinatLon of the incoming hyperbolic-excess velocity vector assuming a planar 
brakfng prof i l e .  Since a trace of minimum points w f l P  itself be absolutely 
minimum if the moonls and orbiter's planes are coincidential ,  t h i s  means the 
minfmum trace is not, in general, attainable,  The insert of Figure 3-1 l tsts  
the maximwn and minfmum p o i n t s  over a. 60-day f nterval for the parameters 
listed a t  the top of the  f igure.  In v i e w  of t h e  restrictton in  inclination,  
however, they are generally valid a s  the min imum trace of the absolute minimums. 

The infeasibility of ustng radar detection of the moons to actuate 
onboard commands to orientate the spacecraft for te lev i s ion  pictures of the 
abject moon is illustrated in Figure 3-2. A one kilowatt, x-band antenna is 
assmed and range t o  target fs p l o t t e d  against target diameters f o r  one- and three- 
meter antenna diameters. The shaded area of the figure represents the Galilean 
moon diameter range. At one Jupiter radii distance it can be seen that an 
antenna in excess of three-meters diameter would be required. Two p o s s i b l e  
alternatives to the radar detection system would be establishment of spacecraft 
orientation based on calculated ephemeris of an object moon and search via onboard . 
televisian, The first method would require availability or calculation of precise 
ephemeris of the object moon as w e l l  as precise ephemeris of the orbit ing space- 
craft. While any of the Galilean moons would present a relatively large d i s k  
wtth respect t o  the spacecraft a t  the distances of close approach, this minimum 
5s quickly passed so that s l i g h t  errors i n  timing w i l l  f ind  the disk considerably 
reduced. 

The second poSsibilFty of breaking Jupiter lock and lnstituttng a real 
time television search mode monitored-on Earth appears infeasible because of 
the relatively tow b i t  rate o f  the spacecraft comunLcation system. 
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In reference again to F i g u r e  3-2,  it can be seen that radar de tec i i on  
of a moon and consequent spacecraft reor fentation would require pass  d is tances  
on the order of 7000 km, A t  such distances the gravitational f i e l d  of the 
moon probably will dominate or a t  least  introduce considerable perturbations 
on t h e  spacecraft trajectory. The flight mechanics of the  spacecraft in 
close proximity to the moons should b e  investigated. . % 

3.1.3 Sphere-of -Influence Concept for the Jovian Moon 

Laplacefs classic  expression for t h e  l'sphere-of-influence1' radius  .of 
a body in the presence of a gravitatianal f i e l d  of another significantly larger 
body requires that the smaller body be r l s i g n i f i c a n t l y  removed'' from t h e  Larger. 
Hence, the closer  the  body falls t o  t h e  more heavily shaded reg ion  of F i g u r e  
3-3 on the force-distance curve the better t h e  approximation h o l d s .  

L > 
4 

2 E \ DOMAIN OF LAPLACE 
tLl w S . O . 1 .  VALIDITY 
+ ' & U  

v Q 9  E 2 0 
m x r n  C 

DISTANCE FROM MAJOR-  
GRAVITATIONAL SOURCE 

Figure 3-3. LAPLACE SPHERE OF INFLUENCE DOMAIN OF VALIDITY 

In the case a£ Jupiters' Gali lean moons, apglfcation of the Laplace 
formula would be questionable for two reasons: 

1, Close proximity of t h e  s a t e l l i t e s  t o  J u p i t e r  

2. Powerful gravitational field of Jupi ter .  

Another approach t o  a sphere-of-influence concept is then needed. 

L e t  XI and r2 represent the distance of the  inferior and s u p e r i o r  
conjunction libration points relative to a given moon and l e t w  be t h e  angular 
velocity of the Jupiter-satellite system as d e p i c t e d  in Figure 3 - 4 .  Then 
equating inert ial  and gravitational terms 

where 
Pif = Jupiter mass 

M = Satellite mass S 
D = Separation oE masses 
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where the units have been chosen such that the universal gravitational constant 
is unity, Rearrangement of the above equations shews quickly t h a t  the form 
has taken that of Lagrangefs famous quint ics  

where 
"1 c = -  Ms 
D and P = - , 

MT 

Neglectfng terms of the four th  and f i f t h  order and salvfng the resulting cubic  
yields 

= 2 Using the same approximations for 5 = B will produce an identical  equation 
in rq/I). This is due t o  the relatively small magnitudes of c and p . 

As a very rough approximation t o  the out-of-plane characteristics of 
the nsphererr, consider Figure 3-5 where a vehicle has come into close  proximity 
with a sa te l l i t e  but  is out of i t s  o r b i t a l  plane with respect to Jupiter.  The 
encounter occurs at a distance Dt from Jupi ter  and y from the satellite. ft 
may be said, a p s i o r i ,  that y fs small and, therefore, Dl= D. Assuming for  
situplicfty that the velocity of the vehicle at encounter is VA and VA is some 
percentage, P, of the satellite velocfty, then by equating i n e r t i a l  and gravi- 
tational force tems and simplifying, the expression for y is 

Introducing the proper values of mass and distance .into the.equation for 
y hdkcates  that y is  extremely small (less than 200 km for  alli is to). Hence, 
the "sphere-of-influence" would assume the shape of a very f l a t  d i s k .  Capture 
w i t h  such a target area would, of course, present forbidding problems. 

For the sake of comparison w i t h  the Laplace concept, Table 3-2 presents 
the results o f  applyfng the derived solution t o  the Galilean sa te l l i t e s  for a 
nmindencaunter velocity of 75 percent of circular veloctty. The last colmn 
of Table 3-2 presents the derived value of rl  in tems of sa te l l i t e  radii. 
Consider now the relationship between energy, distance, and velocity 

where a = semi amaf or axis (body r a d i i )  
r = dkstance from a t t r ac t ing  body (body r a d i i )  
Y = velocity at r (circular s a t e l l i t e  uni t s ) .  
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Evaluating the expression a% the sphere of influence gives - 

1 2 - =  - - v  2 
. .  . 

B 'so1 SOZ ' .. . . - - - -  - .  . . 

In the usual case rs , (sadtus of the  sphere of influence) is very large in 
terms of body radi i  ?in fact -0- + - in the theoretical limit) so that the 
term 2/rSOI may be neglected. rf rhe  velocity  a t  arrcval a t  SO3 is zero, 
relative, of course, =a the attracting body, than a = m and the o r b i t  i s  a 
parabola. Recalling the values of PI = . r s ~ ~  (in plane) from Table 3-2 it may 
be seen that the term 2/rSOI is n o t  negl igible  and further attempts at  analytical. 
expresions based on the sphere-of-?afluence concept produce amdsiag but invalrd 
results. 

In conclusion, %t may be said that t he  Laplacian sphere-of-influence 
coilcept will not hold for  the i ~ , ~ . e r  ;avian s a t e l l i t e  system, Derivation of - 

Lagrangers class5csl quintics and salut ioa of the resulting cubic after neglecting 
fourth- and fifth-order terms Cs also unsatisfactary. Iterative so lu teon of 
the qulrrtics y ie lds  salutions almost ddent ical  ta the cubic.  Machine- integrated 
trajectories could,  of  course, be ut ?;2',.zed,- buL *hi%- i -s :~cmbers~m.e at b e s t  f o r  
the pre lh inary  mission analyst, particularly where a vide range of parametric 
data 5s desired. It is suggested- .that furthx-  study 2s- r q ~ - % r e d -  to develop- 

-. 
a sphere-of-influezce cozc~pt  for  bodies in close proximity ta a powerful 
gravitational f i e l d .  One possible approach migh t  be the  development of a 
k'transition zone" between the domein of v a l i d i ~ y  of tm-bady mechanics in 
the mafor and minor gravitatic~al E$,elds. . R e f ~ r c ~ c e  39 oli t l fnes such sn 
approach for the Earth-Moon system. Xzs application ta the Galilean s a t e l l i t e  
system of Jupiter is uqproven. i2al",dlty by camps-isoa w5tR fully integrated 
trajectories is untested for e i the r  case, 

.. - . 

3.2 OUTER SOLAR SYSTEM EXPSCK4TiON VZQ T3E JUPITER SWEYSBY MODE 

Other advanced mission passibi l  i t i e s  for Saturn V lat~nchcs izclsde Saturn 
- andUranusmfssionsa.;adasteroidbeltsxploration,  T n e f o l l e v ~ d n g t w o  subsections 

brief ly  discuss their potent ia l .  

Referelrce 1 cornpate3 S a t ~ r n  T performance capability for direct and 
Jupiter-flyby Saturn and Uranus miss ions  aad conclud=s thst f o r  comparable trip 
times the gravfty-assist mode would limit these misstons t o  f lybys  due to the 
high energy at  p l a ~ e t  arrival ,  Admissibility of higher t r i p  times, however, 
permits cansideratLon o f  the  swingby mode for capture  missions with at tendaat  
higher payload capability. Tine first subsectfop treats the Saturn and Uranus 
capture mission potential  and indicates  the feasibility of u t i l i z i n g  the b a s i c  
Jupiter spacecraft for  their achievement, 

The asteroid b e l t  represents one of the oddit ies  in the solar system 
and is thus of great interest, Actuslly,  three belts have bee3 distinguished 
which have the following characteristfcs: 

I. 2.0 t o  2.6 At' - rela.tively law conceatrat ion of material 
2. 2.6 to 3.2 AU - mjor b e l t  c o n t ~ i a i a g  t h e  g ~ e a t e s t  mass of materfal 
3. 3.2 to 4.0 AV - contains the greatest amount of small particles 

but small t o t a l  mass. 
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These asterotd be l t s  are of basic scientific interest, but may also 
represent a hazard to the spacecraft probing deeper regigns of t h e  solar system. 
The investigation of the distribution and composftionof material is importan2 
in any program of exploration a f  the solar system. The second subsection explores 
the potential.of fnspecting regions of the a s t e r o i d  b e l t  enroute to Jupiter, 
concludesthat this ts t n f e a s i b l e , a n d  suggestsaltexnatives for achievement . 
of t h i s  ob jectfve, one of which u t i l i z e s  the basic J u p ~ ~ e r  spacecraft. 

Saturn V performance c a p a b i l i t y  for Saturn and Uranus capture missions 
vla a Jupiter gravity assist mode is reflected in Figure 3-6 .  The capture 
orbft aps idal  ratio is 40 and periapsis values range from 1.05 to 5 planet 
radii. In the case a f  Saturn the  minimum capture orbit perispsis  would be 
about 3 planet  r a d i i  i f  flight through Saturn" rings is disallowed. The 
performance curves are based on slngle spacecraft stage braking t o  establ ish 
capture orblt. Trfp times f o r  Saturn are seen to range from 1500 to 2000 days 
and for Urznus from 3000 to 4000 days. Trip  t h e  can be reduced by permitting 
higher planet arrival energy and reducing gross mass in capture orbit .  As 
trip time is reduced, however, the energy requirements become large enough t o  
require two- stage spacecraft braking. Fcrther  reductions i n  t r i p  time result 
in planet arrival energies which would lhi t  ou t e r  planet missions to f lybys .  

Figure 3-7 presents a sketch of a possible two-stage spacecraft for , 

outer planet capture missions via a Jupiter swingby, It includes the basic 
Jupiter spacecraft of the Jupiter orbitesJsolar probe mission and a modified 
Titan transtage as an upper stage, Figure 3-8 reflects the capab i l i t y  of the 
twa-stage concept for Saturn and Uranus capture missions. It indicates that 
the W O - l b  Jupiter spacecraft could be placed in Saturn ar  Uranus orbit with 
reduced trSp times of 1300 and 2900 days, respecttvely. 

Communication with an earth-based receiving station from Saturn and 
Uranus i s  marginally feasible with  the Jupiter spacecraft c~nnnunica tioa system. 
Figure 3-9 shows the data b i t  rate a s  a function of spacecrzft antenna diameter 
for a 64-meter diameter, earth-based receiving anteana (Go1dstor.e Tracking 
Station). The 5-meter antenna design s i ze  is i n d i c a t e d  on the curves and it 
can be seen that a t  this potnt the order of magnitude of data rate is 10 b i t s  
per second, For the sake of comparison the b i t  rate in Jupiter oribt is about 
1000 bits per second. A t  t h e  b i t  rate realizable for Saturn and Uranus missions 
it would take about 8 hours t o  transmit a normal 250,000 b i t  television picture 
of low resolution, This i s  f e l t  t o  b e  the lower lidt of practicality.  

3.L2 Astero id  B e l t  Mission 

During the Earth-Jupiter phase of a Jupiter  mission It would be desirable 
t o  investigate some of the major asteroids during a rrclose passTr. The separation 
distance of the spacecraft and t he  asteroids Ceres and Pests was determined 
during the 1970-1980 decade launch opportunities. It was found that the 1975 
opportunity provided the nearest pass distances f o r  bath Ceres and Vesta. 
Figure 3-10 illustrates the var ia tbn  in asteroid-spacecraft distance during 
the 1975 opportunity for  various trip times. The launch date is taken in the 
middle of the launch period. Tt may be seen from the figure that Vesta affords 
the closest passes to the asteroids during 1975; this is,. a l s o  .true throughout  
the decade, 
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4. The Jupiter orbiterJamosphesic entry probe-mission - 

5.  Saturn and Uranus capture missions via Jupiter flyby. 

The greatest concern in the family o$ concepts is the long lifetimes required 
for the spacecraft. It is not p o s s i b l e  a t  this t ime  to state the probability 
of success f o r  these mission durations nor t o  p r e d i c t  whether they are even 
possible. 

To gain an order of magnitude appreciatton for expected spacecraft 
reliabflities, a brief analysis was conducted extrapolating current sate l l i te  
success data into the next decade. The results of tMs analysis are shown in 
Figure 3-15. The spread of individual spacecraft success data is shown to 
account for the uncertafnties inherent i n  the reliabil ity analysfs. This 
extrapolatfan is necessarily only a preliminary estimate a t  this time. As 
noted in subsection 2.2.8 of t h i s  repart, the spacecraft success data can be 
converted t o  program success by including the number of spacecraft in a program. 
Figure 3-15 also  shows this conversion. It can be seen that generally more 
than one spacecraft must be funded and launched for long duration missions fn 
the next decade. 

12 it is assumed that an extensive program of exploration of the solar 
system is desired, e tabulation of missions and performance requirements can be 
made as shown in Table 3-3. Based on these conservative extrapolations of 
system success data, it was concluded tha-t for-an extensive exploration program--- 
of selected patnts of interest in the solar s y s t e m  a relatively high number of 
spacecraft must be launched tn an overall program, This is stwmarized in 
Table 3-4 for an individual mission success goal of -95. - It b-e--seen that  
for the postulated program of misstans and the  extrapolation of minimum and 
maxbum individual spacecraft success, about 13 to 17 Saturn V launches would 
be reputred in the next decade. T h i s  represents a major national program. 





Table 3-3, EXTENSIVE EXPLORATION PROGRAM 

MISSION 

JUPITER ORBITER WITH 
CLOSE SOLAR PROBE 

I 
JUPITER ORBITER wrm 
ATMOSPHERIC ENTRY PROBE 

SATURN ORBITER 

URANUS ORBITER 

JUPITER ORBITER WITH 
ASTEROID BELT PROBE 

PAYLOAD MASS GA1IIRN v 
INJECTED 

HAS S 

-12,000 LBS 
I 

ORBITED 

4400 LBS 

FLYBY OR 
ENTRY 

1400 LBS 

- 
LIFETIME 

ORBITER 

600 DAYS 

FLYBY 

1'200 DAYS 



Table 3-4 .  NUMBER OF SPACECRAFT 

a MISSION SUCCESS GOAL -.95 

HZSS ION 

JUPITER ORBITER/ATMOSPHERIC ENTRY 

SATURN ORBITER 1400 82 .71 2 3 

W U S  ORBITER 285q ' .76 
1 

JUPITER ORBITER/MTEROID BELT PROBE 1200 "70 .54 3 , 4 

I TOTAL FOR EXTENSIVE 
' EXPLORATORY PROGRAM 
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