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FOREWORD

This report presents the results of a twelve-week mission and systems analysis
of a combined Jupiter orbiter/solar probe mission utilizing the Saturn V launch
vehicle. Missions are considered during the 1970-1980 time period with the close
solar probe orbit (typlcally 0.1-AU perihelion) based on Jupiter gravity-assist.
This work was performed under Schedule Order No. 17, Appendix F-1, of Coatract
-NAS8-20082. The NASA Techaical Coordinator for the study was Mr. H. F. Thomae
of the Advanced Studies Office, Aero-Astrodynamics Laboratory, MSFC.

The authors acknowledge the technical contributions of the following members

of the Northrop staff: L. C. Allen, III, W. L. Bronner, J. V. Butler, W. 5. Couchois,
C. 0. Delong, C. L. Densmore, J. E. Ligocki, W. C. Lucas, D. L. Shady, and R. Silber.

Note: The adjective "Jovian" as used in this report refers to the planet Jupiter
and not to any of the cther ocuter-solar-system planets.
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GENERAL SUMMARY

A preliminary mission and systems analysis of a combined Jupiter orbiter/
solar probe (close solar flyby at typically 0.1 AU) payload utilizing the Saturn
V launch vehicle was conducted with a twofold purpose:

l. To determine the technical feasibility of such an application of the Saturn
V based on Jupiter gravity-assist to establish the solar probe orbit, and

2. To define the principal characteristics of the combined mission in terms
of flight profile, trajectories, launch windows, capture orbit parameters,
mission performance, scientific experiments, systems requirements, and
conceptual spacecraft designs.

The conceptual spacecraft designs were based on maximum utilization of existing
hardware. 1In parallel to this study, several investigations were conducted in
related advanced mission areas including: Jovian moon exploration, outer planet
missions via Jupiter swingbys, and exploration of the asteroids in conjunction with
Jupiter missions.

The results of the study indicate that the Jupiter orbiter/solar probe mission
is a potentially attractive application of the Saturn V launch vehicle to unmanned
scientific exploration of the solar system. The entire study, including the advanced
mission investigations, is summarized in the following paragraphs.

MISSION ANALYSIS

A mission analysis was performed to define the Jupiter orbiter/solar probe
mission concept in terms of the overall space vehicle concept, flight profile,
and sequence of events. The flight mechanical and performance characteristics
of the mission were established within the constraints imposed by communications
requirements, launch and parking orbit operations, launch vehicle performance
“capability, scientific experiment requirements, and spacecraft design characteristics.

The space vehicle is composed of the three-stage Saturn V and the combined
Jupiter orbiter/solar probe spacecraft mounted above the Instrument Unit and
shrouded by a standard 260-inch nose fairing during boost through the atmosphere.
Launch is from the Atlantic Missile Range (AMR) with launch azimuths typically
between 70° and 110°. A second burn of the S-IVB third stage injects the spacecraft
out of a low Earth parking orbit into a fast (typically 500 to 550 days) Earth-
Jupiter transfer. Upon arrival at Jupiter's sphere of influence, the solar probe is -
separated from the orbiter and continues on a swingby trajectory about the planet.
The post-encounter heliocentric trajectory, produced by the swingby, takes the
solar probe on a close flyby of the Sun (typically at 0.1 AU). The orbiter is
maneuvered for a clese approach to Jupiter to establish a capture orbit by single-
impulse, propulsive braking. A typical capture orbit has a perijove (rp) of 1.1
Jovian radii and an apsidal ratio (rafrp) of about 40. Experiments data are
transmitted to Earth from the orbiter in capture orbit, and from both the orbiter
and solar probe during all phases of heliocentric flight, especially from the
probe during solar flyby.
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A~ iImportant characteristic of the combined Jupiter ortiter/solar probe mission
is that a relatively fast Earth-Jupiter transfer is required to achieve 2 post-
eacounter solar probe orbit with a peribelion close to the Suz. The perihelion
distazce of i-zerest is of the order of 0.1 AU. The study showed that the required
Earch-Jupiter trznsfer times generally range between 500 &nd 600 days.  Tor & given
transfer time, the combined effects of Earth departure acd Jupiter arrival energles
are such that the best mission performance opportunities occur during the 1972~
1976 time perZlod. However, the effect of higher arrival energles esrly and late
in the decade leads to a tradeoff between mission performance and the solar probe
orbit ckaracteristics that are strongly dependent upoa the Earth- upiier transfer
time. The overzll result, from a total mission standpoint, is that adegquaze Saturn
V performance capzbility exists for reasonable launch periods during 31l opportunities
across the 1970-1980 decade. Launch opportunities are available approximately
every 13 months,

A Jupiter gravity-assisted solar probe orbit that passes close t> the Sun 3t
periteiion rzquires that the Jupiter swingby be retrograde with respeci to the
planst. Two factors determine the characteristics of the solax pzote orbit:

(1) The Jupiter arrival conditions in the Earth-Jupiter trarsfer fr3jectory, and
(2) The zim point at the Jovian sphere of influence. The arrival corditions are

a function of la.nch date and Earth-Jupiter transfer  time, The alming point is
defi-ed by the izclination of the Jupiter encounter hyperbola and the swingby
dista-ce., An 3malysis was performed to interrelate the solar pzobe ortiZ chazacter-
i1stics with tne zbove parameters. For three representative launch opportunitiles,
1972, 1975, and 1978, the perihelion distance, total trip time from ilsunsn 23 solzt
flyby, 2~d orb’:t i-clination with respect to the ecliptic plare wers diierml-ed for
launcr pexlods up to 50 days. Typical results for 1975 with 500-day Eaxit- lplter
tramsfers a=d a 20-day launch period were as follows: For a 0,l-AU periheilon
distance, the trip time from launch to perihelion was 1090-1155 days; the orbit
inclination was about 21°; and the required Jupiter swingby distince viried from
6.7 to 9,9 Juviza radii across the launch period.

An arzlysis of the communication distance and geometry associsted wlith the
Earzh--upiter tzazjectory showed that the orbiter must be desigred for a maximum
comminicatior distince of about 6 AU. An Earth-spacecraft line-of-sight occul-
tation by the Sus at Jupiter arrival is not a problem for the Jupiter ortitexr/solar
prote mission. An analysis was performed to determine if the solar probe during
solsr flyby 2z perihelion would be able to communicate with the Earth. For cypical
solar probe orktlrf gsomatry and probe antenna characteristics, it was determined
that favorable heliocentric Earth positions would exist for communications during
a represe-=ative 1975 mission., It should be noted, however, that the spacecrsf:
may szore dsta during the solar flyby for later transmission to Earth,

A study of the planetary guidance requirements, from a mission analysis
standpoirt, i~dicated that achieving a solar probe orkit via the Jupiter swingby
mode should mot present any real problems in utilization of exiszing guidsnce
techniques. The solar probe orbit is designed on the basis that ro midcourse
correctinzs will be made in the post-encounter heliocentric trajectory, Therefore,
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the accuracy of the solar probe orbit is determined by the accuracy of the Jupiter
swingby trajectory. For constant Earth-Jupiter transfers, the solar probe orbit
perihelion distance, trip time, and inclination are relatively insensitive

to errors in Jupiter swingby distance. An allowable error appears to be on the
order of + 0.5 Jovian radii (+ 35,000 km) for a typical 0.l1-AU mission., By proper
variation of Earth-Jupiter transfer time over the launch period, the error in
perihelion distance relative to swingby distance error can be made very small. A
swingby distance error of 3 or 4 planet radii could be allowed with little effect
on the perihelion. The associated variances in trip time and orbit inclination
would be much larger; however, these parameters should not be as important to the
mission objectives as the perihelion distance at solar flyby. A total midcourse
velocity correction budget of 150 m/sec was estimated for the mission. An analysis
of the Jupiter approach maneuver performed by the orbiter spacecraft after separation
of the solar probe, indicated a typical AV requirement of about 200 m/sec.

A digital computer program was used to analyze the Earth surface launch window
characteristics for the Jupiter orbiter/solar probe mission. For fast Earth-
Jupiter transfers and typical launch periods, the declination of the out-going
geocentric asymptote over the 1970-1980 decade varies between approximately + 30°,
Therefore, the daily surface launch windows from AMR present no difficulties.

For a 70-110° range in launch azimuth, two daily windows of 5-hours duration each
are available for typical 1975 missions. The 1978 opportunity is representative
of the worst launch window conditions during the decade. However, for 70-110°
launch azimuths, two daily windows of 2.6- to about 5-hours duration are available
across the launch period.

An analysis of the characteristics of Jovian capture orbits was made based
on sirgle-impulse, propulsive braking at the periapsis of the approach hyperbola.
For a given capture apsidal ratio (n = r,/rp), there exists an '"optimum" perijove
radius that minimizes the required braking AVB as a function of arrival energy.
However, for the ranges of arrival energies and apsidal ratios under consideration,
the AVp penalties for fixed perijove distances near the planet are small. A
-typical capture orbit chosen for the Jupiter orbiter mission has an apsidal ratio
of 40 and a perijove radius of 1.1 planet radii. The AVp for a representative
arrival speed of 0.4 EMOS*is about 2 km/sec. For the apsidal ratios (20 to 40)
of interest, the capture orbit period ranges from 4 to about 20 days for perijove
radii from 1.1 to 1.5 planet radii.

Parametric mission performance data were generated for the three rzpresentative
launch opportunities - 1972, 1975, and 1978. Mission mass histories were developed
based on a solar probe mass (1400-1b) specified by the systems analysis and given
capture orbits defined by perijove radius and apsidal ratios. Net injected mass
at Earth departure and gross capture mass at Jupiter are presented as functions
of departure date across launch periods during each of the three representative
years. Data are given for Earth-Jupiter transfer times from 500 to 600 days.

These data must be correlated with the parametric solar probe orbit data to
arrive at missions that satisfy performance, trajectory, and systems requirements
and constraints. Mission performance/solar probe orbit tradeoffs are illustrated
for the 1978 opportunity for a 0.1-AU solar flyby.

% Earth Mean Crbital Speed (29.78 km/sec)
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On the basis of the parametric mission analysis data the charzcteriztics of
representative Jupiter orbiter/solar probe missions may be determined. A typical
0.1-AT zolar flyby mission during the 1975 launch opportunity is summsrized as
follows:

1975 SATURN V JUPITER ORBITER/SOLAR PROBE TYPICAL MiSSTON SUMMARY

LAUNCS PERIOD:

20 Days, 17 June - 7 July 1975
(Fulian 244-2580.5 - 244-2600.5)

DATLY WINDOWS:

Two Daily 5-Hr Windows with 70-110°
Launch Azimuths from AMR

EARTH- UPITER TRANSFER: 500 Days

Net Injected Wt: 12,000 - 14,000 Lb
(Across Lzunch Period)

SJUPTTER ENCOUNTER:

Capture Orbit: n = 40, rp = l.1 Jovian Radii

Gross Capture Wt: 4400 Lb

Solar Probe Swingby Distance:: 6.7-9.9 Jovian Radii
Solar Probe Wt: 1400 Lb

~UPITER-SUN TRANSFER: 590-655 Days

Perikelion Distance: 0.1 AU

Inclizzrion to Ecliptic: 21 Deg

Totzl Time from Earth Departure to Perihelion:
1090-1155 Days

SYSTEMS ANALYSTS

Bised on 3 datailed experiment survey completed by Northrop and documented
in refarezcz 3, tzbles of Instruments, power requirements, znd masses were
develcped for the Jupiter orbiter and close solar probe experiments, These are
scmmarized on the following page:
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JUPITER ORBITER/SOLAR PROBE EXPERIMENTS

Phenomenon to Total Power Total Mass
be Investigated Jupiter Solar - Jupiter Solar
' Orbiter Probe Orbiter Probe

Solar Plasma 17.0 watts 26.0 watts 15.5 kg 11.8 kg
Magretic Fields 13.3 13.3 4.4 4,4
Trapped Radiation 0.8 0.8 2.0 2.0
Solar Neutrons -—— 2.0 - 6.8
Cosmic Radiation 2.0 2.0 6.8 6.8
Electromagnetic Fields 5.0 5.0 8.6 8.6
Particulate Matter 40.0 5.0 13.6 4.6
Jupiter Ionsphere 14.0 --- 14.1 -
Jupiter Atmosphere 233.0 -—- 97.0 -
Jupiter Moon Surface 469.0 -—- 234.5 -

TOTALS 794.1 watts 54.1 watts 396.5 kg 45,0 kg

The usefulness of the instruments to observe the surface of Jupiter moons
is dependent upon the approach distance to those bodies. For Jupiter capture
orbits of low perijove and high eccentricity, an analysis was conducted to
determize the minimum line-of-sight distance to the four largest moons. Depending
or the capture orbit parameters, approaches ranging from 3 to 5 Jupiter radii
are easily achieved. However, to use radar surface imaging devices capture oxbits
mus: be selected which permit Jupiter moon approaches of less than about 0.05
Jovian rzdius.

NASA's stated policy of planetary quarantine was applied to the Jupiter
orbiter/solar probe mission. Spacecraft impact on bodies in the solar systzm is
r.ot planned, However, the possibility of spacecraft system malfunctions lesding
to collision with Jupiter or one of its moons must be considered.

Since heat sterilization is very effective, the concept of heating the Jupiter
orbiter and solar probe entroute to Jupiter was briefly studied. Based on JPL
data for the Voyager landing capsule sterilization, a time-temperature sterilizstion
cycle was determined. If this extrapolation is valid, the spacecraft on this
mission must be heated to 330°K for complete sterility at Jupiter encounter,
This does not appear possible. High reliability must be maintained in the program
to preclude malfunction and loss of Earth-based control of the trajectory, and
thereby avoid contaminating the solar system bodies associated with the mission.

The Saturn V exhibits a relatively large variance in launch capability for
the mission during a finite launch period. This can be used in a number of ways
including: (1) a fixed gross launch payload, sized for the launch period, could
be launched using the excess Saturn V capability to reduce the trip time, (2) a
fixed trip time could be selected and the vehicle gross launch mass modified daily
by varying the Jupiter capture orbit braking propellant loading, or (3) a fixed
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capture orbit perijove could be selected for scientific reasons and the gross -
launch mass of the spacecraft modified daily by varying the capture orbit brsking
propellant loading. These modes were compared for Jupiter capture orbif parameters
and Saturn V launch guidance requirements.

The capture orbits, vary, but not significantly, for these modes. The fixed
gross launch mass concept, utilizing a constant propellant loading, offers ease
in orbiter spacecraft design, testing, and launch operation and can achieve
capture orbits of high eccentricity and low perijove. This mode appears to be
the best choice from a systems viewpoint. The launch guidance requirements during
a particular launch window are not affected by selecting one or the other mode.
The declination of the outgoing geocentric asymptote is almost identical for either
the fixed-gross-mass trajectory or the constant-trip-time trajectory. '

A study was undertaken to estimate the reliability expected for the Jupiter
orbiter and solar probe during the next decade. On the basis of extrapolations of
current and completed program histories and accounting for redundancies, the
probabilities of successful launch, electronics and other spacecraft subsystems
successes, and probabilities of avoiding collision with asteroids were developed.
Total spacecraft reliability was determined and the number of launches required to
achieve given program success levels were computed. These data are summarized
below. It is concluded that for a program initiated early in the next decade, about
3 spacecraft must be launched to achieve a mission success greater thaa .90.

SPACECRAFT RELIABILITY IN 1970-1980 TIME PERIOD

Probability Probability
of Success of Success Probability Missiow. Numbexr of
of Jupiter of Solar 6 - of Success Success Spacscraft
Year Probe Probe per Launch Goal in Program
1968 .840 o771 .648 .90 3
1970 .876 .870 .718 .90 2
1972 .899 .853 .768 .90 2
1974 .966 .865 .836 .90 2
1976 .969 .873 .846 .90 2

On the assumption of operation at S-band frequencies uitlizing the 64-merer
antenna at Goldstone, the theoretical tradeoffs were developed for spacscrafc power,
antenna size, and data tranmission rates. Parametric data were computed for the
range of antenna sizes and power levels postulated for the Jupiter orbiter and
solar probe conceptual designs. An important factor influencing this analysis
was the space propagation losses that were computed for different anterna sizes
and communication distances. An omnidirectional system was included for use as
a reference. Superimposed on these losses is the system degradation due to back-
ground noise. The various sources of noise in the galaxy, the solar system, and
on the Earth were analyzed and the received signal degradation estimated. It
was concluded that for the Jupiter orbiter, 20 to 30 db signal loss due to back-
ground noise must be accounted for. Communication with the solar probe in the
direct vicinity of the Sun will be difficult. However, with high-power transmission
at the relatively short communication distance, and by storing data for ra-trsasmlcsion
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at more favorable times, a high probability of data return can be expected of the
solar probe., System parameters were defined for application to the spacecraft
conceptu2l design. Using 40 watts r.f. power, 4.5-meter and 2-meter dismeter
antennas were used for the Jupiter orbiter/solar probe, respectively, to maintain
positive met operating signal noise margins.

Because of the long mission lifetimes for both the Jupiter orbiter and the
solar probe spacecraft, passive thermal control is desirable., 1In the deep-space
regions of the solar system, it will be necessary to heat many systems aboard the
spacecraf% to maintain their operating temperatures. A spacecraft energy balance
was made assuming superinsulation around critical areas and the availability of
electrical power for make-up resistance-type heaters. Under normal modas of
operation considerable excess power is available from the radiosotope power
supply (ETG) units to thermally control both spacecraft. In the event ore of the
multiple RTG units fails, the Jupiter orbiter spacecraft will still be capable of
maintaining thermal control with a reasonable amount of insulation. Undsr emergency
conditions for the solar probe, the available power is marginal and sbout 8-cm
of superinsulation will be necessary to maintain the required internazl temperatures.

At close distances to the Sun, it will be necessary to shield the solsr probe.
A shadow shield was developed consisting of a conical primary shield and a secondary
flat shield spearated by a low-conductive structure: The secornd fiat shield forms
the base of the spacecraft which is confined within the shadow of the primary
shield. The shield and spacecraft temperatures depend on many parzmeters includ-
ing the length-to-diameter ratio of the cone, size of the shadow shield, separation
distance between primary and secondary shields, material characteristics, and
distance from the Sun. Typical configurations and surface temperatures appropriate
for conceptual design were analyzed. It was concluded that using titarium primary
shields, solar approaches down to about 6.1 AU are possible with passive shadow
shield thwermal control. To determine the degree of accuracy required for orientation
of the shadow shield, a thermal analysis was made of a typical spacecrzit for a
variety of time-dependent misalignments. TFor short-duration excursions out of the
shadow cone, spacecraft transient temperatures will be tolerable if the misslignment
angles do not exceed 5°. Based on the attitude control studies, this sppesrs to be
easily achieved.

The long durations of the Jupiter capture and solar probe missions imply
that radioisotope power supplies are required. Of the units which zre curreatly
under study, only two types closely match the power requirements of the space-
craft: (1) Po-210-fueled units which have too short a lifetime and {2) the Pu~-
238-fueled units. Passively and actively cooled RIG concepts are being considered
by the AEC. To select the power supply units, power profiles were developzd for
the Jupiter orbiter and solar probe spacecraft to show the variance in power
requirements for different phases of the mission. For the Jupiter orbiter, the
use of three 250-watt passively cooled Pu-238 units will provide enough power for
all phases of the mission. Should one unit fail, the remaining two RIG units will
permit completion of the mission if some of the higher power experiments are
shut off. The solar probe requires two of the passively cooled Pu-238 units and
will also be able to complete its mission with one RTG unit out. The use of
multiple passively cooled radioisotope units offers the advantages of redundancy,
high relZability, capability of mission completion on partial power, and small
total mass systems.
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A number of propulsive functions exist for the Jupiter orbiter and solar
probe spacecraft. Besides the conventional requirement tor attitude controli, there
are midcourse corrections and a planetary braking maneuver to be performed. The
capture orbit braking propulsion system must remain dormant during the long transfer
time to Jupiter. A study was performed to compare various liquid propellant
~ combinations. Cryogenic systems cannot be economically stored for the required
mission duration with present technology. The "storables'", however, exhibit little
degradation in performance if it is assumed they are not permitted to freeze.
Use of excess RTG power to heat the propellant tanks was considered. Assuming
that superinsulation is used around the tanks, it was concluded that a very e
nominal power drain is required to make up the heat lost by radiation from the
spacecraft. To conform to a study groundrule of using existing systems as
much as possible, the Apollo LEM ascent-stage engine and associated hardware was
used in the conceptual design of the Jupiter orbiter. 0 /N H - UDMH storable
propellants are used with this engine and this system w1%1 be used for both Jupiter
capture and midcourse corrections.

The total attitude control impulse requirements were estimated for the space-
craft. Typical moments of inertia were used; therefore, the results may change
if detailed mass and balance analyses are conducted for a specific spacecrafz.
On the basis of these typical values, mass tradeoffs of cold gas and mono-
propellant attitude control systems were performed.. For-thelarger- spacecraft — — -
(the Jupiter oribter), a monopropellant system offers significant mass savings.
For the solar probe, the distinction is less severe,-and to mimimize the propellant
tank requirements, a monopropellant system was also chosen for use on the conceptual
design. The propulsion systems selected for attitude control and midcourse
correction were summarized for each spacecraft. The Jupiter orbiter can logically
use both low-thrust and high-thrust attitude control systems due to the extreme
differences in torque requirements during heliocentric coast and for propulsive
maneuvers such as capture orbit braking. During this latter maneuver, thrust
misalignment torques of the high-thrust capture propulsion system must be reacted
with high accuracy.

ADVANCED MISSTONS

The advanced mission portion of the study includes consideration of Saturn
and Uranus capture missionsvia Jupiter gravity-assist, exploration of the Jovian
satellite system (specifically the inner moons) during a Jupiter mission, and
inspection of regions of the asteroid belt. To accomplish these missions 2
family of spacecraft is defined which uses a Jupiter orbiter as a basic module.
The advanced mission configurations, and the data on which they are based, must
be considered preliminary at this time as many important aspects of their develop-
ment must be studied in detail. One such aspect is the effect of a finite launch
period requirement.

Notwithstanding the cursory analysis of some aspects of the mission under
consideration, several significant conclusions can be reached. They include:
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Meaningful inspection of the Jovian moons during a Jupiter capture mission
will require close passes to the moons. The present technique of the
mission analyst in dealing with such trajectories, that of the patched
conic approach, is inadequate for the Jovian satellite system,
Communication with acceptable data transmission bit rates is feasible for
S-band systems of the Jupiter orbiter spacecraft design anywhere in the
solar system out to and including the orbit of Uranus.

Inspection of some regions of the asteroid belt is an acceptable secondary
mission via a Jupiter swingby mode, but due to the inclination and diameters
of most of the asteroids an inspection enroute to Jupiter will not be
possible.

A family of spacecraft utilizing the Jupiter orbiter as a basic module
can be designed to provide an extensive exploration program including the
Jupiter capture mission and advanced missions such as a combined Jupiter
orbiter/atmospheric probe, Jupiter orbiter/solar probe, Satura or Uranus
capture, and asteroid belt missions. The latter three missions utilize

a Jupiter gravivty-assist mode. The figure on the next page illustrates
three such design concepts for the Jupiter-orbiter/solar—probe, Jupiter
orbiter/atmospheric entry probe, and the Saturn or Uranus cspture mission.
Due to the long lifetime required in some advanced mission concepts, extra-
polation of present subsystems reliability indicates that a reasonable
mission success goal would require multiple Saturn V launches.
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SECTION I

INTRODUCTION

This document presents the resultsofacontinuing study of the potential
utilization of the Saturn V launch vehicle for unmanned scientific exploration of
the solar system. The initial phase of this effort was reported in reference 1
which presented an analysis of straightforward Jupiter capture missions based
on maximum use of existing spacecraft hardware from the Apollo program.

The report included a cursory investigation of the feasibility of a Jovian
atmosphere probe launched from the orbiter spacecraft. Also, a preliminary
analysis was given to indicate the Saturn V performance potential for advanced
missions employing Jupiter gravity-assisted transfer trajectories.

In reference 1 it was shown that it is possible to accomplish the basic
scientific objectives of a Jupiter capture mission with significantly less
payload than the Saturn V launch system affords. For relatively slow Earth-
Jupiter transfers and highly eccentric capture orbits, payloads of several
thousand pounds are available while only several hundred pounds are required for
the basic scientific package. This suggested the possibility of combining
an additional payload with the orbiter to create a dual mission with one
Saturn V launch. One possibility for such a mission, with considerable
scientific value, is a combined Jupiter orbiter/close solar probe payload,

Section II of this report presents the results of a mission and systems
analysis to determine the feasibility of a combined Jupiter orbiter/solar.
probe payload based on the Saturn V launch capability. The close solar probe
orbit is established by a Jupiter swingby after separation of the probe from
the orbiter spacecraft prior to planet encounter. Section III gives the results
of studies in several related advanced mission areas including: Jovian moon
"exploration, outer planet missions via Jupiter swingbys, and exploration of the
asteroids in conjunction with Jupiter missions.

The results of recent studies of the flight mechanics, entry heating, and
systems aspects of a Jovian atmosphere probe launched from an orbiter spacecraft
are reported in a separate document: "A Study of a Jovian Atmospheric Probe,"
TR-292/3-6-076, Northrop Space Laboratories, September 1966,

1-1



TR-292/3-6-075
September 1966

NORTHROP SPACE LABORATORIES
SECTION II
JUPITER ORBITER/SOLAR PROBE MISSION
2.1  MISSION ANALYSIS

‘The planet Jupiter and the near region about the Sun within 0.2 AU are
two prime targets for unmanned solar system missions during the next decade.
Jupiter, the nearest of the outer planets and the largest planet in our solar
system, has long been of great scientific interest but beyond existing mission
capabilities. Scientific investigations of the very heart of the solar system,
the Sun, have been limited to Earth-based studies and experiments conducted
with probes at relatively large solar distances. Several important solar
experiments, however, will require a very close flyby of the Sun at a distance
on the order of 0.1 AU. Unfortunately, the launch energy required to achieve
a 0.1 AU solar flyby directly from the Earth is prohibitive for existing
chemical launch systems.

The mission considered in the present study utilizes the high-energy
launch capability of the Saturn V vehicle and the strong gravitational field
of Jupiter for solar probe trajectory shaping to accomplish both a Jupiter
capture and a close flyby of the Sun with a single launch. Thus, it is possible
to satisfy the objectives of two- key solar system missions with a single mission
and the potential scientific payoff is quite attractive.

In the mission analysis to follow, the Jupiter orbiter/solar probe concept
is defined in terms of the overall space vehicle concept, flight profile, and
- sequence of events. The flight mechanical and performance characteristics of
the mission are established within the constraints imposed by communications
requirements, launch and parking orbit operations, launch vehicle performance
capability, spacecraft design characteristics, and scientific experiment require-
ments. During the study the flight mechanical and performance data were
correlated with the spacecraft systems analyses (presented in subsection 2.2)
to arrive at conceptual orbiter and solar probe designs satisfying all mission
requirements and constraints.,

2.1.1 Mission Ground Rules

The ground rules given as a basis for this study are as follows:

1. All missions are to be unmanned.

2. Launch opportunities are to be considered during the 1970-1980 decade.
3. The basic mission is to be a straightforward capture into an elliptical
orbit about Jupiter with a probe continuing on a swingby through the

Jovian gravitational field to achieve a near flyby of the Sun.

4. The launch vehicle is to be the basic Saturn V as developed for the
Apollo program.

5. Utilization of Apollo spacecraft hardware is desirable. As other
systems are required, maximum use is to be made of existing hardware.

2.1.2 Mission Concept
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2.1.2.1 Space Vehicle Concept. The space vehicle configuration for the mission
is shown in Figure 2-1l. The launch vehicle is the three-stage Saturn V as dev-
eloped for the Apollo lunar landing program. The spacecraft is composed of the
Jupiter orbiter and solar probe attached together and mounted above the Saturn
Instrument Unit by an adapter truss structure. The spacecraft is shrouded by
standard 260-inch MSFC nose fairing during boost through the atmosphere.

Figure 2-2 illustrates the spacecraft configuration just after separation of
the solar probe from the orbiter prior to Jupiter encounter., The details of
the spacecraft conceptual designs are covered in subsection 2.3,

2.1.2.2 Mission Profile. The mission is initiated with launch of the Saturn V
vehicle from the Atlantic Missile Range. After a short coast in low Earth
parking orbit, a second burn of the S-IVB third stage injects the combined
Jupiter orbiter/solar probe spacecraft into a fast (typically 500-550 days)
_Earth-Jupiter transfer trajectory. During the heliocentric coast to Jupiter,
measurements of the interplanetary environment are made and transmitted to

Earth in addition to the spacecraft systems monitoring data. Two, or possibly
three, midcourse corrections aim the spacecraft at the planned planetary approach
point at Jupiter's sphere of influence. At this point the solar probe is separated
from the orbiter and continues on a swingby trajectory passing Jupiter at several
planet radii. The midcourse propulsion system aboard the orbiter is used to
maneuver the vehicle in for a relatively close approach to Jupiter. At the
periapsis of the approach hyperbola, the main braking engine is fired to place
the orbiter into a highly elliptical capture orbit about the planet. The

orbiter begins its programmed experiments in orbit. Meanwhile the solar probe
has continued on its pass through the Jovian gravitational field to emerge from
the sphere of influence on a reshaped heliocentric trajectory designed to send
the probe by the Sun at a very close distance. The probe coasts on the post=
encounter trajectory, generally with relatively large inclination to the ecliptic
plane, transmitting experimental and systems data on command. During the close
solar flyby, at a perihelion on the order of 0.1 AU, key experimental measurements
.are made and transmitted to Earth.

Figure 2-3 illustrates the mission profile. A detailed sequence of
events is given in the next subsection.

2.1.2.3 Sequence of Events. The operational aspects of the nominal mission
profile are outlined by the following sequence of events:

1. Launch from the Atlantic Missile Range with Saturn V to a 185-km
circular Earth parking orbit. The vehicle flies a two-dimensional
ascent trajectory utilizing a sub-orbital start of the S-IVB third
stage.

2. Coast in parking orbit up to one orbital period until the proper
position is attained relative to the outgoing geocentric asymptote
of the required escape hyperbola.

3. Re-ignite the S-IVB stage for injection into the heliocentric transfer
trajectory. Jettison S-IVB, Instrument Unit, and spacecraft adapter
and initiate automatic attitude stabilization. Search and target
acquisition mode is initiated for Earth sensors and star trackers.
Interplanetary experiments are initiated,
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4., Regular transmission is made of housekeeping data for orbiter and
solar probe and interplanetary experiments data during heliocentric
coast mode.

5. The first midcourse correction is executed at 10 days after injection.
Spacecraft returns to heliocentric coast mode.

6. Canopus cone angle is up-dated at 100-day intervals.

7. Second midcourse correction is executed at approximately 330
days after injection.

8. Transmit from Earth the separation maneuver data to spacecraft
computers and initiate separation sequence programmer and times
upon arrival at the Jovian sphere of influence.

9. Perform separation including Jupiter orbiter approach maneuver
using midcourse propulsion system.

10. Solar probe establishes heliocentric coast orientation with solar
and Canopus lock. During Jupiter swingby, Sun occultation may
occur and solar lock must be reaccquired. '

11. Activate main braking propulsion system aboard the orbiter vehicle
for Jovian capture. Ignite mainstage propulsion for retro maneuver.
Tracking from Earth verifies Jovian orbit.

12. On-station experimentation is initiated in capture orbit and data
is stored for later transmission. On-board sensors maintain proper
vehicle orientation with respect to Jupiter.

13. At pre-programmed time (probably near apojove) the orbiter terminates
experiments, initiates search mode, acquires Earth, and transmits
stored data. Experiment-on mode is re-established,

14. 1If, for a particular mission it is determined that a close approach
to a Jovian moon will occur, the orbiter will be commanded to
proper attitude and the television system activated for a specified
period of time during moon encounter. Automatic return to coast
mode is followed by transmission of images to Earth.

15. Depletion of attitude control propellants marks end of useful
orbiter life.

16. After Jupitér encounter the solar probe begins return heliocentric
coast and regularly transmits housekeeping and experiments data.

17. At approximately 0.6 AU from the Sun, the solar probe breaks
Canopus lock and begins a controlled orientation toward the Sun.

18. Experiments data are transmitted during favorable geometric constel-

lations throughout solar flyby, Depletion of attitude control
propellants after closest solar approach marks end of probe usefulness,
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2.1.3 Heliocentric Trajectory Analysis

The Jupiter orbiter/solar probe mission, from a flight mechanics stand-
point, can be analyzed in four phases: :

1. The geocentric or Earth-launch phase, . 5 :

2. The Earth-to-Jupiter heliocentric phase,

3. The planetocentric phase at Jupiter, and

4, The post-encounter, Jupiter-Sun phase of the solar probe heliocentric
orbit. -

This subsection presents an analysis of the heliocentric phase of flight (2. and
4, above). The heliocentric trajectories are considered first since their
characteristics must be known before the geocentric and planetocentric flight
for the mission can be completely analyzed.

2.1.3.1 Earth-Jupiter Transfers. As will be shown later, the characteristics
of solar probe orbits based on Jupiter swingbys are dependent essentially on two
factors:

1. The Jupiter arrival conditions in the Earth-Jupiter transfer
trajectory, and j

EEESS 2. The aiming point at the Jovian sphere of influence.

The complete Earth-Jupiter transfer trajectory, including arrival conditionms,
may be determined for a specified pair of Earth-departure and Jovian-arrival
dates. The procedure is to analytically determine the Keplerian heliocentric
ellipse that: (1) contains the positions of the planets on the specified dates,
and (2) satisfies the timing defined by the difference between the two dates
(transfer time). This procedure is ideally suited to high-speed computer
handling.

Reference 2 contains the tabular results of extensive, systematic
computer computations of Earth-Jupiter transfer trajectories for the 1970-1980
time period. This work was used as a source for the basic transfer datz required
to analyze the Earth-Jupiter leg of the Jupiter orbiter/solar probe mission.

Of fundamental importance to the mission analysis are the Earth-departure
and Jupiter-arrival energies associated with the heliocentric trajectories.
During each launch opportunity that occurs once for each synodic period (approxlmately
13 months), a period of consecutive days exists during which the departure
energy requirements are within the Saturn V capability. A direct measure of
the departure energy is the so-called hyperbolic-excess speed, Vyg, at Earth
escape. This quantity is the speed the spacecraft must have relative to the Earth
in excess of that required to escape onto a given transfer trajectory. The
departure energy is sometimes expressed by the parameter C3 defined as twice
the total spacecraft energy per unit mass where Cy = VﬁE.

The energy of the spacecraft with respect to Jupiter at arrival is
measured by the hyperbolic-excess speed at arrival, Vyp. This is the speed
of the spacecraft relative to Jupiter at entry into the planet's sphere of
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influence. The perfbrmance requirements for Jovian capture and the characteristics
of the post-encounter solar probe orbit are dependent on the magnitude of VHP'

Based on the data of reference 2, Figure 2-4 presents the variation of
the departure and arrival hyperbolic-excess speeds over the 1970-1980 decade for
500-day Earth-Jupiter transfers and typical 20-day launch periods. As will be
shown later, relatively fast (typically 500 550-day) transfers are required for
the combined Jupiter orbiter/solar probe mission. The hyperbolic-excess speeds
are shown in Figure 2-4 as a fraction of the Earth mean orbital speed (EMOS = 29,78
km/sec). The variation of arrival speeds is seen to be much more pronounced over
the decade than the departure speed variation. For 500-day transfers, the combined
effects of departure and arrival energies are such that the best mission performance
opportunities occur during the 1972-1976 time period. The latter years in the
decade are the most demanding from the mission performance standpoint. However,
the effect of higher arrival energies early and late in the decade permits the use
of longer Earth-Jupiter transfers times to achieve the 0.1 AU solar flyby. The
longer transfer times tend to ease the performance requirements for the latter
years. These tradeoffs will be discussed in more detail in subsequent sections
of the mission analysis.

-

Figures 2-5, 2-6, and 2-7 show the Earth-departure and Jupiter-arrival
hyperbolic-excess speeds as functions of departure date and transfer time for -
the 1972, 1975, and 1978 opportunities, respectively, For each opportunity,
the departure speed is seen to reach a minimum during the launch period for a
given transfer time, whereas the arrival speed continually decreases across the
period. The effect of this trend in arrival energy across the launch period on
the solar probe orbit characteristics will be shown later.

Communication Distance. An important parameter in the mission analysis is the
communication distance between the spacecraft and Earth for which the onboard
communication System must be designed. The distance between the Earth and

Jupiter at opposition varies because of the eccentricities of the planetary

orbits but has a minimum possible value of 3.93 AU. The maximum possible Earth-
Jupiter distance is 6.47 AU. For the fast Earth-Jupiter transfers under con-
sideration the Earth-spacecraft distance at Jupiter arrival will be typically

4 to 4.5 AU. However, because the Jupiter orbiter will be designed for an
operational life in capture orbit of typically 90 days, the communication distance
for orbiter system design pufposes will be approximately 6 AU.

Planetary Constellation at Jupiter Arrival. The Sun is a potent source of radiation -
that can cause blackout in communications with the spacecraft if the vehicle-
Earth line-of-sight is within about two degrees of the Sun. For mission
analysis purposes, this constraint on the heliocentric trajectory design is
considered at time of Jupiter arrival. Figure 2-8 is a plot of the heliocentric
longitude of Earth amd Jupiter at Jupiter arrival as functions of departure date
for the 1975 launch opportunity. Curves are shown for transfer times of 500,
540, and 600 days. The slopes of the longitude curves for the Earth are seen to
be relatively large compared to the Jupiter curves. This means that a line-of-
sight occultation will occur only for a brief time (on the order of two days).
Therefore, if an occultation is found to occur during any chosen launch period,
the problem can be avoided by planning a hold period until the launch time
within the occultation deadband passes.
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2.1.3.2 Solar Probe Orbit Analysis. The heliocentric ballistic trajectory of
a spacecraft can be greatly altered if the vehicle passes through the gravi-
tational field of a planet. This influence can be employed to a very significant
advantage for certain classes of missions where energy and/or time character-
istics of the flight profile can be attractively improved by a 'gravity-assist!
trajectary.

The concept of a close solar probe as a combination payload with a Jupiter
orbiter is based on the fact that the strong Jovian gravitational field can be
used to wradically alter the heliocentric Earth-Jupiter trajectory to allow the
probe to free-fall back close to the Sun at perihelion. The effect of an
encountexr with Jupiter on the heliocentric trajectory is illustrated by the
velocity vector diagrams in Figure 2-9, Although both direct and retrograde
encountexrs are always possible, the retrograde swingby is necessary to produce
. @ heliocentric orbit with a perihelion close to the Sun. The direct encounter
is required for missions to the outer planets or for solar system escape.

The following brief discussion of both types of encounters is helpful in under-
standing the necessity of retrograde swingbys for the Jupiter orbiter/solar
probe mission. This discussion also aids in understanding the solar probe orbit
data to bbe presented based on a digital computer simulation-of Jupiter swingby
trajectories.

First consider the case of a direct encounter. The velocity vector dia-
gram for the direct encounter (Fig. 2-%9a) shows the velocity Yp of Jupiter about the
Sun, and the velocity vector VA on the Earth-Jupiter transfer crajectory at
arrival. The hyperbolic-excess or relative velocity Vyp of the probe with respect
to Jupiter is determined by the vector difference,

- ~

Vip =V o= Wy (1)

as shown in the diagram. The direction of the incoming hyperbolic asymptote
.is that af the VHP vector. The effect of the direct encounter is to rotate the
hyperbolfc-excess velocity vector in a counterclockwise direction through an
angle a defined by the expression

V2 r -1
@ =T .2 cos-l (1 + _ﬁgﬁ_ﬂ) (2)

where Vyp is the hyperbolic-excess speed, r_ is the distance of closest
approach to the planet, and GM is the planeg's gravitational constant. The
re-directted hyperbolic-excess velocity is labeled Vyp in Figure 2-9a. Now the
post-encaunter velocity Vp of the probe with respect to the Sun is determined
by re-combining the hyperbolic-excess velocity with the planet's velocity;
i.e.,

Vp =Vp + Vi | (3)
As indicated by the velocity diagram, the direct encounter results in both an
increase in the heliocentric velocity of the probe and its heliocentric energy.
The change in energy AE per unit mass with respect to the Sun is given by the
equation
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It is evident that the increases in heliocentric velocity and energy of the
probe resulting from a direct swingby of Jupiter will not produce a post-
encounter trajectory with a perihelion near the Sun. It should be noted that
energy with respect to the planet during encounter is conserved; i.e., the
hyperbolic-excess velocity is changed in direction but not magnitude (|VHD|'=

-
[vHPI ).

Now consider the velocity diagram for the retrograde encounter (Figure
2-9b). 1In this case the rotation of the arrival hyperbolic-excess velocity ’HP
is in the clockwise direction. When the rotated vector Vyp is combined with
the planet's velocity Vp, the resulting post-encounter heliocentric, velocity,
Vp, is reduced in magnitude from the arrival heliocentric velocity Vj.
Therefore the energy of the probe with respect to the Sun is reduced according
to equation(4). This means that post-encounter trajectories can be achieved
with perihelion distances possibly very close to the Sun.

On the basis of the preceding discussion, it is apparent that two factors
determine the characteristics of the post-encounter solar probe trajectory:

1. The Jupiter arrival conditions in the Earth-Jupiter transfer
trajectory.

2. The aiming point at the sphere of influence.

First, the arrival conditions in the Earth-Jupiter transfer directly determine
the hyperbolic-excess velocity Vyp. The magnitude of this vector is a measure

of the amount of heliocentric energy that can be taken from the probe by the swing-
by. This is true since Vyp is rotated during the swingby to, in effect, "oppose"
Jupiter's velocity vector which remains practically constant relative to a
coordinate frame fixed at Jupiter's center rotating about the Sun. Theoretically,
if for a given case Vyp were equal in magnitude to the planet's velocity Vp, and
were directed by the swingby to exactly oppose Vp, then the post-encounter
heliocentric velocity would be zero. The probe would then fall directly into

the Sun. The mission parameters that determine the magnitude of VHP are the
Earth-Jupiter transfer time and the launch date.

The second factor of importance that determines the post-encounter
trajectory, as stated above, is the aiming point at the Jovian sphere of
influence. This point may, in effect, be defined by specifying the miss distance
B and the inclination of the plane of the encounter hyperbola with respect to a
reference plane such as Jupiter's orbital plane. The miss distance is defined
as the perpendicular distance from the incoming asymptote to the center of the
planet. The aiming point, therefore, determines: (1) the bend angle through
which the hyperbolic-excess velocity vector will be rotated, and (2) the plane of
rotation.

For certain kinds of interplanetry guidance laws, the aiming point may be
conveniently expressed in terms of a 3 vector model. LThe magnitude of E is the
miss distance previously discussed. Therefore, the B vector has its origin at
the center of the planet and is normal to the incoming asymptote. A rectangular
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Cartesian coordinate system is established with origin at the planet's center
and one axis S (unit yector) directed along the incoming asymptote. The other
two orthogonal axes, T and R, form a plane that contains the 3 vector. These
axes can be arbitrarily oriented with respect to some reference plane such as
the ecliptic. Thus, the aiming point can be specified by the components of the
vector given by the dot products B+Tand B - R, These components are
directly related to the distance rp of closest approach to the planet and the
inclination i of the encounter hyperbola. The latter parameters were chosen for
development of a computer program to analyze the mechanics of the solar probe
orbit based on Jupiter swingbys.
Computer Program . To provide a realistic simulation of solar probe trajectories
resulting from Jupiter swingbys, a digital computer program was developed under
the following guidelines and assumptions:

1. A three-dimensional solar system is assumed based on non-coplanar
elliptical planetary orbits.

2. The probe is assumed to be under the gravitational influence of only
one body at a time.

3. Mathematically, relative to a heliocentric reference frame, the
swingby at Jupiter is assumed to occur instantaneously on the date
of arrival at the planet.

4, The Earth-Jupiter trajectory characteristics are based on data from
reference 2 previously discussed in subsection 2.1.3.1.

The analytical approach implemented by the computer routine is outlined
as follows:

1. The arrival conditions in the Earth-Jupiter transfer trajectory are
specified as input parameters from the data of reference 2. For a
given launch date and transfer time, the arrival conditions are
defined by the heliocentric velocity magnitude and flight path angle,
and the inclination of the transfer plane with respect to Jupiter's
orbital plane. The position and velocity of Jupiter on the arrival
date in the heliocentric ecliptic coordinate system are specified
as inputs from ephemeris data. For a given case, the only remaining
input parameters are the sphere-of-influence aiming point information
defined, in effect, by a distance of closest approach to Jupiter and
an inclination of the encounter hyperbola. Inclination is measured
as viewed from the ascending node of the encounter hyperbola as an
angle between 0° and 180° with respect to Jupiter's orbital plane.
Therefore, first quadrant angles are direct encounters and second
quadrant angles are retrograde encounters.

2. On the basis of the Earth-Jupiter transfer arrival conditions and the
Jupiter position and velocity at arrival, the hyperbolic-excess vector
Vyp relative to Jupiter is calculated in a coordinate system shown by
Figure 2-10. The rectangular Cartesian system is centered at Jupiter
with the X axis directed along the Sun-Jupiter line and the Z axis in
the positive angular momentum direction of the planet'!s motion about
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the Sun. The Y axis completes the right-handed system. Since the
X axis does not move essentially during the swingby, the X, Y, Z
frame is simply a heliocentric frame translated to Jupiter's center.

3. The post-encounter hyperbolic-excess velocity VHD is determined from
the incoming velocity Vyp by transforming the computation to a
rectangular Cartesian coordinate system in the plane of the swingby
trajectory. In this system one axis is directed along the incoming
vector Vyp, a second axis is constructed normal to the swingby
plane, and the third axis completes a right-handed system. For a
given encounter plane inclination there exist two hyperbola planes.
that contain the incoming velocity vector vHP . Therefore, there
are two solutions to the swingby trajectory as shown by Figure 2-10
and illustrated by Figure 2-11. For example, an inclination of 170°,
includes the two retrograde hyperbolas inclined 10° above and below
Jupiter's orbital plane on the approach side of the planet. Generally
these two solutions are nearly symmetrical dynamically, depending on
the arrival conditions at Jupiter; therefore, one solution can be
chosen for mission analysis purposes. '

Thus, for a specified encounter plane inclination, the post-encounter
hyperbolic-excess velocity Vyp is determined in the plane of the
encounter hyperbola as a function of Vyp and the bend angle,

equation (2), calculated from the swingby distance. Actually, as
shown by Figure 2-19, the two solutions result in two post-encounter
vectors, Vygpl and Vyp2. :

-> .
4. The post-encounter vector Vyp is transformed back to the Jovian
X, Y, Z reference frame and combined with the planet's heliocentric
velocity (transformed from the ecliptic system) to give the post-
encounter heliocentric velocity. The post-encounter heliocentric
position may be taken as Jupiter's position at encounter.

5. The post-encounter velocity and position vectors are transformed to
the heliocentric ecliptic system and used to compute the elements
of the new heliocentric trajectory. Two-body orbital mechanics are
used to compute the semi-major axis, eccentricity, perihelion distance,
true anomaly at post-encounter, trajectory plane inclinationm,
transfer time from Jupiter to perihelion, and time from Earth
departure to perihelion.

Numerical Results of Solar Probe Orbit Analysis., Before discussion of the
characteristics of solar probe trajectories obtained for the mission analysis,

it is of interest to observe the relationships among the parameters that determine
the in-plane characteristics of the swingby hyperbola at Jupiter. Figure 2-12 shows
the miss distance B plotted as a function of the swingby distance for a range of
hyperbolic excess speeds at arrival. For an arrival speed of about 0.4 EMOS,
typical of the missions under consideration, the miss distance is seen to vary

from approximately 10 to 30 Jovian radii depending on swingby distance.

Figure 2-13 presents the relationship between the bend angle through
which the hyperbolic-excess vector is rotated during encounter and the swingby
distance. As in the case of the miss distance, the bend angle is a function of
the arrival excess speed. For the typical speed of 0.4 EMOS, the bend angle
varies from about 45 to 110°. ' :

2-19



LO=L£7£/f3=0U=U7 2D

JUPITER'S
MOTLION ABOUT
THE SUN

HP

JUPLITER'S ORBITAL PLANE

it

HD1

TO SUN

TWO ENCOUNTER

HYPERBOLA PLANES
FOR GIVEN '\7HP AND

SPECIFIED PLANE
INCLINATION

<

HP

___f
Vb2

Figure 2-11. JUPLITER SWINGBY GEOMETRY
2-20




TR-292/3-6-075

\ SWINGBY P
HYPERBOLA
50 VHP
. 2
(EMOS) /~
40 . ) //
P ’3
E /
2 30 P
ui / /.a
1
é a’ﬂf”””-f”’#"J
S s ) 7 /
“ / / L~
M_ /
'f_J
: L=
5. 9 =
w
on
0

0 4 8 12 16 20

JUPITER SWINGHBY DISTANCE, r
(JOVIAN RADII)

Figure 2-=12. MISS DISTANCE AT JUPTITER AS A FUNCTION OF SWINGBY DISTANCE
2-21



| 100

L4

18]
fad
120

= o

._11_"_’

ANGI

10

IENT

10

AATTA?
e I e

tEI__‘

v

L (F18!

. 40

20

TR-292/3-6-075

‘/’/’GHP

//

A
Y

Y

7

V

(EMOS)

HP

P

LN

il

i

o I

N

NN
A

T

e

I~

o o]

12

,,_.
-

JUPITER SWINGBY DISTANCE, r
(JOVIAN RADIIL)

n

Fivure

2-13. NYPERBOLLC-EXCESS VELOCITY VECTOR

BEND ANCLE

AT

OF SWINGRY DISTANCE

2-22

JUPITER AS A FUNCTIUXN



TR-292/3-6-075
September 1966

NORTHROP SPACE LABORATORIES

Now consider the results of numerous swingby trajectory computations
performed with the previously described computer program. First we will summarize
the overall influnces on the solar probe orbit by the Earth-Jupiter transfer. The
general trends in mission analysis terms can be seen by investigating the effect
of Earth-Jupiter transfer time on the post-encounter orbit. Throughout the
presentation to follow, three solar probe orbit parameters of primary interest
are considered: (1) perihelion distance, (2) trip time from Earth departure to'
solar flyby at perihelion, and (3) inclination of the solar probe orbit plane with
respect to the ecliptic plane. Figure 2-14 shows the effect of Earth-Jupiter
transfer time on solar probe orbit perihelion as a function of swingby distance
at Jupiter. Although the curves are based on a specific departure date during
the 1975 opportunity, the trends are typical. The figure shows one of the most
important impacts that combining the solar probe with the orbiter has on the
Jupiter capture mission. That is the fact that relatively fast Earth-Jupiter
transfers are necessary for solar probe orbits that pass near the Sun. Therefore
the choice of transfers is much more restricted for the Jupiter orbiter/solar
probe mission than for a straightforward Jupiter capture mission. Figure 2-14
also indicates that for a given Earth-Jupiter transfer time, there exists a
swingby distance at Jupiter that results in a minimum post-encounter perihelion
distance for a given Earth departure date. The figure further gives indication
of the sensitivity of errors in the post-encounter perihelion as related to errors
in the Jovian swingby distance. The shape of the curves indicates that the
planetary guidance problem of achieving a desired solar probe orbit perihelien
by controlling the trajectory errors at Jupiter swingby is not severe.

The effect of Earth-Jupiter transfer time on the total trip time from
launch to solar flyby is presented in Figure 2-15. The fast transfers result in
a wider variation in total mission time over the range of swingby distances than
do the slower transfers. 1In general, close Jovian swingby distances are desirable
from a total flight time standpoint.

Figure 2-16 shows the variation of solar probe orbit inclination as a
function of swingby distance for various Earth-Jupiter transfer times. The fast
transfers exhibit the interesting characteristic of relatively large inclinations
with a maximum value occuring at a certain swingby distance. This is an attractive
feature of these orbits from the scientific experiments standpoint. It is
possible, therefore, to combine the objectives of an out-of-the-ecliptic mission
with those of the close solar probe mission.

The preceding figures reflect the effects of Earth-Jupiter transfer time
and Jovian swingby distance on the solar probe orbit characteristics. Figures
2-17 and 2-18 show the general effect of the inclination of the encounter hyperbola
on solar probe orbit perihelion and inclination to the ecliptic, respectively.
A date during the 1978 opportunity was chosen for these illustrations. Figure
2-17 indicates the need for a "highly'" retrograde Jovian encounter in order to
get in close to the Sun at perihelion. In general a 180-degree encounter in
Jupiter's orbital plane is not possible since the acute angle the encounter
hyperbola plane makes with the Jupiter orbital plane cannot be less than the
absolute value of the declination of the incoming asymptote. However, this
declination is typically less than about 5° for the Earth-Jupiter transfers under
consideration. Figure 2-17 shows that post-encounter orbits can be achieved
with perihelions ranging practically from impact on the Sun to something approaching
circularization at Jupiter's distance under certain conditions. An inclination
of 140° would return the probe to the Earth's orbital distance. Figure 2-18
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gives a typical effect of encounter hyperbola inclination on the post-encounter
orbit inclination. The encounter inclination for the very close solar flybys
do not necessarily correspond to:the maximum achievable post-encounter orbit
inclinations.

Launch Date Effects on Solar Probe Orbit Design. The preceding discussion will ~*
now be extended to cover the effects of launch date on solar probe orbit design.
Since the initial data presented was for the year 1975, the same opportunity

- will be discussed first here. The 1972 and 1978 launch opportunities are chosen
for later discussion as representative years early and late in the 1970-1980 time
period. :

Figure 2-19 presents the solar probe orbit perihelion as a function of
Jovian swingby distance for launch dates over a 50-day period in 1975, These
curves are based on a 500-day Earth-Jupiter transfer time and a 170-degree Jovian
encounter plane inclination. The 244-2590 Julian date (27 June 1975) curve
corresponds to the 500-day curve of Figure 2-14 presented earlier. The effect
of launch date is seen to vary the minimum achievable perihelion across the
period. For example, a 0.1-AU orbit is not possible for these conditions
(Earth-Jupiter transfer time and encounter plane inclination) after the date
244-2590. The effect of longer Earth-Jupiter transfer time on the launch period
is shown in Figure 2-20. The transfer time of 540 days is seen to move the entire
launch period above the possibility of a 0.1-AU mission. Figure 2-21 displays
the effect of encounter plane inclination on the launch period situation. For
500-day transfers a 0,1-AU perihelion distance is achievable over the entire
range of Earth departure dates by going to a 175-degree encounter plane inclination.

For a 0.1-AU mission, the Jupiter swingby distance for a given departure date may be
determined by crossing the family of curves with a horizontal line for the constant

0.1-AU perihelion distance. The swingby distance is seen to increase with later
departure dates across the launch period.

Figure 2-22 presents the effect of Earth departure date on total trip
time from launch to solar flyby for 500-day Earth-Jupiter transfers and a 170-
degree encounter plane inclination. Generally, for a given swingby distance the
total trip time decreases across the launch period. As indicated in the figure,
the trip time for a 0.1-AU perihelion varies from about 1120 to 1505 days over the
range of departure dates that permit a solar flyby at that distance. The effect
of decreasing the encounter plane inclination, i, closer to Jupiter's orbital
plane is indicated by Figure 2-23. For = 175° the range of trip times for the
0.1-AU mission is reduced to approximately 1070 to 1210 days with launches
possible over the complete range of dates shown. It is seen that the effect of
increasing the mission perihelion distance is to further reduce the range of
trip times. Times for a 0.2-AU mission range from 1010 to about 1080 days.

Figures 2-24 and 2-25 illustrate the effect of launch date on the solar
probe orbit inclination with respect to the ecliptic plane. The inclination is
seen to generally decrease across the launch period. The lines of constant
perihelion distance show that the closer solar flybys are characterized by larger
inclinations relative to the ecliptic plane. Both figures are for 500-day Earth-
Jupiter transfers with the Jupiter encounter plane inclination equal to 170° in
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Figure 2-24, and 175° in Figure 2-25. The encounter plane (175°) nearer Jupiter's
orbital plane is seen to reduce the solar probe orbit inclinations significantly.

The characteristics of solar probe orbits via the Jupiter swingby mode
during the 1972 launch opportunity are presented in Figures 2-26 through 2-30.
The effects of launch date, Earth-Jupiter transfer time, and sphere-of-influence
aiming point (represented by the swingby distance and inclination of the encounter
hyperbola) are indicated. Figure 2-26 shows the perihelion achievable with 540-
day Earth-Jupiter transfers and an encounter plane inclination, i, , of 170°.
Figure 2-27 is for iy = 175°. As shown in Figure 2-28, a 500-day Earth-Jupiter
transfer with iy = 175° permits solar flyby distances less than 0.04-AU throughout
the range of departure dates. The flattening effect on the curves for the earlier
departure dates is caused by the solar probe orbit becoming retrograde with
respect to the Sun for swingby distances between about 6.5 and 11.5 Jovian radii.
Figure 2-29 shows for the range of departure dates a narrow range of trip times
(980-1050 days) from launch to solar flyby at a 0.1-AU perihelion for 500-day
Earth-Jupiter transfers. The retrograde solar probe orbits mentioned above are
shown in Figure 2-30. The inclination is seen to exceed 90° early during the
launch period for a range of swingby distances centered around 9 Jovian radii.
Reference back to Figure 2-28 shows that the retrograde orbits correspond to
very close solar flyby distances (less than 0.04-AU). However, the inclination
decreases considerably down to 25°-30° for perihelion distances around 0.1-AU.

Figures 2-31 through 2-39 provide solar probe orbit data for a typical
launch opportunity late in the decade (1978) for use in an analysis of mission
trajectory and performance tradeoffs to be presented later in the report. These
nine figures present the solar probe orbit perihelion, total trip time, and
inclination parameters in similar format to the data previously given for the
1972 and 1975 launch opportunities. Figures 2-31 through 2-33 present data for
500-day Earth-Jupiter transfers; Figures 2-34 through 2-36 give similar data
for 540-day transfers; and Figures 2-37 through 2-39 show the same parameters for
600-day transfers.

Figure 2-31 indicates a stronmg influence of retrograde solar probe orbits
on perihelion distance for the 500-day Earth-Jjupiter transfers. The perihelion
curves for the range of departure dates are seen to cross over in the region of
swingby distances that result in post-encounter retrograde motion about the Sun.
Figure 2-33 shows the inclination as a function of swingby distance. Retrograde
orbits are possible over practically the entire launch period for close peri-
helion distances. However, it will be shown that the performance requirements
of the combined Jupiter orbiter/solar probe mission necessitate longer Earth-
Jupiter transfer time than 500 days in 1978.

Operational Mode Effects on Solar Probe Orbit Design. As will be discussed in
more detail in the systems analysis of subsection 2.2, it is of interest from the
operational mode and vehicle design standpoint to consider the concept of a
constant gross mass spacecraft designed for the end peoints of the launch period.
This mode of operation uses the extra performance capability of the Saturn V
during the launch period to decrease the Earth-Jupiter transfer time. Since the
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arrival ezergy at Jupiter will vary with transfer time, the capture orbit
eccentricity for a fixed perijove will have to be varied to permit capture

braking with the constant propellant loading of the orbiter spacecraft. Figure
2-40 presents an example analysis of the constant spacecraft mass concept for

the 1975 Launch opportunity. The top figure shows the variation of Earth-

Jupiter transfer time over a 20~day launch period for a 12,000-1lb net injected
mass {total spacecraft including launch vehicle adapter). The transfer time is
seen to vary from 502 days down to 475 days, reaching the minimum hear the middle
of the launch period. The bottom plot of Figure 2-40 gives the solar probe orbit
perihelion as a function of swingby distance at Jupiter for launch dates over

the 1975 opportunity. These curves differ (relative to launch date) from the
previous data presented for constant Earth-Jupiter transfer times. For a given
swingby distance the perihelion distance is larger early during the launch period
and decrezses to a minimum for the fastest transfer at the middle of the

launck period. The perihelion distance then increases later in the launch period
as a resulc of the incressing transfer time. For a 0.1-AU perihelion mission, the
required Jupiter swingby distance is about 7 Jovian radii at the beginning of the
launch period. It decreases to 4.6 Jovian radii at mid-period and increases

again to approximately 9.4 Jovian radii at the close of the period. Although not
preseated here, the totsil trip time from launch to perihelion for the 0.1-AU mission
ranges from 1015 to 1150 days over the launch period. The inclination of the orbit
with respect to the ecliptic plane varies from about 20° to 25°.

Solar Probe-Earth Communication Considerations. An analysis was performed to
determine if the solar probe would be able to communicate with the Earth during
solar flyby at perikelion, From the mission analysis standpoint this problem
is one of determining the heliocentric position of the Earth at solar flyby
relative to the "communication cone'" of the probe. The communication cone is
defired as the space come, symmetrical about the longitudinal axis of the probe,
inside of which the high-gain communications antenna aboard the probe can be
gimballed for pointing to the Earth. Thus, if the position of the Earth lies
inside the probe communication cone during solar flyby, then line-of-sight
communications can be made. For thermal control purposes, the longitudinal
axis of the probe will be continually directed toward the center of the Sun.

The geometry of the communications problem can be defined in terms of four
variables:

L. The heliocentric angle,XE , between the intersection of the probe
communicstion cone at time of solar flyby and the projection of the
solar probe orbit line of apsides onto the ecliptic plane

2., The solar probe communication cone half angle, B c

3. The solar probe orbit perihelion radius, rps

4. The angle, u, between the solar probe orbit line of apsides and the
ecliptic plane,
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An equation may be derived to express the angle Ag as a functisn of Bc’ r ’, and
pe This relation is ps

2 s 2 ; st wm@
+ , m - : 8 ) .
1 re - sin [B, arcs1n(:ps sin BCZ](sin Bc)

cos

where the perihelion radius, rpg, is in AU. This equation may be used to determine
the angular position limits, symmetrical about the projected line of apsides of the
solar probe orbit, within which the Earth must be at time of solar flyby in order
to communicate with the probe. Figure 2-41 gives the value c¢f Ay as a functiom

of the solar probe communication cone half angle for a perihelion of 0.1 AU and

a range of M frcm 0° to 20°. Generally, the line of apsides of the solar probe
orbit will lie close to the ecliptic plane, and v will be small. M:ireosver, the
value of Ay is seen to be a2 relatively weak function of M. Thus, for a given
perihelion, Ap is primarily a function of the probe communicati:n cume half

angle. The effect of perihelicn distance con the value of Ay is shown by Figure
2-42 for a communication cone half angle of 80°., A 0.1-AU missicn would require
the Earth's angular position at time of solar flyby to be within z74° of the

line of apsides cf the solar probe orbit for communicatlons.

To translate the above information in terms of a typical mission
trajectory, consider Figure 2-43. This figure presents the Earth's sngular
position, A, relative to the solar probe orbit line of apsides at the time of
perihelion passage for trajectories during the 1975 opportunity. Plots like
this can be used in conjunction with the information of Figures 2-41 gnd 2-42
to analyze the communication geometry for given missions. For the example shown,
the 0.15-and 0.20-AU missions provide excellent communication geometry at solar
flyby. The trajectories during the latter parti:n of the 20-day launch periond
shown for the 0.1-AU missions result in Earth positions outside of the probe
communication cone for the cluser swingby distances st Jupiter. However, a
favorable geometry can be achieved by going to the greater Jupiter swingby
distances. For example, a trajectory with a Julian 244-2600 departure date and
a Jupiter swingby distance of 22 planet radii, results in an Earth positicna at
time of solar flyby of about -~35°. This positica is well within the *74-degree
limits for a probe communication come half argie of 20°.

2.1,3.3 Planetary Guidance Requirements. For mission sznalysis purposes, the

planetary guidance requirements for the Jupiter orbiter/solsr probe mission were
limited to consideration of:

1. Heliocentric trajectory characteristics as related to guldance require-
ments

2, Midcourse correction requirements

3. Approach maneuver rejuirements for the orbiter spacecraft after
solar probe separzation.

The systems aspects of guidance, navigation, znd cortzol of the spacecraft are
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The solsr probe is desigred on

the basis that no midcourse corrections will be made In the post=erncounter

heliocentric trajectory.

Tterefore, the accurzcy of the solar probe orbit will
be determined by the accuracy of the Jupiter swingby trajectory,

A study of the heliocentric trajectory characteristics presented in

subsection 2.1.3.2 indics

tes that the requirements for achieving a solar probe

orbit via the Jupiter swingby mode should not present sny real problems in

The sensitivity of the post-encounter
solar probe orbit characteristics to errors in the miss distance at Jupiter can

be determined from t-e graphical data showing perihelion, trip time from launch

to solar flyby, and orbit inclizscion ss functions of szwingby distance. The

slopes of these curves around the swingby distance that gives the desired
perihelion for 3 given departiuze date azre direct measures of the guidarnce erzor

utilization of existing guidance technigues.

sensitivity associated with the miss distance.

As zn example, consider a nominal

0.1-AU solar flyby mission in 1975 based on 500-day Earth-Jupiter transfers and
Tne sensitivitlies of the perihelion
&gs),trip time (Tf) from lsunch to solzr flyby, and zolzr probe orbit iaclination
(

an encounter hyperbolia inclination of 175°.

) relative to errors in swingby distance

Table 2-1.

"-» ) zre summarized in Table 2-1,

- o L

SENSITZIVITY OF SOLAR PROBE ORBIT CAARACTIERISTICS
TO ERRORS IN JUPTIEE SWINGBY DISTANCE

Departure T r T_/Ar pifar

gate aps/ap ATg/ary L/ﬂp
(Julian) TAlN/ Covvian r3dil) ‘days/iovian radii) ‘deg/Jovisn radii)
244-2580 -,025 31 2.50
244.2590 .017 27 1.75
244-2600 .010 25 - 0,83

The seasitivity of perfhelion relative to swlingby distsrce erzors can be
reduced to extremely smsall values by proper selectior of tne Earth-Jupiter transfer
The transfer time may be chozen to place the

time for each depsrtire date.

desired mission perihelion st the minimum point on the curve of perihelion versus
Therefore, the slope of the curve (Ar s/Br ) at this
point is zero, The typically flst characteristic of the curve near the minimum
point means that a swingby distsnce erzor of 3 or &4 planet radii could be allowed
The associsted variances in trip time and-

Jupiter swingby distance.

with little effect on the perihelion.
solar probe orbit inclination would be much largser; however, t

kese parameters

should not be zs importart to the mission objectives as the perihelion distance

at solar flyby.

Perturbations on the probe trajectory caused by solar-radisticn pressure
were not evaluated for purposes of the missiou snalysis,
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Midcourse Correction. For purposes of this study the velocity budget for midcourse
corrections during the Earth-Jupiter transfer is based on the estimate made in
reference 1 for the Jupiter capture mission., A total of 100-150 m/sec was
estimated by consideration of launch vehicle guidance accuracy and the
characteristics of the transfer trajectories under consideration.

With regard to the spacing of correction maneuvers during the transfer,
it is desirable to make the first correction as soon as possible (5-10 days)
after the injection out of Earth parking orbit. For the present study, the second
correction is considered to be performed after two=-thirds of the Earth-Jupiter
transfer time. This should permit an adequate determiration of the trajectory
to justify a second maneuver. If required, a third correction is made after
two-thirds of the remaining time to Jupiter arrival.

In view of the overall objectives of the Jupiter orbiter/solar probe
mission analysis, a detailed study of midcourse correction requirements was not
undertaken., However, for performance and mission profile design purposes, the
estimates described in the preceding paragrsphs are considered adequate.

Jupiter Approach Maneuver. The separation of the solar prdbe is made at entry
into the Jovian sphere of influence. As shown by the sketch in Figure 2-44, the
solar probe continues on a swingby hyperbola about the planet while the orbiter
spacecraft is maneuvered onto an altered hyperbolic path. The periapsis of tne
altered hyperbola swings the orbiter in close to the planet for capture-orbit
braking. The magnitude of the velocity change required for the approach maneuver
at the sphere of influence is shown by Figure 2-44, The maneuver AV is plotted

as a function of the arrival hyperbolic-excess speed for various solar probe
swingby distances. For a typical arrival speed of 0.4 EMOS, the maneuver AV for
a swingby distance of 10 Jovian radii is about 230 m/sec. For a 0.4 EMOS

arrival speed the path angle change in the plane of the hyperbola for the approach
maneuver varies from about 0.6 to 2.0 degrees for swingby distances from 5 to

20 Jovian radii, respectively.

2.1.4 Earth Launch Window Analysis, Reference 1 presented a detailed analysis
of launch and parking orbit characteristics of Earth-Jupiter trajectories for
Jupiter capture missions. The computer program used for thst analysis was
employed in the present study to determine typical surface launch window
characteristics for the Earth-Jupiter trajectories associated with the combined
Jupiter orbiter/solar probe mission. The program determines both the surface
launch windows from AMR and Earth parking orbit coast times from parking orbit
injection to interplanetary transfer injection. However, only the launch window
characteristics are presented in the present study.

The computer program requires the following input parameters for the
launch window analysis:

1. Launch date
*= 2
2. Injection energy, Cy = |VHE|
3. Declination of the outgoing geocentric asymptote

4, Right ascension of the outgoing asymptote.
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The basic geometrical requirements on the ascent trajectory and parking
orbit are primarily determined by the declination of the outgoing geocentric
asymptote; The direction of the asymptote is that of the hyperbolic-excess
velocity Vyp at departure. Egr two-dimensional ascent, the ascent and parking
orbit plane must contain the VHgp vector. 1In general, if the absolute value of
the declination is less than the launch-site latitude {28.3° at AMR), then no
restrictions are placed on launch azimuth other than those imposed by range
safety. 1If, however, the absolute value of the declination is greater than the
launch-site latitude, then a band of lsunch azimuths symmetrical about due
East (90°) are unavailable geometrically for launch by two-dimenzional ascent,
Figure 2-45 presents the variation of the asymptote declination over the 1970-
1980 decade for 500-day Earth-Jjupiter transfers and 20-dzy launch periods.

The overall periodic pattern indicates that the 1972, 1973, 1977, and 1978

opportunities have the largest outgoing asymptote declinations; however, the
absolute values do not exceed the latitude of the AMR launch site by much if
any., The declination crosses through a minimum during the 1975 opportunity.

Figures 2-46, 2-47, and 2-48 give the results of a surface launch window
analysis of the 1975 and 1978 opportunities as representative of the 1970-1980
time period. Figure 2-46 shows the declination and right ascension of the
outgoing geocentric asymptote as functions of launch date for 500-day transfers
during the 1975 opportunity. The injection energy variation over the
opportunity was given previously in Figure 2-6., The surface launch window
characteristics are summarized in Figure 2-47. The launch time of day in
Greenwich Mean Time (GMI) is shown as a funaction of launch date for launch
azimuths from 50° to 110° at AMR. For an azimuth range from 70° to 110°,
two daily windows of 5-hours duration each are seen to exist across the entire
launch period. Therefore, the launch window presents no problem to mission
operations.

The daily launch windows for 540-day transfers during the 1978 opportunity
are given in Figure 2-48, The figure shows that launch windows are quite
satisfactory for mission operations even during a year representative of the
largest asymptote declinations. As the plot of launch time of day shows, two
daily windows from 2.6~ to zbout S5-hours duration are available each day
across the period.

2.1.5 Capture Orbit Anslysis. This subsection presents an analysis of the charac-
teristics of capture orbits about Jupiter and gives the necessary braking

velocity increment data for sizing the orbiter mainstage propulsion system. The
mission profile is based on single-fmpulse braking at the psrilapsis of the
approach hyperbola.

It was shown in the Jovian Capture Anslysis, subsection 2.5, of
reference 1 that for a given capture orbit apsidal racio (n = ry/rp) there
exists an "optimum" perijove radius that minimizes braking velocity increment
as a function of arrival hyperbolic-excess speed, Vyp. Figure 2-49. taken
from reference 1, shows the optimum perijove radius wversus axrival speed for
apsidal ratios from 1 to 40. The figure shows that to achieve an optimum
perijove close to the planet, which is desirable from the scientific experiment
standpoint, it is necessary to have highly eccentric capture orbits. This is
also desirable because the orbiter could investigate the space around Jupiter
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out to distances beyond its moons. For a typical fast-transfer arrival speed of
about 0.4 EMOS and an apsidal ratio of 20, the optimum perijove is 1.25 planet
radii. ' !

The velocity increment, AVp, for capture braking at the optimum perijove
is given ¢n Figure 2-50 as a function of arrival speed and apsidal ratio, n.
For an arrival speed of 0.4 EMOS and n = 20 the minimum possible AVy is 2.6
. km/sec. '

Figure 2-51 gives the capture braking AVp required for fixed perijove
radii as a function of arrival speed. These curves are for n = 20. Reference 1
gives similar information over a range of n from 5 to 20. Performance penalties
for off-optimum values of the perijove may be determined by reference to the
superimposed minimum AVp curve. The penalties associated with low perijove
distances are not large for the range of arrival speeds under consideration.
During the mission and systems analysis it was found desirable to reduce the
braking AVp requirement as much as possible for the Jupiter orbiter/solar
probe mission because of the limitations imposed on mission performance for
some launch opportunities by the need for fast Earth-Jupiter transfers. A
typical capture orbit chosen for these missions has an apsidal ratio of 40
and a perijove radius of 1.1 Jovian radii. The braking AVp required for this
orbit is given in Figure 2-52 as a function of arrival speed. The AVp for a
typical arrival speed of 0.4 EMOS is seen to be about 2 km/sec.

Orbit orientation and the effects of perturbations on the orbital elements
due to Jupiter's oblateness are treated in reference 1 and will not be repeated
here except to mention that the integrated orbital displacements due to-
secular perturbations over an orbital period will be relatively small.

Figure 2-53 presents the period of the capture orbit as a function of
apsidal ratio for various perijove distances. It may be seen that for the apsidal
ratios of interest, typically 20 to 40, the period will range from 4 to about
20 days for perijove radii of from 1.1 to 1.5 planet radii.

The relationship between the capture orbit and the Jovian satellite system
will be discussed in Section III which considers the problems associated with
exploration of the moons.

2.1.6 Mission Performance

This subsection presents the results of evaluations of the Jupiter
orbiter/solar probe mission performance based on the Saturn V launch capability.
Parametric performance data are given for the three representative launch
opportunities, 1972, 1975, and 1978, that have been discussed in previous
subsections. As will be shown, a tradeoff exists between the payload mass
performance and the solar probe orbit design.

2.1.6.1 Launch Vehicle Capability. The high-energy performance capability

of the three-stage Saturn V is given by Figure 2-54. The net injected mass
capability is shown as a function of the hyperbolic-excess speed at Earth
departure. The curwe is based on two-dimensional ascent through a 185<km
circular parking orbit. The net injected mass is defined as the gross injected
mass, less propellants for a 60-m/sec launch window allowance, less propellants
for three-fourths of one percent of total vehicle characteristic velocity

for performance reserves. The Instrument Unit is subtracted but the mass of

2-67




MINIMUM Avg FOR CAPTURE BRAKING (KM/SEC)

14

12

10

TR-292/3-6-075

P
7 = o oo
(FIG. 2-49) /
) // //é L
/ / o
e
gZzZ—

=]
—
=
ra
o
.

W
o
.

=~
o
[9,]
o
o

VHP AT ARRIVAL (EMOS)

Figure 2-50, MINIMUM VELOGCITY INCREMENT
FOR JOVIAN CAPTURE BRAKING

2-68



&V, FOR CAPTURE BRAKING (KM/SEC)

TR-292/3-6-

7 I
ra
S e 20
P /
6
r 1IN JOVIAN RADII
5 p
6 /
4 \ / ///
I ) / V.
-~
7
/ X
. /\ T 1]
1.5
N\
2
2
1 --== MIN.Ay_ LINE
1 T_ 1S OPTIMUM
(FIG. 2-49)
0 .[
0 0.1 0.2 0.3 0.4 0.5 0.

VHP AT ARRIVAL (EMOS)

Figure 2-51L VELOCITY INCREMENT REQUIRED
FOR JOVIAN CAPTURE BRAKING

2-69

6

075



TR-292/3-6-075

r
51 P

(JOVIAN RADII)

AVB FOR CAPTURE BRAKING (KM/SEC)
(8]

MIN. QVB LINE

- FOR n = 40
0 } i 4 : : :
0 .1 .2 -3 04 05 '6
VHP AT ARRIVAL (EMOS)
Figure 2-52. VELOCITY INCREMENT REQUIRED FOR JOVIAN CAPTURE BRAKTING

2-70



CAPTURE ORBIT PERIOD (EARTH DAYS)

200

100

50

nN
Q

—
o

- TR-292/3-6-075

p

(JOVIAN RADII)

_lf”" 2

P i
el 1

2 i

3

\
N\

_~

N
h

—
/
/ )

Pl
/
i
,f””/

3
\ N\

1.3

Jf/i: e =

[ [ 1/ Pl pad
WAAR'A Fd yd -

Fd £ A
Lo VA A L
I

AL
Ve /4
/|
10 20 30 40 50
™

Figure 2-53. PERIOD OF JOVIAN CAPTURE ORBIT
AS A FUNCTION OF APSIDAL RATIO

2471



NET INJECTED MASS x 107> (LB)

30

25

]
o

o
L

10

TR-292/3-6-075

L THREE STAGES + TITAN
TRANSTAGE .
. THREE STAGES + SERVICE
MODULE
, THREE-STAGE SATURN V
LAUNCH FROM AMR WITH 70° AZIMUTH
185-KM CIRCULAR PARKING ORBIT
PROPELLANT FOR 60 M/SEC LAUNCH
WINDOW AND PERFORMANCE RESERVES
SUBTRACTED
INSTRUMENT UNIT SUBTRACTED
INCLUDES SPACECRAFT ADAPTER
.20 +25 .30 +35 .40 45
HYPERBOLIGC-EXCESS SPEED AT DEPARTURE
v (EMOS)
HE

Figure 2-54, THREE-STAGE SATURN V PERFORMANCE
CAPABILITY FOR HIGH-ENERGY MISSIONS

2-72



TR-292/3-6-075
September 1966

NORTHROP SPACE LABORATORIES

the spacecraft adapter is included. Launch is from AMR with a 70-degree launch
azimuth. Since the maximum azimuth variation from due East (90°) for the
missions under consideration is 70°, the performsnce curve given by Figure 2-54
is satisfactory for mission analysis purposes.

2.1.6.2 Mission Mass Histories. On the basis of the Earth departure and

Jupiter arrival energies for given transfer times, and the braking velocity
increment requirements presented earlier, the mass history for given missions

can be developed, The mass histories for the present study were calculated

using a digital computer program. For specified Earth-departure and Jupiter-
arrival dates and the associated hyperbolic-excess speeds, the program determined
the mass histories for the Jupiter orbiter/solar probe mission based on a given
solar probe mass and capture orbit defined by r_ and n., The inputs built into
the program included: P

1. The Saturn V performance curve (Figure 2-54)

2. A 500-1b spacecraft adspter that is jettiscned with the S-IVB
stage after interplanetary injection

3. An allocation of 150 m/sec for midcourse velocity corrections and
200 m/sec for the orbiter planetary approach maneuver after
separation of the solar probe

4, A specific impulse of 310 sec for mldcaurse corrections and the
planetary approach maneuver

5. Attitude control propellants as specified by the system analysis
(typically 660 1lb for the missions under consideration)

6. Mass allocated to the solar probe based on the systems studies
presented in subsection 2.2. (Nominal mission performance was
based on a 1400-1b probe.)

7. - A mainstage orbiter propulsion system based on the Apollo Lunar
Excursion Module (LEM) ascent engine.

It should be noted that the capture braking performance is based on
impulsive velocity increments applied at periapsis of the planetary approach
hyperbola. This assumption provides an zccurate performance simulation because
of the negligible gravity losses associated with propulsive braking at Jupiter.

2.1.6.3 Parametric Mission Performance. This subsection summarizes the mission
performance analysis in terms of net injected mass and gross Jovian capture mass
as functions of Earth departure date and Earth-Jupiter transfer time during the
1972, 1975, and 1978 launch opportunities. These data must be correlated with
the solar probe orbit data presented earlier to arrive at missions that satisfy
performance, trajectory, and systems requirements and constraints.

Figure 2-55 shows the net injected mass for the 1972 opportunity as a
function of Earth daparture date. Curves for 500-, 540-, and 600-day transfers
are shown. Net injected mass for 20-day launch periods varies from about 12,500
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Ib to 19,500 1b for 500- to 600-day transfers, respectively. Figure 2-56
translates these data into gross mass in capture orbit about Jupiter as a function
of Earth departure date. The curves are based on a 1400-1b solar probe mass and a
capture orbit with n = 40 and r, = 1.1 Jovian radii. For 20-day launch periods the
capture mass is seen to vary from about 4300 1b to 9000 1b for 500- and 600-day
Earth-Jupiter transfers, respectively.

The effect on mission performance of varying the solar probe mass is
shown in Figure 2-57. The gross capture mass is plotted versus Earth departure
date for 540-day transfers and solar probe masses of 1000, 1800, and 3000 1b.

Data similar to that given for 1972 is presented in Figures 2-58 and 2-59
for the 1975 opportunity. The injected masses shown in Figure 2-58 are seen to be
slightly less than the 1972 capability for given transfer times. The capture
performance given in Figure 2-59 is very similar to the 1972 data. The figures
show a 20-day launch period for a 0.l1-AU Jupiter orbiter/solar probe mission
based on 500-day Earth-Jupiter transfers and a 4400-1b orbiter spacecraft
developed later in the systems analysis of subsection 2.2.

Figures 2-60 and 2-61 give the parametric performance data for 1978.
Figure 2-60 shows net injected mass capability for the 1978 opportunity to be
typically 30 to 50 percent less, for a given Earth-Jupiter transfer time, than
the 1972 capability. Similarly, Figure 2-61 indicates significantly less capture
mass performance potential for the 1978 as compared with the 1972 or 1975 oppor-
tunities. These trends in performance can be predicted by referring back to the
departure and arrival energy trends across the decade (Figure 2-4).

2.1.6.4 Mission Performance/Solar Probe Orbit Tradeoffs. The 1978 opportunity
offers less performance potential for given Earth-Jupiter transfer times than do
the earlier years represented by 1972 and 1975. However, in terms of the combined
Jupiter orbiter/solar probe mission characteristics and requirements, there are
tradeoffs which make 1978 as usable as the 1972 opportunity and possibly more
attractive than the 1975 missions. Like 1972, the 1978 Earth-Jupiter transfer
trajectories are characterized by large arrival energies at Jupiter. This means
that longer Earth-Jupiter transfer times are permissible for achieving the close
solar flyby via the swingby mcde. Thus, the longer transfer times and associated
gains in Saturn V launch capability tend to make the 1978 opportunity compare
favorably with the 1975 missions. This is true beczuse of the smaller arrival
energies, for given Earth-Jupiter transfer times, associated with the 1975
opportunity; i.e., faster transfers are required to achieve close solar flybys.

The tradeoff between performance and solar probe orbit characteristics
was performed for the 1978 opportunity. The results are shown in Figure 2-61
by the dashed curves superimposed on the capture mass performance curves. The
dashed curves represent the optimum selection of Earth-Jupiter transfer time as
a function of departure date to achieve the solar probe orbit perihelion
distances shown. The optimum transfer time for a given departure date is deter-
mined by finding the transfer time that produces a minimum perihelion (as a functiom
of swingby distance) equal to the desired solar flyby distance. These transfers
were obtained for the 1978 opportunity by cross plotting the perihelion
versus swingby distance data for various transfer times given by Figures 2-31,
2-34, and 2-37. Figure 2-61 shows that the 0.1-AU solar probe orbit can be
achieved with Earth-Jupiter transfer times that approach 600 days. Therefore,
the capture masses available are comparable to 500-day Eatrth-Jupiter transfer
time missions during 1975 (see Figure 2-58) where the faster transfer is required
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to achieve a 0.1-AU perihelion.

2.1.6.5 Mission Summaries. On the basis of the parametric data which has been
presented throughout the mission analysis, the characteristics of representative
Jupiter orbiter/solar probe missions may be determined. Sufficient data are
presented to analyze primary mission parameter tradeoffs within the constraints
that may be imposed on the mission. '

Two missions are selected here for presentation in summary form.
Table 2-2 summarizes the characteristics of a typical 0.1-AU mission during the
1975 opportunity. Table 2-3 gives a summary of the same mission but for the
constant-gross-spacecraft-mass operational mode concept. This operational
mode will be covered in detail in the systems analysis subsection to follow.
The orbiter gross mass in capture orbit shown in Tables 2-2 and 2-3 includes
the scientific payload and is based on the conceptual design developed in the
following subsections. Also the 1400-1b solar probe is based on the systems
and conceptual design studies that follow.

Table 2-2

1975 SATURN V JUPITER ORBITER/SOLAR PROBE
TYPICAL MISSION SUMMARY

LAUNCH PERIOD:

20 Days, 17 June - 7 July 1975
(Julian 244-2580.5 =244-2600.5)

DATLY WINDOW:

Two Daily 5-Hr Windows with 70-110°
Launch Azimuths from AMR

EARTH-JUPITER TRANSFER: 500 Days

Net Tnjected Wt: 12,000 - 14,400 Lb
(Across Launch Period)

JUPITER ENCOUNIER:

Capture Orbit: n=40, rp = 1.1 Jovian Radii

Gross Capture Wt: 4400 Lb

Solar Probe Swingby Distance: 6.7-9.9 Jovian Radii
Solar Probe Wt: 1400 Lb

JUPITER-SUN TRANSFER: 590-655 Days

Perihelion Distance: 0.1 AU

Inclination to Ecliptic: 21 Deg:

Total Time from Earth Departure To Perihelion:
1090-1155 Days
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Table 2-3

1975 SATURN V JUPITER ORBITER/SOLAR PROBE
TYPICAL MISSION SUMMARY

LAUNCH PERIOD:

20 Days, 17 June - 7 July 1975
(Julian 244-2580.5 -244-2600.5)

DAILY WINDOW:
Two Daily 5-Hr Windows with 70-110°
Launch Azimuths from AMR

EARTH-JUPITER TRANSFER: 475-500 Days
Net Injected Wt: 12,000 Lb

(Constant &croés Launch Period)

JUPITER ENCOUNTER:
Capture Orbit: n = 40-52, rp = 1,1 Jovian Radii
Gross Capture Wt: 4400 Lt
Solar Probe Swingby Distance: 4,6-9,4 Jovian Radii
Solar Probe Wt: 1400 Lb

JUPITER-SUN TRANSFER: 540-650 Days

Perihelion Distance: .1 AU

Inclination to Ecliptic: 20-25 Deg
Total Time From Earth Departure To Perihelion:
1015-1150 Days
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2,2 SYSTEMS ANALYSIS

The primary emphasis in the systems analysis portion of this study was
placed on a combined Jupiter orbiter/solar probe. The two separate spacecraft are
launched together on one Saturn V vehicle. During the outbound heliocentric coast,
both spacecraft remain attached to each other. Earth communication is maintained
with the Jupiter orbiter which reports on the condition of the solar probe and
. relays its sciertific data. The two spacecraft are umbilically connected for this
purpose. Before ercounter with the planet Jupiter, the two spacecraft are separated.
The solar probe swings by the planet and starts its heliocentric coast for a close
approach to the sun. The Jupiter orbiter uses its onboard propulsion to brake
into a Jupiter capture orbit.

This subseciion presents the operationzl, reliability, and subsystem consider-
ations for the probes. Tnese analyses were developed parametrically to cover the
entire range of reauirements expected for the next decade.

2.2.1 Mission and Trajectory Selection

For the purpose of orienting and conducting the systems analysis of the
Jupiter orbiter/solar probe, a typical mission and operational mode wss selected.
The Saturn V performance in the 1972 launch window was used to define the-total=
spacecraft ejected mass. Heliocentric transfer times of up to 600 days were
considered reasonabie. The typical case represents a compromise between the
greater spacecraft masses of other annual launch periods and a reasorzble mission
duration. Figures 2-55 and 2-56 present typical Saturn V performance for the
1972 mission including Earth injected mass and Jupiter capture orbit mass for
various trip times and capture orbit parameters. The mass allocated for the
close solar probe is indicated in Figure 2-57 for a typical Jupiter capture
orbit.

These data are examples of the possible trade offs and a family of curves
exists for each of the wvast number of possible capture orbits, trip times, and
spacecraft masses.

2.2.1.1 Operational Made. Various alternatives exist in the operational assump-
tions for selecting design points. Over a 30-day launch period, a significant
variance occurs in Saturn V injected mass and therefore in the Jupiter orbiter/
solar probe masses. A Jupiter capture spacecraft can thus be designed to either
of the following criteria:

e Fix the spacecraft inert mass, payload mass, and heliocertric trip
time. Then vary the spacecraft propellant loading at launch to
match the Saturn V capability for the constant trip time. The re-
sultant Jupiter capture orbit parameters are then the dependent
variables.

e Fix the vehicle inert, payload, ard propellant mass for the opening
of the launch window. Then use the excess Saturn V capability during
the window to reduce trip times. The Jupiter capture orbit para-
meters are still the dependent variables but will be different than
those above.
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To investigate these concepts, a typical Jupiter capture vehicle, launch
window, and trajectory were selected and the performance of each of the above
modes analyzed and compared. The configuration chosen for this study is not
necessarily the recommerded or optimum design but was selected as a typical space-
craft. The operationzl results of this analysis should not charge with the selec-
tion of a different vehicle.

Fixed Trip Time/Variable Propellant Mode. The Saturn V performance capability

for this mode is summarized in Figure 2-62 for the trajectory and vehicle selected
for analysis. It can be seen that for a 30-day launch period and 600-day trip
time, spacecraft propellant loading could vary from 8500 to almost 15,000 pounds
for a Jupiter capture wvehicle of the fixed launch mass indicated. Such extremes

in propellant loading could cause significant problems with ground operations
during the launch window. Large quantities of propellants must be loaded or un-
loaded for each daily launch opportunity resulting in complicated launch and
checkout procedures.

Shown also on Figure 2-62 are the Jupiter capture orbit parameters for
minimum AV braking capture maneuvers. As an alternative to minimum &V braking,
a fixed perijove radius could be selected and the eccentricity of the Jupiter
capture orbit considered as the variable parameter. Figure 2.63 shows a typical
example of this approach for rp, = 1.5 as compared to the minimum AV brzking.
The modes are quite different, but the capture orbit variances are not significant
enough to zffect the selection and installation of the spacecraft’s experiments.

During this launch window, the declination of the outgoing geocentric
asymptote varies as shown in Figure 2-64 as the "Constant 600-day 1rip Time"
curve.

Fixed Propellant/Varizable Trip Time Mode. This mode will use the same Saturn V
total performance capability and launch window. The propellant loading will be
that required at the opening of the launch window and will be held fixed through-
out the 30-day incremert. The excess payload capability of the Saturn V booster
can then be used to reduce trip times. Figure 2-65 shows the resultant mission
time decreases for this mode and the assumptions of this analysis.

While this concept offers advantages in operational procedures due to
the fixed propellant loading, the faster trip times result in higher spacecraft
energies at Jupiter arrival. The fixed propellant loading, and thus a fixed AV
capability, imposes different restrictions on the Jupiter capture orbit para-
meters which can be achieved. Figure 2=63 shows the Jupiter capture orbits
which can now be achieved with optimum braking maneuvers. It can be seen that
only very highly elliptical orbits are possible throughout the launch window if
close approaches to the planet are desired. Actually, an elliptical orbit of
large eccentricity may be desirable for a Jupiter capture probe in order to
investigate the widest possible spectrum of the Jupiter environment. Thus, this
mode of operation may be the most advantageous.

The declination of the outgoing geocentric asymptote for this mode is
shown in Figure 2-64 as the "Constant Gross Mass" curve.

Mode Comparison and Conclusions. Based on this brief study it can be seen that
for the range in parameters of the Jupiter capture orbit studied herein, little
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significant differences can be noted.. The best operational mode is the fixed
AV/variable trip-time concept. This mode results in highly elliptic capture
orbits, but may actually be desirable from the viewpoint of the scientific ex-
periment requirements. Also, it permits the design of a spacecraft with a con-
stant propellant loading which reduces the complexity of system development,
testing, and launch operations. No practical difference in the outgning geo-
centric asymptote can be noted implying that the launch guidarce techniques,
daily launch windows, and other factors related to the Saturn V boost guidance
function are essentially identical for these two modes.,

It is therefore concluded that the fixed propellant loading concept
can be considered without compromising mission results.

2.2,1.2 Scientific Investigstions. Man's knowledge of the solar system until
recent years was limited to terrestrial observations. Through the use of Earth
satellites and interplanetary spacezraft, much data (although incomplete) has
been collected concerning the enviromment between (0.8 AU and 1.5 AU, The purpose
of this mission 1is to extend man's knowledge of the solar system from about

0.1 AU out to 5.2 AU via a Jupiter orbital spacecraft and solar flyby probe.

Both vehicles are launched simultaneously on one booster. Near the planetr
Jupiter, the probes separate; one achieving a capture orbit, the other estab-
lishing a trajectory to brirg it close to the Sun using Jupiter's gravitational
assistance. As a further refinement, the Jupiter orbital spacecraft could
launch a probe into the atmosphere of Jupiter, Also, by proper selection of

the capture orbit, a close approach to one of Jupiter's moons might be achieved.

The selectizn nf scientific investigations for this mission is de-
pendent on a large number of factors. Among these are the scientific value;
uniqueness to the mission; data acquired from previous missions; mass, power,
configuration, telemetry, and time constraints; trajectory and orbital con-
siderations; availability of instrumentation; reliability under mission en-
vironment; and the inflcuence of future missions. All of these factors are
interdependent and are influerced primarily by the state-of-art and knowledge
of the subjects to be investigated. It is expected that priorities will shift
as man's knowledge of the solar system and his techmical capabilities increase
so that the experiments suggested herein must be considered preliminary.

A detailed analysis and selection of experiments for various phases of
this mission has been completed and documented. Brief descriptions of the en-
vironment to be expected in different space regimes are summarized in this re-
port and possible experiments are discussed for investigating scientific
phenomena. Table 2-4 summarizes the exXperiments investigation and presents
power and mass requirements for various phases of the Jupiter capture/solar
probe mission. A normal and emergency power mode are shown to indicate which
experiments would be shut down in the event of a partial power supply loss.
This is discussed more fully ia subsection 2,2.5 of this report,

The instruments for observing the Jupiter moons are of value only if
close approaches to those bodies can be achieved. Section IITofthis report
discusses the analyses conducted for the Jupiter moor flybys. Data in Figure 2-66
is presented summarizing the closest approach to the moons. It can be seen that
by proper selection of the capture orbit, reasonable approaches may be made to

2-90




16-¢

Table 2.4. EXPERIMENT REQUIREMENTS

JUPITER ORBITER/SOLAR PROBES

a/Heliocentric Phase:

Phenomenon Instrument Quantity used on: Unit !Experiment Power on: [Total Mass
Jupiter ﬁ&gla;_ Probe |Power |Jupiter _§glg;;_£;gng_JupiterlSolar
Probe Normal |Emer, [watts)|Probe Normal |Emer. [Probe |[Probe
(watts) |[(wetts) |(watts)| (kg) (kg)
Solar Plasma Hydrogen lyman-ct | 2 — — | 0.5 | 1.0 — — 6.0 | —
Plasma Probe 2 2 1 3.0 6.0 6.0 3.0 7.2 | Ta
Faraday Cup 1 2 1 0.0 0,0 20,0 |10.0 2.3 4.6
: ) ok . et B : :
Magnetic Fields Helium magnetoe 1 1 1 7.3 7.3 7.3 7.3 3.4 3.4
meter
Tri-axial flux 1 1 1 6.0 6.0 6.0 6.0 1.0 1.0
gate magneto= !
meter i
Trapped Radiation |Radiation detector 2 2 1 0.4 0.8 0.8 —_ 2.0 2.0
Solar Neutrons Neutron detector | — 2 1 1,0 — 2.0 1.0 — 6.8 f
Cosmic Radiation Gog%%geray tele- 2 2 1 1.0 | 2.0 2.0 1.0 6.8 6.8
Electromagnetic VHF occultation 2 2 1 " 2.0 4,0 4,0 20 4,6 4,6
Fields VLF occultation 2 2 1 0.5 1.0 1.0 0.5 4,0 4,0
Particulate Matter [Gas Chromatography| 1 —_ — |30.0 30,0 —_ —_ 6.3 —_ }
Photometer and | i
Polarimeter 1 - | - 5,0 5.0 — | == 2.7 — :
l 1 i
Direct impact de-| 2 sets| 2 sef;]I set 2.q#et 5.0 5.0 ' 2.5 4,6 4.6 ||
- vices { o y
: I
TOTALS 78.1 w | 54.1 w 33.3 w | 50.9 kg|45.0 kg |
Ko v
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Table 2-4. (Concluded)

EXPERIMENT REQUIREMENTS

JUPITER ORBITER SPACECRAFT

b. Jupiter Capture Orbit Additions:

Phenomenon Instrument Quantity on Probe: Unit Total Power Total
Normal Emer. Power Normal Emer. Mass
Operation| Opevation (watts) | (watts)|(watts) | (kg)
Icnosphere Swept frequency monitor 2 2 2,0 4.0 4.0 2.8
Topside sounder 1 1 10.0 i 10.0 10.0 11.3
Atmosphere Spectrometers 1 set 1 set 15.0 ast ; 15,0 15.0 42,0
Microwave radilometer 1 — 200.0 200.0 — 45,4
IR Televicion 1 — 10.0 10.0 p— 4,5
Vigual Television 1 1 8.0 8.0 8,0 5.1
TOTALS 247.0w |37.0w | 111.1 kg
- co Jupiter Moon Fly-by Additions:
Phenomenon Instrument Quantitj on Probe: Unit Total Power Total
Normal | Emer. Power | Normal | Emer, Mass
Operation | Operation (watts) | (watts) |[(watts) (kg)
Surface IR imager I o 100.0 100.0 | — 30.0
Radar imager 1 — 340.0 340.,0 | — 181.8
Altimeter=scatterometer & — 29.0 29.0 | — 22,7
TOTALS | 469.0w| O 234.5 kg
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the innermost moons. If desired, capture orbits could be selected specifically
to result in extremely close approaches to the moens.

2,2.2 Sterilization

NASA and the scientific community in genmeral have adopted a policy of
- planetary quarantine to prevent the transport of Earth life to other regions of
the solar system, While a specific requirement for sterility has not yet been
agreed upon by all the international scientific agencies, the NASA policy for
preventing contamination of Mars by the Voyager and subsequent spacecraft is
that the probability of ianding ore live organism is less than 10-%, This means
that the Voyager landing capsule will be assembled under sterile conditions and
then be subjected to a sterilization treatment, Also, the capsule must be trans-
ported, handled, assembled to the spacecraft bus, erected on the launch wvehicle,
and launched without further contamination. This imposes severe requirements on
every aspect of the design, development, assembly, test, and launch of the space-
craft. New fabrication techniques and launch procedures must be developed to
meet these requirements.

While the Jupiter orbiter/close-solar probe mission is not designed to
contact any interplanetary body except with a Jupiter atmospheric probe, there
are some phases of the mission in which accidental contamination could occur.
Thus, both the Jupiter orbiter and the solar spacecraft must conform to the
stated policy of nom-contaminatior. The following events may occur in this
mission which would trarsport Earth life to other regions of the solar system
if the spacecraft were not sterile:

In passage through the astersid belit, collision with a large asteroid
may occur., Corntamination of this body may be spread to others
through stbsequent collisions and/or fragmentation.

After separation of the Jupiter orbiter/solar probe spacecraft,
either vehicle msy accidentally impact with one of Jupiter's moons.

The braking maneuver for the Jupiter orbiter may inadvertently
insert the spscecraft into a planet impact trajectory.

Long time orbital decay of the Jupiter orbiter may cause the
spacecraft eventually to enter the plaret atmosphere.

A Jupiter atmospheric probe, launched from the orbiter will enter
the Jupiter atmosphere and may impact the plaret.

The solar probe, on its return heliocentric coast, may impact a
large asteroid or one of the planets.

If it can be shown that the probability of contamination by any one of
these events is greater than 10-%, means must be taken either to reduce the
probability of the event or provide for spacecraft sterilization.

It has been shown that a spacecraft manufactured and assembled using
contemporary clean room practices has a number of live organisms of the order
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of 10, If this number is not reduced in ary way during the mission, then the
probability for the occurrence of any of the above events must be less than
10-4/10%2 or 10-13 to meet the current NASA contamination policy.

The best sterilization medium which can be expected in space is heat
which is the prime sterilization technique used on Earth. In space, this
concept is limited since the spacecraft systems must be thermally controlled
within certain operating limits. This precludes consideration of heating the
vehicles in space with solar or generated heat to high temperatures. However,
other studies are currently underway which may show that very high temperatures
are not mecessary.

Various time-temperature relationships have been developed for heat-
sterilization cycles on Earth which have been shown to be effective. For
example, heating to about 378°K for 336 hours is equivalent to heating to
about 433°K for 3 hours. Both of these conditions lead to acceptable sterility.
With the extremely long mission durations associated with the Jupiter orbiter/
solar probe, the time-temperature cycle may be quite reasonable. Excess heat
may be used from the RTG units to heat the spacecraft to its upper temperature
tolerance limit during the heliocentric coast phases to achieve sterilization.

Figure 2-67 shows the current requirements and a postulated extra-
polation. If this extrapolation is wvalid, the Jupiter orbiter must be heated
to about 330°K during its heliocentric coast to be sterile at Jupiter encounter.
While this temperature does not exceed the usual limits of conventional systems,
continuous operation at this level seriously affects the lifetime of electronics.
Also, it does not seem probable that absolutely all elements of the spacecraft
could be maintained at this temperature. Unless a very compact design was
developed, appendages such as antenras, instrument booms, etc., would be diffi-
cult to heat properly. Little confidence could be placed in this concept of
heating enroute to insure a completely sterile spacecraft at planetary en-
counter, although the biological count could probably be reduced over most of
the spacecraft.

A sterilization technique under consideration for the Voyager mission
is the use of a microbiological barrier around the landing capsule. Upon ap-
proach to the planet, the barrier will be opened and the sterile capsule ejected
onto its landing trajectory. This concept has many advantages:

e The barrier can be made impervious to contamination after en-
capsulation of the sterile landing probe permitting conventional
handling during transport, assembly, and launch operations.

- ® The barrier provides a means of connecting the landing capsule to
the spacecraft bus so that cross contamination during the helio-
centric coast will not occur.

e The barrier can be filled with a sterilizing gas such as ethylene

oxide or Freon 12 to maintain sterility and provide a long term
decontamination exposure during the heliocentric coast.
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2.2.3 Communication Subsystem

The functions of the communication subsystem on interplanetary
unmanned spacecraft can be summarized as follows:

e Command and control: provide system command in real time; provide
a means of relaying information from Earth to be stored in the
spacecraft control system or data handling system; and provide
for verification readouts of commands stored on the spacecraft
upon interrogation from Earth. The required transmission rates
are low, but acciracy requirements are severe.

e Tracking: provide for precise determination of the spacecraft
velocity vector and range to correctly interpret scientific data
and compute course correctioms,

® Telemetry: provide for transmission to Earth of scientific data
and engineerirg status of the spacecraft (housekeeping data).
To minimize system power requirements, the data handling system
must be highly flexible in programmirg and routing capabilities
and must incorporate adaptive techniijues, data compression
techniques, and storage devices.

The most sophisticated of the above functions is telemetry, Before scientific
or engineering data can be transmitted from a spacecraft, it must be sampled,
encoded, and modulated, By these techniques, a message is transformed from
its original form iato a sigral svitable for transmission and processing.

The following stbsections present discussions of these functions
together with subsystem requirements, state-of-the-art capabilities where
appropriate, and spacecraft subsystem descriptionrs.

2.2.3.1 Command and Control. To provide the proper command and control function,
the spacecraft commard receiver subsystem must be operated continuously. This

is necessary to permit ground communications wich the spacecraft at the ground
controllers' option during cthe flight phases of the mission. The command and
control receiver is fed by an omnidirectional sntenna on the spacecraft to

allow Earth-to-spacecraft communications even if a failure in the attitude
control system or guidance and navigation system has deoriented the high-gain
antenna. In the event of such a failure, the spacecraft will be able to re-
ceive command signals from the Earth through its omnidirectional antenna in

an effort to correct malfunctions or establish emergency modes of operation.

The command and cortrol link is usually designed for about 1 BPS data
rate operation. To preclude the transmission of erromeous commands, this sub-
system requires a low bit error rate of approximately 1 in 109 bits. The
unique requirements of this subsystem lead to consideration of a ground-to-
spacecraft communicatiors link separate from the telemetry link. Thus, for
the Jupiter orbiter/solar probe mission under study herein, the 25.9-meter
(85-foot) DSIF ground antenna could be used for the command link at the low
bit rates. For data telemetry, the 64.mecter (210-foot) ground antenna must
be used. This concept will also help relieve the utilization load on the
large DSTF antennas which will be in great demand in the next decade.
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A spacecraft-to-Earth communications link for the command and control
subsystem is necessary to verify the receipt of commands and to transmit the
stored commands upon interrogation from the Earth. This can be accomplished
with the spacecraft high-gain telemetry system independent from the omni-
directional command receiving subsystem.

For both the Jupiter orbiter/solar probe, communications out to about
6.5 AU must be provided. Thus, the two spacecraft may well use identical com-
mand and control receiving systems. Based on data to be presented in follow-
ing paragraphs of this report, the characteristics of this system can be deter-
mined. Table 2-5 summarizes the important data relating to the command and
control communications at S-band operation.

2.2.3.2 Tracking. Doppler frequency shift and range measurements are required
for accurate trajectory reconstruction. Doppler information is obtained by a
flight transponder which coherently tracks the incoming radio frequency carrier
from the ground station and radiztes back a carrier whose frequency relationship
to the received carrier is set and known. The ground station observes the
Doppler shift in their received carrier frequency and computes the spacecraft
velocity. Existing systems permit an accuracy of one foot per second or less.

Range information is obtained by noting the signal round-trip propa-
gation time and correlating pseudo-random codes. At interplanetary distances,
the spacecraft must detect, reconstruct, and retransmit the ranging pseudo-
random codes. Advanced systems under development also correlate the phase of
the coded signal and of the carrier, providing a fine vernier determination of
spacecraft range.

The equipment to perform these functions is an integral part of the space-
craft high-gain communications system discussed below. Only a very small portion
of the bit rate is used for tracking data and the bit error vate is not critical.
Trajectory recoastruction entails the utilization of many range and velocity
points and one data sample out of tolerarce can be noticed and discarded.

2.2.3.3 Telemetry. The primary purpose of an interplanetary mission is the
return to Earth of scientific data. Sampling and preselection of spacecraft
data is desirable as it is not efficient nor necessary to transmit all the
information collected during the missfon. Postulated techniques which would
significantly affect the communication system requirements of the Jupiter
orbiter/close solar probe will be discussed in the following paragraphs.

Self Adaptive Telemetry Systems. These systems perform an onboard selecting

function and reduce the transmitted data bits. A simple concept uses a programming
technique to routinely select data transducers. A controlling sequencer is

located betwean the encoder and data transducers which sequentially selects

the data to be transmitted. Thus, during one spacecraft interrogation only a
portion of the total onboard stored data is relayed to the Earth. On the next
interrogation data of a different nature is transmitted. For example, housekeeping
data may be relayed only every tenth interrogation and the various scientific

data divided between the other nine transmissions.

Associated with the above approach maj be programming of an increase
in transmitter power at predetermined points in the flight to maintain a desired
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Table 2-5. COMMAND AND CONTROL-GRDUND-TO-SPAGEGRAFT LINK '

(JUPITER ORBITER/SOLAR PROBE)

COMMUNICATIONS SY#TEM SYSTEM
COMPONENT REMARKS CATINS LOSSES
GROUND STATION DSIF 25.9-m (85-ft) antenna gain 52.5 db i

DSIF transmitter gain @ 1 BPS and 100 kw 73.0

input power

66-C

SPACECRAFT Omni-antenna gain - : 3.5 db
Receiver gain @ 1 BPS and 10 db noise figure 164.0 .
Internal system losses | 18.0 db
SPACE Transmission losses from 6.5 AU | 234.0 ab
M e Sky noise losses 15.0
Jupiter background noise losses 22.0
TOTALS 293,0 db | 289,0 db
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signal-to-noise ratio over the entire trajectory. An effective system can be
developed wherein the measured signal received by the ground station from the
spacecraft serves as the controlling parameter. At a predetermined minimum
signal level, the spacecraft transmitter power is increased in increments.
"~ A new development in self-adaptive telemetry which may be considered
is the use of an onboard device to examine each of the measurements taken and
_reduce only those data segments which exceed stipulated tolerances. In this
way, the system telemeters out-of-tolerance data and the gaps between such
information implies within-tolerance conditions.

The ideal self-adaptive telemetry system would monitor all data before
transmission and select only that information of interest, This requires
sophisticated data processing onboard the spacecraft and establishing criteria
to make the selection decisions. Such criteria may account for the occurrence
of an event, duration of an event, and exceeding a predetermined threshold.
Advanced telemetry systems of this nature have not yet been developed for
operational use, but may be available in the next decade for use on a Jupiter/

solar probe.

Feedback systems, These systems can improve +he reliability of the received
data by automatically monitoring the communications link. A number of auto-
matic feedback techriques can be considered:

@ Decision feedback employs a means for the ground receiver to re-
quest additional data from the spacecraft if the information
symbol received is wunclear or appears to be erroneous.

® Information feedback allows the spacecraft to obtain information
from the ground station regarding the quality of the rsceived
signal and to send additional adjustments ir doubtful cases.

e Power control feedback adjusts the radiated tranrsmitter power
upon feedback from the ground station so that the received
signal strength is always above a certain threshold,

The advantages of fesdback telemetry systems are 1) the feedback function im-
proves the reliability of the data, and 2) the feedback function can be employed
to change the data rate in response to fluctuating system signal-to-noise con-
ditions. These advantages are in contrast to normal telemetry systems which

are designed for the worst case signal-to-noise ratio at which the system is
expected to operate.

2.2.3.4 Spacecraft Antemnas . An important aspect of interplanetary space-
craft communication systems is the configuration and design of antennas.
These have a strong influence on the design of the spacecraft in terms of
weight, power, and attitude stabilization., This analysis considered the
following factors to properly size the telemetry antennas for the Jupiter
orbiter/solar probe: )

e Antenna and system gains e System noise losses
e Propagation losses e Ground system characteristics
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The following subsections present a discussion of these subjects and
indicate the process utilized in selecting the telemetry system characteristics.

Antenna and system gains will be considered first.. The various common antenna
configurations which can be used on interplanetary spacecraft and the restrictions
on their use are as follows:

e Stub antermnas: a rod which is one quarter the wave length of the
carrier frequency. Four of these stubs placed in a plane and located
90° apart can be made to provide a nearly omnidirectional radiation
pattern.

e Dipole antennas: used on spin-stabilized spacecraft with the antenna
axis collinear with the spin axis of the probe. The radiation
pattern is doughaut shaped with a gain of a little more than 2 db
on the plane perpendicular to the dipole axis, |

e Directional antennas: usually paraboloids, these antennas provide
a beam radiation pattern which must be accurately pointed to the
receiver.

Directional antennas collect and focus a grezt deal of radiative energy
into a beam permitting grester transmission distances for any given power level.
For this reason, they are used almost exclusively on interplanetary spacecraft.
The feed to the parabolic reflector is usually tapered from maximum illuminacion
at the center to zero at the edze. This is done to eliminate side lobes in the
radiative patterr and create a more uniform beam. The efficiency of such an
antenna lies between 30 and 80 percent,

Because of the collecting and focusing feature of these antenras, a
system gain over onmidirectionail antervnas car be expected for any given power
level. 1In additiosn, the half-power beam width of parabolic a2ntennas can be
calculated in terms of its gair, The graphic presentation of the functions
is shown in Figure 2-68 for operation at DSIF S-barnd frequencies with an
efficiency of 50 percent. The dotted line on the plot indicates the method of using
this data. It can be seen thzt large antennas, while providing great system
gain, must be pointed very precisely. This is a disadvantage which must be
considered ir the selecticn of anternnas for interplanetary spacecraft.

Another disadvantsgs associated with the large parabolic antennas is the re-
quirement for close mechanical fabrication tolerances. Surface irregularities
limit the coherence of the coliected energy which degrades the antenna gain.,
When the irregularities approach one-q:arter of the wavelength, there is
complete loss of antenna gain.

In addition to the gain of directional antennas, system gain is
achieved in the transmitting devices. The general tradeoff of system gain
in decibels vs rf power is shown in Figure 2.6% . This is a costly method of
achieving gain as is evidenced by the drastic increase in required power to
achieve minor increases in gain. The usual approach to increasing communications
capability is to increase the zantenna size.

The major system propagatior losses are due to attenuation in space
and absorption in the atmosphere and ionosphere. For the former case, it can
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be shown that the totzl space loss between two parabolic antennas is as plotted
in Figure 2-70 assuming the utilization of the 64-meter (210-foot) Goldstone
antenna at S-bznd freguencies. For reference purposes, the space propagation
losses for a half-wave dipole {(omridirectional) antenna are zlso shown. These
curves clearly indicate the advantages of using large diameter antennas at
interplanetary distarces. However, a tradeoff of size and pointing accuracy

is necessary and the larger diameters must be stabilized to very close toler-
ances as indicated in Figure 2-70 for 3-decibel half-power beam widths.

In addition to losses due to propagation through space, absorption in
the Earth's atmosphere and ionosphere occurs: In the atmosphere, losses are
caused almost entirely by the molecular absorption of oxygen and water vapor,
This absorp:iion decreases sharply with increasing elevation angle of the signal
source because of the decrease ir path length through the atmosphere. Iono-
sphere losses are caused by the transfer of energy from the propzgating elec-
tromagnetic waves to the electrorns of the ionosphere layers. These losses
exhibit daily, seasonal, and sporadic variations due to oscillations and changes
in the ionosphere. Absorption losses are very small at S-band frequencies and
can be ignored in the conceptual design stages. Otner effects listed below are
also small but will be accounted for,

e Faraday effect - rotation of the plane of polarization of the pro-
pagated wave die to the combined presence of the ionosphere and
magnetic field of the Earth. The apparent losses due to this
effect are less thzn 3 db.

e Polarization - induced in the propzgated wave by the relative as-
pect and orientation of the spacecrafr antenna with respect to the
ground station. System losses are less than 3 db,

e Interference - spurious signals in the trapsmitter and trans-
mitter-receiver space link, input circuitry of receiver, and
receiver locsl rf power generating circuitry.

A study will now be made of the system noise losses. The ground re-
ceiving station far an interplanetary probe, in addition to acguiring normal
transmitter signals, acts as a radio telescope and picks up radiations from
the Sun, galaxy, stars, Moon, and other plaretary bodies. The most isotropic
source of this background noise is the galaxy. The Sun and planets are
stronger emitters tut are discrete or localized sources affecting communi- |
cations only in specified directions. The Sun is a strong noise source and
communications with interplanetary probes close to or in front of the Sum
will be difficulc,

Noise ssurces in the sky have beer externsively studied by radio astro-
nomers. Maps of tne celestrisl sphere have been prepared showing egquivalent
noise temperzature ir great detail. For the purposes of this study, these data
can be summarized as shown in Figure 2-71 . The line labeled "average" in this
figure represents the background noise which is independent of direction. It
can be seen that at S-band frequencies, galactic noise is an approximate 5°K
source, while the nominal background noise is megligible. The energy absorbed
by the atmosphere 2f the Earth is partly reradiated as thermzl enerzy giving
rise to a thermal noise spectrum surrounding the Earth. The energy level of
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this noise is low and is a strong function of elevation. This noise source is
also indicated in Figure 2-71 .

The surface of the Earth also acts as a noise source with a noise tem-
perature of 290°K, This radiation usually enters the communication loop through
side lobes of the ground antenna. However, properly designed equipment has been
able to reduce the Earth's surface equivalent noise source temperature to about
20 - 50°K. When the ground antenna is operating at high inclinations, this
noise is greatly reduced. Of course, the interplanetary probes's antenna when
pointed at the Earth for data tramsmittal sees a 290°K noise source.

The radiation from the Sun has a complex spectrum, but it is primarily
composed of a basic thermal component, a slowly varying component, and various
types of sudden bursts. Because of the compiexity of this spectrum, it is not
possible to establish exact noise values. However, at S-band frequencies, the
solar noise corresponds almost entirely to the 6000°K black body thermal emission
of the Sun's photosphere. [

The planet.-Jupiter is a relatively strong noise emitter. Thermal
emission occurs at a wavelength approximately 3-cm long corresponding to an
equivalent noise temperature of 130°K. The planet also exhibits a non-thermal
radiation spectrum with a continuous emission in the decimeter wavelength region
and noise-storm type emission in the decameter range. The latter occur in
bursts of a second or two duration in groups lasting 5 to 10 minutes and con-
tinuing intermittently over a period of hours. These bursts are inversely related
to sunspot activity and can thus be roughly predicted. Because of the short
duration and rarity of these events, they will not be accounted for in the
development of the communications system for the Jupiter orbiter/solar probe.

The effect of this background noise on system operation is shown in
Figure 2-72 . On this graph, the equivalent temperature of the noise sources
expected for the Jupiter orbiter/solar probe is indicated. To accurately calcu-
late the signal loss expected, the trajectory for the probe must be examired to
determine the relative location of the noise sources with respect to the Earth-
to-probe communication line of sight. A constant background sigral noise loss
of at least 22 db should be expected for the Jupiter orbiter. A greater signal
loss can be anticipated for the solar probe as the spacecraft approaches the Sun
leading up to complete signal loss during passage across the solar disc.

In addition to noise losses due to propagation phenomena, internal
sources of noise power generated in the transmitting and receiving equipment must
be accounted for. The type of equipment has a strong influence on the internal
noise., Table 2-6 below summarizes some typical values for receivers operating
at S-band frequencies,

Table 2-6, EFFECTIVE NOISE TEMPERATURE

[TYPE OF NOISE : NOISE
RECEIVER TEMP., °K FIGURE, db
Crystal mixer 1500 8
Traveling-wave 750 5.5
Parametric amplifer 100 1.3
Maser 3 to 10 .04 to .2

" 2-107




TR-292/3-6-075

NOISE TEMPERATURE (°K)

10,000
7
' SOLAR ' /I
' & NOIsE /
1.000
/
/
4
lff
!
EARTL / !
F—%> SURFACE
NOISE
JUPITER . afegle w=s Wb o W
INFRARED
100 NOISE
rd
/
//
i STATE-OF-ART
r4 30°K RECEIVER
Y 4
’ !
4 RANGE OF
A EARTH
GENTER ATMOSPHERE
—— OF GALAXY NOISE
L NOISE }
|
/ * .'
1
0 10 20 30 =40 50

SIGNAL LOSS (db)

Figure 2-72. BACKGROUND NOISE LEVELS VS SIGNAL LOSSES

2-108




TR-292/3-6-075
September 1966

NORTHROP SPACE LABORATORIES

The superiority of the modern maser systems is readily apparent., Other
onboard losses related to antennz feeds will account for another 1 or 2 db loss
over that shown ir Table 2-6.

The only ground system characteristics which can be considered ara the
DSTIF network of NASA. 1In the next decade, the 64-m (210-foot) antenna will be
the primary ground anterna in use for telemetry. This system will have an equiva-
lent noise temperzture of aboct 30°K which is a receiver noise figure of about
-10 db. This is an excellent receiving system approaching theoretically per-
fect limits. To achieve this performance, the preamplifiers are cooled with
liquid hydrogen to obtain superconductivity in the system circuits and minimize
thermal noise losses. The system gain which this ground station contributes to
the communicatiors stbsystem is a function of the data bit rate. In terms of
decibels over a milliwatt, this tradeoff is shown in Figure 2-73 for a range
of receiver noise figures. In this study it will be conservatively assumed
that the O db noise level will be achieved in the next decade.

The significant gain contribution by the ground system can be noted
from the data in Figure 2-73 . This performance is all that can reasonably be
expected in the next decade although: interest has been expressed in the X-band
(10GHz) for future development. At this time significant improvements cannot
actually be realized over the S-band performance due to practical fabrication
problems. Two typical S-band and X-band systems were compared in a previous
Jupiter probe study (reference 1 ).

2.2.3.5 Telemetry System Summary. Tables 2-7 and 2-8 were prepared to summarize
the primary characteristics of a typical spacecraft-to-Earth telemetry communi-
cation link. The selection of the features shown is, to some extent, arbitrary,
and exchanges of antenna size, power,and bit rate can be made to obtain a
reasonable system. However, for use in conceptual spacecraft designs, the
characteristics shown on these tables will be used, A number of explanatory
comments are in order:

e Ground Station - A receiver noise figure of zero db is assumed. If
a -10 db noise figure is achieved in the next decade, the ground
receiver gains for the bit rates shown will be increased by that
10 db, To maintain similar operating margins, this gain may be
compensated for by decreasing either the spacecraft power, the
antenna size, or both, |

'
f

@ Space Propagation - Omnidirectional transmission antennas are shown
for use at distarces close to Earth. This antenna configuration used
out to about 2 AU for the Jupiter probe will reducs the attitude
control requirements of the spacecraft during the critical ejection
and stabilization maneuvers. Also, during the early phases of the
mission, the relative change in the angle between the Earth-to-space-
craft line and spacecraft-to-Sun line is high. These problems are
discussed more fully in subsection 2.2,7 (Guidance and Navigation), of
this report.

For the solar probe, an omnidirectional system is used if the spacecraft
passes within 0.75AU of the Earth. For the Jupiter gravity assist trajectories
under consideration herein, this does not occur until the solar encounter has
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Table 2-7. TELEMETRY SYSTEM PERFORMANCE

JUPITER ORBITER

COMMUNTICATIONS OMNI. HIGH GAIN
COMPONENT REMARKS ANTENNA ANTENNA
GROUND DSIF 64m(210-ft) antenna gain 4+ 60 db + 60 db
STATION
DSIF receiver gain @ 90 BPS — + 155
DSIF receiver gain @ 9 BPS + 165 —
+ 225 db + 215 db
SPACE Space transmission loss from~2 AU - 224 —
Sl Space transmission loss from~6.5 AU == - 180
Jupiter background noise loss s - 22
Earth atmospheric and surface noise loss - 15 - 15
- 239 db - 217 db
SPACECRAFT Antenna gain @ 4 m (15 ft) — + 37 db
Omnidirectional antenna gain + 12 —=
Transmitter gain @ 40-w. rf power + 46 + 46
Antenna feed losses - -
Internal system noise losses - 2 -
} Polarization loss - -
!
f Faraday effect loss in ionosphere - - 3
Modulation bandwidth loss - 20 - 20
FM improvement and phase lock tracking losses - 10 - 10
o + 18 db + 43 db
l_ NET OPERATING MARGIN + 4 db + 41 db

GL0-9-€/262-41
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Table 2-8. TELEMETRY SYSTEM PERFORMANCE

CLOSE SOLAR PROBE

COMMUNICATIONS OMNT. HIGH GAIN
COMPONENT REMARKS ANTENNA ANTENNA
GROUND STATION DSIF 64 m (210-ft) antenna gain + 60 db + 60 db
DSIF receiver gain @ 90 BPS — 4+ 153
DSIF receiver gain @ 9 BPS + 165 —
+ 225 db + 215 db
SPACE PROPAGATION Space trsnsmission loss from 6.5 AU —_ - 190 db
Space transmisgsion loss from 0.75 AU - 214 db —_—
Jupiter background noise loss = 11 - 28
Earith atmospheric and surface noise loss = 15 - .15
? - 240 db - 233 db
SPACECRAFT Antenna gain @ 1.2 m (4 ft) — + 26 db
Omnidirectional antenna gain + 12 db S
Transmitter gain @ 40-w. ©f power + 46 + 46
Antenna feed losses - -
Internal system noise losses - -
Faraday effect in ionosphere = =
Polarization loss ' - -
Modulation bandwidth loss = 20 - 20
FM improvement and phase lock tracking losses - 10 - 10
+ 18 db + 32 db
NET OPERATING MARGIN + 3 db + 14 db |

GL0-9-€/Z62-Ul
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been achieved.

e Net operating margin for the omnidirectional antenna systems, the
signal-to-noise margin shown is relatively low correspording to the
values expected at distances where this antenna becomes useless,
Due to modern filtering techniques and ground system improvement,
it may be later possible to receive signals beyond these distances
with close to one db operating margin. For the high-gain systems,
a considerable margin is maintained at the limits of the communi-
cations line of sight. This will account for any contingencies,
spurious noise, or other unexpected system losses. With these
relatively high margins and the reasonable estimates for system
gains and losses indicated in the tables, it is believed that a
very conservative system has been developed for this mission.

2.2.3.6 Communications Geometry. To locate the antennas on the conceptual space-
craft designs and define the antenna gimbal requirements, the heliocentric geo-
metry of the Jupiter orbiter/solar probe must be analyzed. For the Jupiter cap-
ture mission, a typical trajectory is shown in Figure 2-74 ., During the helio-
centric coast beyond 2 AU, when the omnidirectional antenna is no longer useful,
the high-gain antenna must be capable of gimballing about +20° from the space-
craft-to-sun axis. The Earth appears never to be more than 12° away from the
Sun when viewed from Jupiter orbit. However, the orbiting spacecraft must now
keep one axis pointed toward the planet for scientific measurements. During

one Jupiter orbit the Earth appears to the planet-oriented spacecraft to tra-
verse the entire sky. Therefore, complete 360° gimballing capability must be
provided if communications are desired throughout each Jupiter orbit.

For the close-solar spacecraft, the communications geometry during the
inbound heliocentric coast is not critical. Again, the Earth appears to tra-
verse approximately +20° about the Sun during most of the trajectory. As the
spacecraft nears Earth and then passes through perihelion, the geometry becomes
more complex, Figure2-43 stummarizes the results of a parametric line-of-sight
study for a variety of trip times and close solar approaches during a particular
launch window. It can be seen that communications with the solar probe during
its perihelion can be readily accomplished,

2.2.3.7 Communications Subsystem Description. The Jupiter orbiter/solar probe
communications system is diagrammed in Figure 2.75. This system can operate in
several modes. Under normal conditions ground commands select the desired mode
including switching to redundant units. If communications to Earth are lost,
the spacecraft central computer and sequencer will automatically prevent trans-
missions and wait for commands from the Earth command antenna. If no signal is
received after a predetermined length of time, the spacecraft will automatically
switch to a redundant command receiver. 1f communications are restored, the
data-handling system will provide the necessary information to permit determina-
tion of the nature of the malfunction. Corrective procedures could then be sent
from Earth.

During the launch and initial operational phases, spacecraft performance
can be transmitted on a real-time basis. Data from the attitude control, power
supply, and other systems are required in order to verify that the spacecraft is
operating properly and has been oriented correctly. The omnidirectional antennas
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would be used in these phases.

The data-handling subsystem provides multiplexing of the spacecraft and
instrumentation system parameters, converts the input data to a digital repre-
sentation, and formats the specialized digital encoder output with other scien-
tific data acquired directly in digital form or from special purpose encoders
included with the instrumentation. A storage capability must be furnished for
transmission of data collected at the communications interrogations during the
long duration heliocentric coast,

The magnetic tape storage system can record data at very high bit rates
permitting staorage of TV data. A maximum record-to-playback speed ratio of
about 500 to 1 will be possible in the next decade so that for transmission at
100 BPS bit rates, the tape storage system can record at about 50 KBS if
necessary. It is postulated that the tape system will operate in a start-stop
mode, recording blocks of data of 15,000 to 20,000 bits. A tape length neces-
sary to store about 20 frames of TV pictures at 2.5 x 10° bits/frame appears
reasonable at this time.

The mass and power requirements of this system including redundancy are
listed in Table 2-9 . These must be considered nominal values at this time
and may be substantially changed with technology advances in the next decade.

2.2.4 Spacecraft Thermal Control

The requirements of thermal control for this mission vary considerably
with the mission phase. The space probe will start from the Earth's surface
at 1 AU and travel away from the Sun to~5 AU for the first phase of the mission,
consisting of Jupiter flyby and capture of part of the payload into Jupiter orbit.
During this phase the system and surface equilibrium temperature will continue
to drop and will be the lowest in the vicinity of Jupiter. Hence, internal heat
generation with an insulation shield should maintain the internal spacecraft
temperature above the lowest tolerance limit of the spacecraft components, In
the second phase of the mission the solar probe will swing by the planet Jupiter
and will proceed towards the Sun on a close solar approach mission. During
this phase the increased solar radiation will cause the surface temperature to
rise, and will impose the need of a heat dissipation system to mazintain the
spacecraft instruments and other sensitive components below the maximum permis-
sible temperature. Figure 2-76 shows the variation of a spacecraft surface
equilibriium temperature as a function of its distance from the Sun. The ex-
treme temperature excursion can be noted as well as the very unacceptable tem-|
peratures at close solar distances. The following paragraphs discuss various
phases of this mission and the associated thermal control systems selected for
use on the Jupiter orbiter/solar probe.

2.2.4.1 Deep Space Control. For operations in the far regions of the solar
system, spacecraft systems and propellants must be kept heated. Subsection 2.2.6.1
discusses thermal control and heating of liquid propellants during the long,

cold heliocentric coast phases of this mission, and Subsection 2.2.5.3 presents
concepts of waste heat utilization from RTG power supply units.

Without a detailed spacecraft design, the thermal control requirements
of each system cannot be analyzed in great depth. Such a study must account
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Table 2-9.

COMMUNICATION SYSTEM CHARACTERISTICS FOR JUPITER ORBITER/SOLAR PROBE

JUPITER ORBITER SOLAR PROPE
COMPONENT INPUT APPROX INPUT APPROX
POWER MASS - POWER MASS
High-gain antenna - 7.0 kg -- 4.5 kg
Omni antennas -- 1.0 - 1.0
Transmitter 93 watts 7.0 93 watts 7-0
Modulator 4 2.5 4 2.5
Programmer 8 3.5 8 3.5
[Data Storage 45 25.5 45 255
cc and s 10 7.0 . | 10 . F
jCommand receiver
and decoder 16 8.5 16 8.5
Analog te digital
converter .8 9.0 8 9.0
Multiplexer and
encoder 16 18.0 16 18.0
Chassis and .
cables - 15.0 - 15.C
TOTALS | 200 watts| 104.0 kg 200 watts|10l.5 kg
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for the heat input and loss from internal generation, solar radiationm, radiation
to space, planet albedo, and RTG-unit radiation. Data regarding materials and
heat transfer paths are required to accurately predict the temperature profile

of any system or component. This is not possible at this stage of the develop-
ment of the Jupiter orbiter/solar probe configurations. Basgd on past experi-
ence, it is anticipated that proper thermal control can be maintained in deep
space using electrical heaters for critical systems and super insulation. Con-
siderable excess heat and power is available from the RTG units as discussed in
subsection 2.2.5.3. To indicate that enough heat is available,a preliminary energy
balance was completed for a typical spacecraft configuration. Assuming a space-
craft radiating surface area of 50 m2, the total heat make-up required is as
shown in Figure 2-77 . This data corresponds to a range of superinsulation
thickness up to about 10 cm around the spacecraft. Based on the power profiles
of suwbsection 2.2.5.1, the excess energy available for thermal control is noted
also on Figure 2-77. From this data it can be seen that insulation is usually
required for the Jupiter orbiter/solar probe. :

2.2.4.2 Close-Solar Protection, A number of concepts can be considered for
dissipating heat at close solar distances. An ablative shield pointed at the Sun,
a circulating fluid conducting heat from the hot to cold surfaces, and passive
shadow shield are examples. The use of an active control system may be un-
reliable or may impose a prohibitive weight penalty (in the form of expendable
materials) on the payload. A passive thermal control system has significant
advantages. First, because it is a passive system, its inherent reliability
is high. This is especially important when it is realized that 1100 to 1200
days elapse between launch and close solar encounter. Dormancy and activation
of an active thermal control system for this trip lifetime is a challenging
design problem which may not be possible with the state-of-the-art to be ex-
pected in the next decade.

A simple shadow-shield concept which may be considered is a series of
flat plates separated by a low-conductivity structure. Figures 2-78 through
2-80 show the features of such a shield for various materials, solar distances,
and number of plates. It is evident that multiple=-shield thermal control is
not extremely sensitive to ®/€ variation. This is advantageous since spectrally
selective coatings degrade very rapidly when exposed to the UV radiation and
particle radiation of the solar environments. However, the surface temperatures
at close-solar approaches are still very high. This can be improved by the
utilization of a conical front shield. Analysis has shown that this configur-
ation offers greater potential for thermal control., This is because the coni-
cal inclined surface will reflect more energy and the larger surface area for
a given base diameter is capable of absorbing more heat for a unit volume of
space.

Assuming the shield reached equilibrium temperatures, Figure 2.81
shows the shield temperature for different shape configurations and distances
from the Sun when the absorptivity and emissivity are equal. In the actual
mission being flown, the spacecraft passes by the Sun at a very high velocity
and it is not certain that it will reach the calculated equilibrium temperature.
The data shown are conservative andwill be used in this study. This figure indi-
cates the advantages of using a conical configuration., The temperatures at 1/d=0
correspond to flat plate values.: At anm 1/d of 4 or more it can be seen that the
conical shield equilibrium temperatures are about 60 to 70percent of these flat plate
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values. It should be noted that a further reduction in temperature over those
shown in this 'igure is theoretically possible by the utilization of a surface
coating on the shield with an @/€ ratio less than one. However, this effect is
minor compared with the improvements due to increased shield area alone. For
example, for the lowest expected a/c¢ of about .2, corresponding to white paint,
the maximum temperature for the shields will be reduced to about 2/3 the values
shown in Figure 2-8l. However, under the effects of the high heat flux at the
close distances to the Sun being considered here, the white paint would not
maintain its characteristics for any period of time. Other surface coatings are
available which will provide permanent a/e ratios close to one and these can be
considered for use on the probe.

The temperatures of Figure 2-81 are still high for very close solar
approaches implying there is a requirement for a secondary shield. Figure 2-82
shows the shadow geometry and the placement of a secondary shield associated
with the spacecraft. The temperature of this shield is a function of its
distance from the primary shield and its surface emissivity characteristics.
Figure 2-83 presents the secondary shield equilibrium temperatures for a
given primary shield configuration and a/e=.2. These curves also show the ef-
fect of the solar closest approach achieved. It can be seen that acceptable
secondary shield temperatures can be achieved if the probe is kept as small as
possible and the separation between shields is maximized.

To further reduce the heat transfer to the spacecraft, the secondary
shield can include superinsulation. It offers reduced mass and lower shroud
volume over metallic radiation shielding. The variation of the superinsulation
shield heat transfer is plotted in Figure 2-84 as a function of a/c at 0.3 AU.
The solid lines assume no edge radiation while the dashed lines take edge radi-
ation into account. It is evident that relatively thin insulation is required
to thermally isolate the spacecraft at 0.3 AU, and that over a wide range of
a /ethe front surface optical properties are less important than the edge
radiation effects, '

The influence of spacecraft angular displacement around the yaw or
pitch axis for an open compartment design is shown on Figure 2-85. Maximum
vehicle displacement in the yaw or pitch axis was assumed to be 5° and 15°.
The expected increase in temperature is as shown. It can be seen that if the
vehicle is stabilized to less than j§°, the temperatures are acceptable.,

The temperature limits indicate that passive thermal control of a
solar probe can be provided within the state-of-the-art in terms of both de-
sign techniques and materials. A titanium plate meets the temperature re-
quirements for the outer shield surface and the secondary shield concept in-
cludes multifoil insulation on aluminum plates at an appropriate distance
between the outer shield and payload.

2.2.4.3 Closest Solar Approach. Based on the properties of the thermal control
shield materials and configurations, the limits of the solar approach can be
tabulated. Figure 2-86 summarizes the data showing the characteristics of
various shadow shields. This curve also indicates the capabilities of solar-
cell panels for reference. From this data, Table 2-10 was prepared to define
the closest solar approach possible with different shadow shields and solar-
cell-panel designs.
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Table 2-10.
SOLAR DISTANCE LIMITATIONS

TR-292/3-6-075

SHADOW SHIELD MATERTIAL LIMITATIONS
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Closest
Shadow Shield ale Solar
Material Configuration Ratio Limiting Parameter Approach
Gold plated | Flat Plate 9.5 Gold melting point .3 AU
Beryllium n " 5.0 Softening & loss of o2
strength
Inconel n " 3.0 " n #1535
Aluminum n " 2.0 " 1 «33
Titanium 1 n 2.0 n " .1 |
Inconel Cone, %/d =1 3.0 .« n " .11
Titanium mooyd =1 2.0 " " .055
; Inconel ' Come, /d = & 3.0 " n .06
" Titanium m,od =4 2.0 L " .04
SOLAR CELL LIMITATIONS
’ Closest Solar
System Ml ___Limitations Approach
Solar cells Overheating and power drop off .68 AU
.90 filtered I % P o .2 AU
| Solar Cells '
.99 filtered ' . " , " .
| Solar Cells .032 AU
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For solar cells, the temperature rise with distance to the Sun precludes
their use unless filtering techniques are used., Figure 2-87 shows the optimum
continuous filtering required to maintain a constant design temperature. If the
solar cells are permitted to cycle up to their maximum operating temperature, a
stepped filtering scheme can be envisiomned as noted on Figure 2-87 . It can be
seen that with extensive filtering, solar celis can be considered for close
solar distances. However, a number of factors pose doubts as to the practi-
cality of this concept.

@ The filtering medium must be capable of withstanding a very high
surface temperature at close solar distances without destruction
or alteration of its filtering properties. Such a material is
not common and some analysis and development is necessary before
a design could be evolved.

® The use of a continuous or stepped filtering technique requires
a mechanical system to operate as a function of time as the
spacecraft approaches the Sun., This introduces a reliability
parameter into the power supply system which is not normally there.

® Because the solar probe in this mission is trdnsported to 6.5 AU
for the Jupiter gravitational swingby, radioisotopic units are 2
installed for power during the 1100-to 1200-day heliocentric trans-
fer. 'Since these units are already onboard, it is not clear why
these should not be used close to the Sun also. Switching to
another power system close to the Sun raises a question of re-
liability, especially since the second system must be exposed to
a space enviromment for up to 3 years prior to its tse.

Based on the data in Table 2-10 , solar approaches of less than
0.1 AU are possible if conical shadow shields of Incomnel or titanium are used.

2.2.5 Power Supply System

Because of the extremely long mission duratioms in this study, only
nuclear power sources are considered for the Jupiter orbiter/solar probe. RTG
units offer the best compromise of availability, cost, shielding, life time,
and power density. The units currently under development or study by the AEC
were considered in this analysis,which include both thermoelectric and thermionic
systems. |

Thermoelectric systems use thermocouples to convert heat generated in
the fuel source to electricity, Waste heat is removed by active or passive
means, depending on the power level of the unit. Cooling fins can be used to
radiate excess heat to space up to 250 watts electrical power. For larger
units, a circulating fluid and radiator are "ised. A combination active and
passive cooling system may also be considered. Figure 2-88 schematically
represents the basic thermoelectric unit concepts.

Thermionic systems convert the energy liberated by the fuel elements
to electricity through the use of thermionic diodes. These units operate at
higher temperaturess, have about double the thermoelectric units efficiencies,
and are thus more compact for a given power level. The current state-of-the-
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art in thermionic generator systems is considerably behind that of the thermo-
electric. Prototype hardware for a 100-watt system may be available from the
AEC by 1970. Unless a specific program is initiated by the AEC at an early
date, higher power thermionic production units cannot be considered for use on
the Jupiter orbiter/solar probe.

The thermoelectric units of appropriate size now under consideration
are summarized in Table 2-11 . Because of the trip-life-time requirements,
only the Pu-238-fueled units can be considered. It can be seen that both actively
and passively cooled systems may be available. The selection of the unit to be
used on the Jupiter orbiter/solar probe depends on the spacecraft power require-
ments, utilization of waste heat for thermal control, total system mass and re-
liability, and power subsystem handling. These factors will each be considered
below.

2.2.5.1 Spacecraft Power Requirements. The mission power requirements shown
in Table 2.12 were developed for this analysis. This data indicates a number
of features that must be considered in the selection of the power systems, in-
cluding:

® The Jupiter orbiter spacecraft requires a minimum power level of
553 watts during normal heliocentric transfer. This is more than
adequate for the execution of midcourse and braking maneuvers.

e The Jupiter orbiter spacecraft requires an additional 47 watts of
power while in Jupiter orbit if all experiments are operated simul-
taneously and an additional 269 watts of power if infrared and
radar imagers are used at Jupiter moon flybys.

e The solar probe requires a minimum of 529 watts of power to
cover all phases of its mission.

Based on these observations, it can be concluded that the Jupiter
orbiter could utilize two of the 500-watt actively cooled Pu-238 units or
three 250-watt passively cooled units. During heliocentric coast, almost
half the total power generated would then be available for thermal control.
Also, the installation of multiple units offers a system redundancy so that
in the event of one unit failing, the mission can be continued by proper se-
quencing of loads. Figure 2-89 summarizes the Jupiter orbiter power profiles
including emergency operations with one RTG unit not providing any power. [

The use of three 250-watt passively-cooled Pu-238 units better matches
the normal power requirements if the Jupiter spacecraft experiments are properly
sequenced during a Jupiter moon flyby to eliminate the high peak during that
mission phase. Emergency operations due to one RTG-unit failure would be as
shown in Figure 2-89.

The solar probe requires a minimum of 529 watts power to cover all phases
of its mission. This indicates that one actively cooled RTG unit or two passively
cooled units closely match the power requirements. The use of two passive units
can be seriously considered based on the ideas previously discussed for the
Jupiter orbiter. Two 250-watt units offer the following significant advantages:
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Table 2-11l.

THERMOELECTRIC POWER SYSTEMS

Activa Cooling Passive
Power Design s Radiator | Cooling |Approximate pPprox.
Fuel (electric)}| Life Coolant Area Fin Area | Dimensions Mass Remarks
Po=210 | 500 W, @ }104 days | NaK and 8.9 m2 —_— 3 X 75 %x .9 m [130 kg |Design life~~r 100
end of ' | Water days.
design
life
. S
Po-210 | 400 W. @ {104 days | NaK and 7.1 m2 —_ 2 x .23 x .86 m {110 kg |Compact, high
end of Water temperature design.
design To be used on MOL
life ; for 90- day missions.
< - cesrd e i
Pu-238 | 500 w.*  |vears NaK and | 8.9 m®> | — .25 % .75 x9 m |156 kg |
Water . . _ _ [
e
Pu-238 | 250 W, |Years — — 6 fins @| .2 m hexagon x |76 kg Highest power
| ' 17 m? .64-m long passive cooling i
| each +27-m Fins (6 system possible |
| places) |

Due to the 90-year half life of Pu-238, power levels of these units will be 97.5% of the fueled power level
at the end of 3.5 years.

SL0-9-€/262-¥L



Table 2-12, MISSION POWER REQUIREMENTS

(NORMAL OPERATION)

TR-292/3-6-075

Jupiter Probe

Solar Probe

Heliocentric Coast:

Experiments
Guidance and ACS
Thermal Control

Communication (including omni .
directional)

78

watts

50 -

25

153 watts cont.

400

553 watts peak

54 watts

40

20
114 watts continuous

400
514 watts peak

Jupiter Moon Flyby:

Experiments 547 watts
Guidance and ACS 50
Thermal Control .23
622
Communication - 200 o
822 watts peak
Propulsion Maneuvers:
(Midcourse corrections or braking
into capture orbit)
Experiments 78 watts N
Guidance and ACS 50
Thermal Control 25
Propulsion 75
228 watts @ each -
o maneuver
Jovian Capture Orbit:
Experiments 325 watts*
Guidance and ACS 50
Thermal Control 25
400 watts cont.
Communications 200 |
600 watts peak f

Close Solar Approach:

Experiments
Guidance and ACS
Thermal Control

Communication (including omni..
directional)

54 watts
50
25
129 watts continuous
400
529 watts peak

*
“Under emergency conditions,to compensate for a partial power loss, this can be

i

reduced to 115 watts without seriously compromising mission objectives. See

Table 2-4. -
R
Attitude and Control System
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° In case of one unit failing, the mission can still be completed on
the remaining RTG. The logical emergency mode of operation would
be to shut down one of the communications systems (reducing the
power requirements by 200 watts), operate only those experiments
listed under the emergency solar probe column in Table 2-4 ,
subsection 2.2.1.2, and use batteriés for the small excess loads.

® The active-thermal-control RTG units require a large radiator area
which has to be designed for the high temperature environment close
to the Sun. Because the solar probe is anticipated to be a rela-
tively small spacecraft, the inclusion of the radiator will present
a difficult design problem.

e The selection of the 250-watt passively cooled units for the Jupiter
orbiter, based on the mass and reliability considerations of subsection
2.2.5.2, dictates that the same units be used on the solar probe to
eliminate parallel RTG development programs and reduce cost and '
design integration problems.

2.2.5.2 Power Subsystem Mass and Reliability. As noted above, the use of three
250-watt or two 500-watt RTG units on the Jupiter orbiter offers a system re-
dundancy of significant value to mission success. The choice between these
systems can be analyzed as follows using the range of expected failure rates
discussed in subsection 2.2.8.8 of this report.

Consider the alternate systems sketched in Figure 2-90. For the active
thermal control scheme, more than one system component failure results in the
loss of the power supply. Conversely, the passive units, installed as shown,
still provide a duplicate system if any one component fails. Further, the
active system relies on a pump for the circulating fluid which is inherently an
unreliable device for long mission durations. To determine the pump reliability
necessary for the first two concepts to have equal system probability of success,
the data in Figure 2.9]1 was prepared. It can be seen that the pump in the active
system degrades the system success significantly unless the pump reliability is
greater than about .96. This may be possible in the next decade.

An additional system refinement would be the addition of batteries to
accommodate peak loads or surges. Over the long heliocentric coast, the bat-
teries could be recharged between communication periods. It is anticipated that
fully charged batteries would thus be available in Jupiter capture orbit to
operate the extra experiments power load in that phase of the mission. The |
orbiting spacecraft lifetime, assuming no system failure, would then be a funct
tion of the battery life as well as attitude control gas depletion. A disadvan-
tage in using batteries is the requirement for careful thermal control to pre-
vent freezing at deep space distances. If it can be assumed that temperature
limits will not be exceeded, the power subsystem using batteries offers a lower,
although acceptable, overall system probability of success.

To analyze the mass relationships of these concepts, Table2-13 was
prepared summarizing the system features of interest. The disadvantage of
using an active-thermal-control RTG unit is apparent. Also, the use of bat-
teries in conjunction with the 250-watt units offers identical subsystem mass
if a 30-hour battery power supply is acceptable. )
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Actively cooled RTG's
Pr = (.921 to .98)x(Ppyyp)

(SEE FIGURE 2-88)

Passively cooled RTG's
Pp = .997 to >.999

Battery supplementation
PT1= .989 to .998

Pp = .874 to .948
2

(2p)

Figure 2-90.
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(SEE FIGCURE 2-90 FOR POWER SYSTEM SCHEMATICS)
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‘Table 2-13,  RELIABILITY AND MASS FOR ALTERNATE POWER SYSTEMS COMPARISON

Prob.
of Success System Masses

CONCEPT Min. Max. RTG PUMP BATTERIES OTHER TOTAL
Active ther- - - - ' (radiator)
al contrel }.987% .995% 312 kg 8 kg T --- 380 kg 700 kg
Passive
thermal (regulators)
control -997 ~.999 228 kg -—- -—-- 8 kg 235 kg
RTG with (regulator 162 kg
batteries .874 -948 152 kg - 2.5 kg/hr and control-| +2.5

: ler) 10 kg kg ‘hr

* Reliability of pump ~.95
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2.2.5.3 Utilization of Waste Heat From Power Subsystem. Based on the candidate
RTG units and the power requirements discussed above, it can be shown that con-
siderable heat is available for thermal conditioning of the Jupiter orbiter/solar
probe. Considering the passively cooled 250-watt unit using the Pu-238 fuel,

a heat source of at least 9 x 105 joules/hour is available, This energy is
radiated from the cooling fins continuously at an equilibrium temperature of
about 350°K. Assuming these units are mounted externally to the spacecraft,
control louvers on the spacecraft skin could be designed to absorb radiative
heat from these fins and transfer this energy to a circulating fluid for con-
ditioning of the subsystems, components, and propellants. The actively cooled
500-watt RTG system already has a circulating fluid system and thus could be
more easily adapted to the thermal control function. The NaK temperature at

the radiator outlet is about 385°K., External louvers on a portion of the power
system radiator could regulate this temperature as a function of the spacecraft
system thermal control requirements to insure a constant cooling rate for the
RTG unit.

_ In addition to the excess heat generated by the RTG, the preceding
section of this report indicated that excess electrical power was available
over that required to operate the spacecraft. This power can be diverted to
thermostatically controlled electrical heaters located at critical points in
the spacecraft. This represents a more desirable system since it does away
with the circulating fluids, the heaters can be designed integral with the sub-
systems or components for optimum heating efficiency, and a high reliability
can be expected, For the Jupiter orbiter spacecraft, using three 250-watt
units, approximately 400 watts of electrical power is available during helio-
centric coast beyond the range of the omnidirectional communications system.
For the emergency condition of one RTG unit failure, 140 watts of electrical
power is still available for thermal control during the heliocentric portions
of the mission.,

In Jupiter orbit, more power is needed to operate all the experiments
and less would be available for thermal control. However, during this phase
of the mission, there is no longer any need for propellant conditioning and
the continuous operation of all onboard systems will reduce the thermal control
requirements. -

For the solar probe, using two 250-watt passively cooled units and
about 60 watts of batteries, approximately 46 watts of electrical power is
available for thermal control during the heliocentric phases. This system
requires that the batteries be continuously recharged between communication |
functions. '

The thermal control of the Jupiter orbiter and close-solar-probe
spacecraft was discussed in detail in subsection 2.2.4 of this report. It can
be stated here that sufficient electrical power is available for the required
heating.

2.2.5.4 RTG Ground Handling and Installation. BRecause radioisotope materials
continuously emit heat and radiation, some thought must be given to ground
handling and launch vehicle RTG installation. The spacecraft for this mission
must undergo preflight checkout and assembly with unfueled RTG units. After
the preflight checkouts are complete and the systems are properly assembled,
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the RTG units are brought up to operating temperature with electrical heaters.
This is necessary to prevent thermal shock to the thermoelectric elements when
inserting the fuel blocks. 1In addition, performance verification checks can
then be made. The RTG power generation and the associated power conversion and
regulating equipment operation can be werified.

Upon completion of this phase, the fuel blocks are brought to the
launch pad and the fueling process begun. Due to the heat generation and
radiation, special handling of the fuel blocks is necessary. Tools and handling
fixtures are required and would bea necessary part of the ground support equip-
ment designed for these spacecraft. Conventional remote manipulators adapted
for use on the launch service tower could be utilized. This equipment is used
to remove the electrically heated dummy fuel blocks and to immediately insert
the encapsulated Pu-238 slugs. After fueling, a large quantity of waste heat
must be dissipated from the RTG units before launch. This is especially neces-
sary in the event of a substantial delay in the vehicle launch. The vehicle
structure and spacecraft systems must be prevented from exceeding their tem-
perature limits. This entails a detailed heat transfer analysis considering
the characteristics of the booster, spacecraft, and aerodynamic shroud. Only
a brief analysis was undertaken in this study, and further detailed computations
are required. Using convective heat transfer only, the data in Figure 2-92
was developed for 5 passively cooled, 250-watt RTG units. It can be seen that
at the operating temperature of 350°K, the radioisotope units can probably be
kept cool with air circulation.

Handling of the Pu-238 fuel blocks raises concern with the radiation
hazard for the ground crew. Fortunately, this isotope is an a-particle emitter
. and can easily be shielded. However, evén direct exposure to the source for
short periods is not a dangerous condition. A worker three-feet away could
remain for two minutes without exceeding the safe weekly tolerance of normal
industrial practices. At ten feet, a worker could remain almost an hour.

This means that in an emergency, workers could safely leave by simply walking
away from the fuel source.

2.2.5.5 Advanced Power and Propulsion System Concept. The installation of a
radioisotope energy source on the Jupiter/orbiter probe leads to consideration
of an advanced system in which this unit is utilized for power generation,
thermal control, and propulsion. It is possible to conceive of the systems
diagramed in Figure 2-93 , wherein a single radioisotopic core provides energy
for all of the functions noted. A radioisotopic core is simple in concept but
has the unique characteristic of radiating energy continuously. Thus, a means|

"

to expel waste heat during low power loads must be provided. f

The direct heating method of thrust development offers the best com-
promise of performance and reliability for the Jupiter mission. These designs
are similar to solid-core nuclear reactor systems but are simpler because there
are no nucleonic control problems associated with reactor criticality. The
core can be any geometric arrangement consistent with proper structural inte-
grity and heat transfer optimization. In designs for high temperature operation,
the isotope fuel can be imbedded and clad with a refractory material such as
tungsten. The operating temperatures of such systems is limited by the cladding,
but can be as high as 2480°K if relatively short thrust periods are used. The
thrust of direct heating, solid-core isotopic engines depends on many parameters.
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Figure 2-92, RTG FIN TEMPERATURE VS FIN HEAT CAPACITY
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It is beyond the scope of this report to analyze such systems in detail, but
as an approximation to determine the order of magnitude of typical system per-
formance, the following can be presented. :

Using hydrogen as the propellant at an outlet temperature of about
2420°K, a specific impulse of 800 seconds can be achieved at chamber pressures
of 1 atmosphere. Fueled with Po-210 with a power density of approximately
134 kw/kg, thrusts of the order of magnitude of 100 to 150 Newtons are
possible with an engine mass of about 100 kg. Better performance can be ob-
tained with isotopes of higher power density such as Nb-95 but the half-lives
of such elements are generally too short for the mission under consideration.
At the same operating temperature mentioned above, a hydrogen-propelled radio-
isotope engine fueled with Nb-95 would have a specific impulse of about 1200
seconds for the same engine mass.

Isotope availability is the major obstacle in utilizing radioisotopic
engines for propulsion. For the examples discussed above, many kilograms of
the isotope are required. Unless specific efforts to produce these quantities
are made, these requirements may not be met in the next decade. Table 2-14
below indicates the expected availability of suitable isotopes by 1970.

Table 2-14. ISOTOPE AVAIIABILITY

ISOTOPE DECAY PRODUCTION HALF POWER EXPECTED
PRODUCTS SOURCE LIFE(DAYS) |DENSITY (KW/KG| AVAILABILITY
KW (THERMAL)
Cm-242 |Alpha Reactor 156 98 10
Particles Product
Neutrons
Po-210 | Alpha Reactor 138 134 1000
Particles Product
Ce-144 | Beta and Fission 285 ~h 1330
Gamma Rays Product
Nb-95 Gamma Rays| Fission 35 189 500-1000
Product
Y-91 Beta Rays | Fission 59 19 500-1000
Product }

This data indicates that Po-210 represents the best fuel from the
viewpoint of half life, power density, and availability.

Radioisotope power decays with time and the performance of engines
of this type must consider this feature. Thus, if an engine is initially fueled
with Po kw of isotope power, after time t, the power will be: '
P = Pye exponent of e where L = isotope half life.

Engine thrust related to the power density, will also be decreased. The
spacecraft thrust-to-mass ratio at time t can be calculated from the following:
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(T/W)e “Wo - Wt " where T, = thrust at fueling
L = isotope half-life
W = vehicle initial mass

Wt = vehicle mass at time t.

In addition to the degradation of thrust throughout the life of the spacecraft,
a slight thrust decay will be experienced during thrusting. Figure 2-94 shows
this effect for Po-210 systems. It can be seen that the thrust-to-mass ratio
increases rapidly after a few days as the propellant is utilized.

It is of interest now to study a typical Jupiter mission and develop

some data for this concept. It is assumed that a total velocity correction
of 150 m/sec will be required for midcourse correction and that spacecraft
gross weight is 7350 kg. Using the system described by Figure 2-%94 , the hy-
drogen required amount is 67 kg and the engine burn time is a little more than
3 hours. This is reasonable for midcourse corrections. f

- For braking into a Jupiter capture orbit, it can be assumed that a
spacecraft gross mass of 3600 kg will be available and a AV of 2.3 km/sec
required for the maneuver. For this maneuver the hydrogen required is some-
what more than 910 kg and the engine burn time is almost 2 days. This must
be carefully analyzed from a system optimization viewpoint to determine the
precise trajectory, navigation, and guidance techniques required for this long-
duration thrusting in the vicinity of Jupiter. As discussed in subsection 2.2.6.1
of this report, storage of this quantity of hydrogen for the 500 to 600 days
of the heliocentric portion of this mission poses many problems in system design.

Also, the isotope engines discussed above require an isotopic core
with nominally 300 to 400 kw depending on the efficiency. For a 600-day mission
to Jupiter, this means that a Po-210 unit with a half life of 138 days must be
fueled to about 6 to 8 megawatts at launch. This will require about 53 kg of
Po-210 and appears unreasonable at this time.

For midcourse corrections, a lower thrust and corresponding longer
burn times may be considered reducing the fuel quantity required. However,
it is concluded that for the next decade, an isotopic propulsion system does
not offer significant advantages for this mission.

2.2.6 Propulsion and Attitude Control Subsystems |

v Propulsion subsystems are necessary on the Jupiter orbiter/solar probe’
for attitude control during heliocentric coast, midcourse correction maneuvers,
and capture-orbit braking. The requirements for these subsystems depend on the
specific trajectory and vehicle mass. Typical subsystems were developed in this
study based on the selected mission profile and spacecraft design. The following
subsections discuss the requirements and subsystem considerations for the various
propulsion maneuvers expected for this mission.

2.2.6.1 Planetary Orbit Capture. The braking maneuver into an orbit around

Jupiter represents the largest propulsion requirement. The velocity increment

required for capture ranges from 1500 to 3000 m/sec depending on the transfer

_type, launch date, and the capture-orbit parameters., If the spacecraft is de-

signed for a fixed AV capability, then candidate propulsion systems for this

maneuver include solids, monopropellants, and bipropellants including cryogenics.
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The major factor that distinguishes orbital capture from other maneuvers
is the extremely long time that the propulsion subsystem is exposed to the space
environment before activation. The transit time may range up to 600 days. For
liquid propellants, at least some and possibly all components in the propulsion
system will be exposed to their working fluids at pressures close to the operat-
ing value for the complete mission duration. This represents a sizeable exten-
sion in the required lifetime for all of these components. Additionally, any
pressurization system for the liquids must maintain its pressure level during
the long heliocentric coast. However, the greatest problem with liquid systems
is thermal control. Freezing of the space-storable systems using hydrazine,
UDMH, N,04, etc. must be prevented and the cryogenic systems exhibit large
boil-off losses.

Based on the maximization of the velocity increment available, high
specific impulse propellants are, in general, desirable. Fluorine, hydrogen,
‘oxygen, and oxygen difluoride are suitable. Whether or not these propellants
are employed for long-duration missions is a function of the amount of pro-
pellant available after the space storage. The major source of propellant loss
is attributable to boil=-off caused by heat leakage into the propellant tank.
The sources of heat input are solar radiation, planetary albedo, infrared radi-
ation, and heat generation within the spacecraft system.

Figure 2-95 shows the results of a detailed study for selection of
propellants. Spacecraft gross mass is plotted as a function of storage time
for several propellant combinations employing tanks with optimum superinsulation
thickness for each mission duration. It is evident that for long missions of
the order of two-years duration the cryogenic propellants cannot be considered.
The storables exhibit little boil-off but the permissible temperature range of
the storables is considerably narrower than that of the cryogenic propellants
and will require precise thermal control. Electric heaters using excess elec=-
trical power from RTG power supply units will be necessary. As noted in subsection
2.2.5 of this report, considerable energy is available for this function.
However, to minimize this power drain, the propellant tanks would be insulated.
Modern superinsulations combine low thermal conductivity with low specific mass
and hence provide maximum propulsion system performance.

Figure 2-96 shows the plot of insulation mass versus heat flux developed
in this study. Each line is plotted for constant density insulation, the only
variable being the thickness of insulation. The lines are plotted at 540°R,
600°R, and 800°R showing the effect of increased temperature of the warm
boundary. The insulation studied herein has an apparent thermal conductivity
of 2.4 x 10~ BTU per hour=-foot=-°R. Applying this data to actual propellant
tanks, curves of continuous power heating necessary to maintain bipropellant
storables at room temperature were developed. These are presented in Figure
2-97 for various masses of propellants. In this analysis, it was assumed that
the propellant was divided into four spheres, two for oxidizer and two for fuel.
Other assumptions are shown on the curve. It can be seen that with superinsulation
only minimal propellant heating is required.

Solid propellants offer considerable storage advantage over the liquid
propellants, since there is no boil-off, pressurization, or slosh problem.
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The practical temperature range for storing solids is 220°K to 340°K and with
electrical heaters and insulating blankets this should be easily maintained.
One problem related to solids is their high thrust and vibration level. The
burning rates available from proven solid propellants limit the maximum burn-
time to less than 200 seconds. To deliver the required total impulse for
Jupiter capture, the thrust-to-mass ratio will be high at burnout. This is a
major disadvantage in that disturbing forces will be high and a large attitude
control force and total impulse will be required. Also, structural criteria
for antenna mounts, instrument booms, etc. must account for these high forces.
In addition, a solid propellant burns rougher than a liquid and the induced
vehicle vibration will be higher.

Based on the factors discussed above and the apparent ease with which
storables can be thermally controlled, the Jupiter capture maneuver propellant
should be storable liquids. The selection of the actual propellant combinations
will depend on a detail comparison of candidate systems. A performance comparison
of monopropellant and storable bipropellant systems was conducted considering :
a number of propellants. Hydrazine and hydrogen peroxide are the most common
monopropellants in use. The specific impulse of hydrazine (235 sec ) when com-
pared with hydrogen peroxide (160 sec ) makes it the more attractive of the two.
In the past, hydrazine systems have required the use of N304 slugs to restart
the system, but new catalysts under development are now precluding the necessity
for these slugs. In the next decade, it is believed that catalysts with life-
times capable of satisfying the Jupiter orbiter mission requirements will be
available. Thus, the hydrazine monopropellant system can be selected as repre-
sentative of this class for comparison with bipropellants.

Bipropellant systems are relatively complex and require an accurately
regulated pressurization system to maintain proper fuel/oxidizer mixture ratios.
This complexity is offset by a higher specific impulse resulting in better
system performance. This class of propulsion systems is compared with the
monopropellant in Figure 2-98 for various propellant masses. Two types of
monopropellant pressurization schemes are shown.

It can be seen that little difference in system mass occurs between
the different systems. This implies that selection of the braking-maneuver
propulsion subsystem may be made based on other criteria such as complexity,
performance, and existing component availability. Since the LEM ascent stage
bipropellant propulsion subsystem represents a suitable thrust level and is
designed for space operation and storage, it was selected for the Jupiter '
orbiter mission. Figure 2-99 presents a block diagram of this system, '
2.2.6.2 Attitude Control Subsystem. To accomplish guidance maneuvers, perform
scientific experiments, and permit communications with Earth, attitude control
of the Jupiter orbiter/solar spacecraft is required. Several different aspects
of the mission exist wherein the attitude control requirements may be different.
These can be summarized as follows:

e During midcourse or braking propulsion maneuvers, the attitude
control system must orient the spacecraft and direct the thrust
vector in the direction of a computed velocity increment. Re-
quired accuracy for attitude control is high and an onboard com-
puter must recognize thrust misalignment and take necessary steps
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for corrective attitude realignment.

‘e During communications with Earth, the antennas must be pointed at
Earth with high accuracy depending on the radiated beam width. If
the antenna is gimballed, gimbal motors will perform that function.
However, the entire vehicle must be stabilized to counteract gim-
balling torques and prevent loss of Earth-lock.

e For much of the scientific instrumentation, a specific direction or
orientation is necessary to achieve valid experimental data. In
general, stabilization requirements for this function are not severe.
For some modes of operation, the vehicle must be oriented to permit
both experimentation and communication with Earth.

e At Earth ejection, high tumble rates may be imparted to the space-
craft upon separation from the launch vehicle. The spacecraft must
be able to stabilize itself, initiate Sun and Canopus search pro-
cedures, and establish a heliocentric coast mode orientation.
Torques required for these functions may be relatively high.

e In the event of a break in Sun or Canopus lock during the helio-
centric coast, the attitude control subsystem must be capable of
automatically initiating search modes and reacquiring the heliocentric
coast orientation. If the disruption was due to impact with a small
asteroid mass, tumble rates may be relatively high and large re-
storing moments required to stabilize the spacecraft,

A review of the above functions indicates that two attitude control
thrust levels may be necessary. A low-thrust system will produce the highly
accurate stabilization required during coast and communications periods. For
control during thrusting and for gross orientation after booster separation or
in the event of asteroidal impact, a higher thrust is desirable. Depending on
the results of further analysis, the higher thrust system may be integral with
the midcourse correctien propulsion system., A common propellant and feed system
could be designed with both attitude~control nozzles and a midcourse correction
motor.

To analyze and select the attitude=control systems, the above mentioned
modes must be studied to determine the total impulse and torque requirements.
A major factor in selection of the attitude-control subsystems is the lifetime
requirement., Many years of operation are necessary for both the Jupiter orbiter/
solar probe. It would be extremely desirable to use passive control wherever
possible and to accomplish the various control functions in the least complex
manner. Solar vanes were therefore initially considered in this study for coast
stabilization but cannot be used in deep interplanetary space due to the lack of
sufficient solar radiation. The following subsection discusses these considerations
and present the analysis of the selected attitude-control subsystems.

The total impulse of the low-thrust attitude-control subsystem depends
primarily on the spacecraft size and mass, extent of maneuvering, pointing ac-
curacy requirements, and disturbing torques, A precise analysis requires the
definition of a specific spacecraft and its multi-axial moments of inertia.
Parametric data was developed in this study covering the range of values anti-
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cipated for the final Jupiter orbiter/solar probe configurations. These are
presented in Figure 2-100 with the approximate range of values anticipated for
the conceptual designs developed in subsection 2.3 of this report. For this
analysis, it was assumed that the spacecraft moments of inertia are the same-
around all axess R

These curves show that for a nominal maneuver rate, say .l1°/sec, the
Jupiter orbiter attitude~control subsystem should have about 50 newton-meters
torque and be sized for at least 103 newton-meter-seconds/month. The equivalent
solar probe parameters are about 20 newton-meters torque and about 500 newton-
meter-seconds/month. These represent the stabilization requirements for the
low~thrust attitude-control subsystem.

At this point in the development of conceptual designs, the exact mo-
ments of inertia, thruster lever arms, and thrust levels are not known. The
above requirements are therefore not exact. However, these control character-
istics are reasonably close to the proper values and will be used in this study'
as the spacecraft requirements.

Superimposed on the above requirements is the presence of disturbing
forces peculiar to the space enviromnment. —Solar pressure, micrometeoroid im-
pacts, gravitational gradients, and antenna gimballing all produce minute but
significant disturbing torques. At close-solar distances, an offset between
the center of pressure of solar radiation and the center of mass of the vehicle
will also produce a disturbing torque., The low-thrust attitude-control system
must be capable of overcoming these torques at angular rates great enough to
prevent loss of Sun and Canopus lock.

To estimate the magnitude of these effects, consider a body about 2.5 m
in size, .50 reflectivity, and a deviation of ,25 m between the centers of
pressure and mass. This is not an exact replica of the spacecraft configura-
tions developed, but will provide an appreciation for the forces which are of
interest. The following table then summarizes the results of the disturbing
torque ana1y51s.

Table 2-15., MAGNITUDE OF DISTURBING FORCES

APPROXIMATE RESTORING
DISTURBANCE TORQUE MOMENTUM
(newton-meters) (newton-meter-sec)
Solar Radiation: : . ,
.1 AU 3.3 x 1072 90.0
2.7 AU . 2.85 x 10-6 75
5.2 AU 4,3 x 10-7 .63
Meteoroid Impact:
1 x 10-5 gms/sec 2.7 0-4 ~ 430
7.5 x 10~7 gms/sec 7.5 x 10-6 21.0
Antenna Gimballing: 1.4 x 10-2 ~2800.0
Gravitational Gradients: (Negligible) (Negligible)
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It can be seen that of the disturbing parameters, antenna gimballing is the
most severe. Also, if larger meteoroid fluxes are encountered, this impulse

requirement is very significant.

To determine the total impulse requirement of-a -high-thrust attitude-
control subsyStem the disturbing torques must be known. At this time it is
impossible to estimate the tumble rates at booster separation or in the event
of an asteroid-mass impact. However, these should be of the same order of
magnitude or less than the thrust misalignment torque at planetary braking.

It will therefore be assumed that this latter maneuver represents the design
condition for the high-thrust attitude-control system for the Jupiter orbiter.
The solar probe does not have propulsion and does not require such stabilizatiom.

The planetary-capture thrust and misalignment torque will be depend-
dent on the spacecraft mass, moment of inertia, and propulsive system used.
As a maximum case, the LEM ascent-stage motor can be considered. With a mis-
alignment of 2°, disturbing torques can be as high as about 200 newton-meters
for the configuration developed in subsection 2.3 for the Jupiter orbit. Figure
2-101 presents the trades of thrust and moméfnt arm for the attitude-control sub-
system to react this misalignment. It can be seen that relatively high thrusts
are necessary, even-at-large moment arms. .. ._ ;

To summarize the anticipated total impulse requirements for the Jupiter
orbiter/solar probe, Table 2-16 shows nominal values with lever arms of about
2 m. These were selected for a typical trajectory and configuration and would
change with different spacecraft and missions. For the purposes of this study,
they will be considered the design conditions.

At close distances to the Sun, the radiation pressure is very intense.
This leads to consideration of utilizing this pressure to help stabilize the
solar probe towards the Sun. This concept was used in the Mariner IV program
and should offer significant advantages for a close solar probe. Thermal con-
trol of the surfaces may be a problem. However, as discussed in subsection 2.2.4. 2,
conical surfaces of the proper 1/d configuration and material can be directly
exposed to the Sun at close solar distances without exceeding the temperature
limits of the structure. An analysis was therefore conducted to determine the
effectiveness of solar vanes for attitude control.

The sources of torque in a radiation attitude-control system arise from
a momentum transfer from individual photons and particles. The reflectivity of
the surface is therefore important. Also, torques arising from the spacecraft.
itself must be accounted for. If large differences in the amount of radiated
energy from various parts of the satellite occur due to differences in temperature,
color, or surface characteristics, it is possible that large disturbing torques
will be present. Thus, this concept requires careful design of the entire
~ spacecraft.

The pressures arising from the solar radiation come from two sources:
electromagnetic radiation pressure and solar wind pressure. The electromagnetic
radiation pressure is a function of the distance from the Sun and reflectivity
of the body. Figure 2-12 shows this pressure over the range of parameters of
interest. The solar wind pressure is variable and, due to the rotation of the
Sun, not exactly radial. Little data is currently available, but based on the
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Mariner spacecraft experiments, gross estim: les can be made at this time. This
is shown in Figure 2-103. It should be note: that this pressure is strongly de-
pendent on solar surface activity and can Viity considerably within the values
shown herein. However, the pressure contri:.ition of the solar wind is very
small compared to the electromagnetic radiaiion pressure and only the latter
effect need be analyzed for the passive att:iude-control subsystem.

To convert this data to attitude cci-irol restoring torques, the con-
CEptS Smarized in Figure 2-104 were dEVEIC:‘\;)d. It can be seen that for reason- -
able configurations the solar pressure cont=yl subsystem produces quite small
forces. To obtain reasonable torques, long moment arms must be considered for
the control subsystem surfaces. This poses problems with thermal control of
the booms or other structure supporting the surfaces from the spacecraft. By
using large conical surfaces, it is believe: that torques of the order of mag-
nitude of 3 x 10-3 newton-meters can be ach.oved for a reasonable configuration.
A review of Table 2-16 shows that this is t™~. same order of magnitude as the
antenna gimballing and other disturbing tor:ies., It can be concluded that the
use of solar vanes will significantly cont:.bute to the spacecraft stabilization
at close-solar distances. =

In the deep regions of the solar svstem after the solar probe has been
separated from the Jupiter orbiter spacecra::, the solar radiation pressure
attitude-control subsystem will be inadequz:. to orient the probe. 4An active
subsystem using reaction gas nozzles will o required. It can be shown this
subsystem is certainly useful at close-sola: djstances, also. The solar probe
primary shadow shield must be continuously Jsviented toward the Sun during the
close-solar approach. The perihelion veloc:ty of the spacecraft is very high,
as is the yaw rate to maintain orientation. For a typical mission, the close-
solar probe travels from easterly to westerly elongation in about 7 days. This
corresponds to a continuous yaw rate of 3 x 10-4 degrees/second. For the mo-
ments of inertia expected for the configurz:ion in subsection 2.3, maneuver torques
of about 10-%4 newton-meters are required. TWis can be achieved by solar radiation
pressure with the configurations under stul\y. The reaction gas system can be
used during the close-solar approach to maiatain the gross Sun alignment of
the spacecraft with the solar vanes acting ss a redundant attitude=-control sub-
system.

The most common attitude-control SL;\.\:;ystem used on Spacgcraft today is
the reaction-gas subsystem. Much work and :nalysis has been undertaken on these
systems so that their performance and limit.itions are well documented., Table
2-17 summarizes the primary characteristics of the three common concepts and
Figure 2-105 presents the general mass trade<-off relationships. The latter figure
also indicates the order of magnitude of ths total impulse anticipated for the
Jupiter orbiter/solar probe. It can be seeun that for the Jupiter orbiter a cold
gas system is many times heavier than either the monopropellant or bipropellant
systems. Also the bipropellant system does not offer a significant performance
improvement at low total impulses over the wonopropellant system considering
the decrease in the reliability which the bipropellant system would impose on
the spacecraft.

The midcourse maneuver generally cousists of a number of separate cor-
rections with a total impulse requirement ot about 1.4 x.100 newton-seconds.
Thus, a dual subsystem for midcourse correct{on and attitude control would have
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Table 2-17.
REACTION GAS SYSTEMS FOR ATTITUDE CONTROL

Engine
Performance Storage System
Control System (Pulse-Mode) Requirements Performance Reliability
e Stored Gas I =65 sec Large number of e For total impulse Simplest and
(unheated Nz) 5P leak-tight valves. <900 Newton-seconds| most reliable
Response No temperature lightest weight s
~,010 sec to problem although system.
90% chamber should be kept

pressure. [ high. ®

= 180 sec e

Longest lifetime. ‘

Fuel freezes at | @ Generally light= ;o. More reliable

chamber pressure

Large number of

but € 3000 Neivton

stored gas.

L91-2

e Mono-propellant |e IS I
(.75 N2H4 = P 255°K and must- est weight system | than bi-pro-
Response ~,035 be insulated. for total impulse | pellant but
.25 N2H5N03) sec to 90% ' ' < | > 900 Newton sec E ' less than
i
|

(warm bed) leak-tight' valyes | sec., |
and regulators. l
? | @ Lifetime longer !
R | than bi-propellant. ||
T T . , - “oF
e Bi-propellant e I = 200 sec |® Propellant| freezes e Optimum for total |e; Least reliable

at 261°K so must

(N,O,/.5 NJH, = s |
274 274 ' be insulated.

e Response.045 i
sec to 90% chamber|
pressure. T.

impulse »3000 !
Newton seconds.

tive cooling. | Large number of e Shortest life. ;
| leak-tight valves

y- and regulators.
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to provide up to 1.5 x 10® newton-seconds total impulse. Table 2-18 summarizes
the subsystem mass for different operational modes which can be considered. It
can be seen that some mass saving could be realized by using a complete bipro-
pellant system at these total impulses. However, the reliability of bipro=-
pellant equipment is relatively low, especially for subsystems such as attitude
control which are actuated very often for short burn times. Based on previous
experience, the weight penalties of using the monopropellants for attitude con-
trol should be accepted to maintain the subsystem reliability required. The
monopropellant attitude-control subsystem was selected for the Jupiter orbiter.
Both the high-thrust and low-thrust systems can use common propellant storage
tanks.

It should be noted that subsystem mass is strongly influenced by the
thrust misalignment torques at planetary capture braking. The preceding analysis
used a total impulse of 7 x 104 newton-seconds for this function. This is rather
high and represents a worst case condition. To optimize the spacecraft design,
great care should be taken to permit symmetrical loading of the spacecraft and
accurate alignment of the thrust vector at spacecraft assembly. Common practice
for other propulsion systems in the space program specifies actual thrust mis-
alignments less than one degree. The Jupiter orbiter spacecraft monopropellant
attitude-control subsystem will be designed for.a total propellant mass of
about 80 kg which assumes that thrust misalignment of the planetary capture
propulsion subsystem will be held to about .75 degrees. -

The midcourse correction subsystem on the Jupiter orbiter could logi-
cally be a bipropellant subsystem using the propellants stored in the Jupiter
capture propulsion subsystem tanks. This concept requires that the main tanks
be kept pressurized throughout the mission. The disadvantage of maintaining
this pressure is that the propellant lines and subsystem components will be
subjected to working pressures for extended periods of time. This will have
an effect on subsystem reliability. However, it may be argued that the sim-
plicity achieved in integrating these propellant functions rather than pro-
vide a separate propulsion subsystem will offset this.

For the solar probe, the distinction between subsystems is less clear
and to keep the tank volumes small, the monopropellant subsystem was selected.
About 15 kg of propellant are required for the total impulse and thrust level
discussed in the preceding subsection.

. To summarize the selected systems, Table 2-18 presents the propellants,
mass, and control parameters for the Jupiter orbiter/solar probe.

2.2.7 Guidance and Navigation

The guidance concept considered is the multiple - impulse radio com-
mand midcourse guidance system used in the Ranger and Mariner missions. The
basic requirement is that the spacecraft have all the necessary onboard 'logic
and control to complete its entire mission except for the numerical values of
navigational quantities necessary for midcourse and terminal maneuvers. The
navigation necessary to define the midcourse and terminal maneuvers will be
based on a two-way Earth communications system with angle-tracking, doppler,
and ranging information being analyzed to determine the proper maneuver com-
mands. This guidance concept requires full attitude stabilization and is de-
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Table 2-18.

REACTION GAS SYSTEM MASS

Jupiter Orbiter Spacecraft

]

GONTROL PROPULSION SYSTEM MASS

Low thrust High thrust Course Correction Monopropellant | Bipropellant | Total
Monopropellant Monopropellant Monopropellant 700 kg — 700 kg
Monopropellant Monopropellant | Bipropellant 550 170 kg#* 720
Monopropellant Bipropellant Bipropellant 275 170  * __ 445

1 Bipropellant Bipropellant | Bipropellant s 190 * 190

ATTITUDE CONTROL SUMMARY FOR JUPIfER ORBITER/SOLAR PROBE
D e PROPELIANT __|_TOTAL IMPULSE _ | __  _ _ THRUST LEVEL SYSTEM MASS |
Jupiter Solar Jupiter ' Solar Jupiﬁer Low| Jupiter High | Solar | Jupiter Solar
Stabilization Mono. Mono. |3.5 x 104;5.6:c103 25 newtons -— 15 new. |\ 15 kg
| i 4

(Low thrust) SO (n. sei) (n. sec) BB - N . A 120 kg
Stabilization Mono. — 7 x 10 —_ < 100 newtons — ' —_
(High thrust) ) i i . -

| Course Correction Bipro. = 1.4 x 106 = | — 1000 newtons | « — 1170 kg e

* d é :
Assuming bipropellant storage in planetary capture prolesi&n system tanks. i f
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pendent on reliable communications over much greater transmission distances than
have been previously attempted. '

Attitude stabilization will require slaving two spacecraft axes to suit-
ably selected celestial bodies so that inertial directions are continuously
known with respect to the vehicle. Previous experience indicates that the Sun
and the star Canopus are ideally suited for references. The Sun is ideal pri-
marily because of mathematical convenience and also because well-designed .un
sensors are available. Highly reliable units will be available in the next de-
cade with accuracies better than 0.1 degree.

The star Canopus lies about 15° off the south celestial pole. It is a
bright star and sensors are also available. In the next decade multiple-star
trackers may be available to supplement a Canopus sensor and increase system
accuracies. These devices accept light from many stars and track a portion of
the star field. They have the potential advantage of nearly eliminating the
problem of false identification.

For the early phases of the mission, prior to establishment of the
heliocentric coast attitude, a secondary reference system is needed onboard
the spacecraft. An inertial unit containing ‘three gyroscopes must be included
to permit the spacecraft to perform search modes to acquire the Sun and Canopus.
This system is also necessary if the primary heliocentric coast reference frame is
lost during the mission. The vehicle can initiate procedures for solar and Cano-
pus search modes or orient an antenna to Earth using the secondary reference
frame.

Floated rate-integrated gyros mounted to the body of the spacecraft will
probably be utilized. In the next decade, other inertial components such as
vibrating reed and fluid rotor gyroscopes may be available. They will provide
greater reliability for the same accuracies.

There does not appear to be any particularly difficult problems as-
sociated with guidance and navigation for the Jupiter orbiter/solar probe mission
other than subsystem reliability for the long durations.

2.2.8 Reliability Analysis

If there is more than one identical spacecraft available for launch in
a space program, the probability of total program success can be defined as the
probability that at least one of the spacecraft properly completes its mission,
It can be shown that the mathematical relationship governing this probability
is as follows:

Pp=1-(1-p",

where Pp = probability of total program success
p = probability of success of one spacecraft
n = number of spacecraft in program.

This equation assumes that the probability of success of all the indivi-
dual spacecraft in the program is identical. Figure 2-106 graphically depicts
this relationship. The following discussion is presented to estimate the number
of spacecraft required for a combination Jupiter/solar probe for a given program
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® PT =1 - (l-p)n

e PROBABILITY OF SUCCESS IDENTICAL FOR EACH SPACECRAFT

NUMBER OF
SPACECRAFT

1.0 —— /
%k ///// - pd
, A
// ;

PROBABILITY OF SUCCESS OF OVERALL PROGRAM

4 -5 .6 .7 .8 .9 1.0

é PROBABILITY OF SUCCESS OF ONE LAUNCH

Figure 2-106. PROBABILITY OF PROGRAM SUCCESS AS A FUNCTION OF MULTIPLE SPACECRAFT LAUNCHES
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success goal.

The probability of success of any one spacecraft is as follows:

g (ppdlead B Yvve s lpnds - o .

where p1, P2, P3s.-.P, are the success probabilities of various functions of

the spacecraft. For the purposes of this analysis, it can be stated that the
functions of interest in a deep-space probe are those defined and discussed -
below.

p, = probability of successful Earth launch and injection. This is a
function Of the reliability of the launch vehicle, ground tracking and command
systems, and ejection propulsion system.

pz = probability of electronic system success. That is, lack of random
failures of electronic components., Such failures are naturally inherent in any
spacecraft and can be minimized only by careful system design, proper testing,
and improvement in the mean-time-to-failure of the components themselves.

p3 = probability of avoidance of damaging impacts with asteroids, -This
is an independent function., Proper selection of launch dates and interplanetary
trajectories can maximize successful avoidance., . - : .

P4 = probability of success of all spacecraft subsystems such as proper
thermal control, power generation, structural integrity, etc. This implies
the successful completion of all maneuvers such as Sun and Canopus acquisition,
midcourse corrections, braking maneuvers, etc., These are dependent on many
onboard spacecraft subsystems acting in proper conjunction with one another.,

P5 = probability of proper design and installation of the scientific
experiments so that the data returned is valid and interpretable. For missions
to unknown regions of the solar system and distant planets this can become an
important aspect of program success.

Pg = probability of successful operation of the ground systems associated
with tracking, command and control, data retrieval, etc.

From this list, it can be seen that the accurate prediction of the pro-
bability of program success is very complex. In this analysis only the problems
associated with the spacecraft will be considered and it will be assumed that
successful ground-system operations are achieved. Also, no attempt will be
made to evaluate the probability that onboard experiments are valid. These
assumptions are equivalent to stating that Ps = Pg = 1. The initial equation
defining the probability of any one spacecraft's success then reduces to:

The following subsections discuss these parameters in detail and present
a range of values for p,, Py P3» and p;, to be expected for the Jupiter orbiter/

solar probe. Anticipating those results and summarizing the probability of total
program success, Tables 2-19 and 2-20 present the parametric data developed in
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this study for the spacecraft on a 600- and a 1200-day mission. This is be-
lieved to represent the range of mission durations typical for Jupiter/solar

probes. Based on the assumptions shown with the data, Tables 2-19 and 2-20
present the total individual spacecraft success versus launch year. These i
values can then be used in conjunction with Figure 2-106 to indicate the num-
ber of spacecraft required to achieve any given total-program-success godl.

For the Jupiter orbiter/solar probe mission with both spacecraft launched
together, complete mission success can be defined as both probes from one launch
successfully completing their experiments. ~Likéwise, partial mission success can
be defined as only one of the probes of any one launch completing its experi-
ments. For the latter case, total program success can then be achieved only
by another launch of both spacecraft (because of the integrated design) even
though one probe has already been successful. Thus, for the purposes of this
study to determine the number of spacecraft desired in the program, this latter
case can be considered as a failure since another launch is necessary.

If it is assumed that the Jupiter probe has a mission life of 600 days
and the solar probe a mission life of 1200 days, the total probability of success
for any one launch is the product of the individual spacecraft successes shown
in Tables 2-19 and 2-20 . Finally, Table 2-21 summarizes the number of space-
craft required in the program for various program-success goals, Because we
are considering SATURN V launches, it can be concluded that it will be expen-
sive to achieve very high program-success probabilities with a conservative
extrapolation of subsystem failure rates. Up to 4 SATURN V launches may be
required early in the next decade. :

2.2.8.1 Probability of Successful Launch (p1). The history of American launch
vehicles is summarized in Figure 2-107 . This curve is a comparison of some of
the more commonly used boosters developed in this country for unmanned satellites
or space probes. The data shows the history of the cumulative probability of
successful launch on an annual basis throughout any booster's program, That is,
at the end of any given year, the curve indicates the proportion of successful
launches completed to that date.

It can be seen that, except for Juno II, all programs exhibited a steady
improvement early in their history and then a general tendency to level off.
For this to occur, the probability of success for each individual launch must
continuously increase throughout any program. This effect is shown in Figure
2-108 for the same launch vehicles, On this curve, the probability of success
for each specific launch is shown throughout the space of the U. S. booster
development program.. A range of values due to the spread of data in Figure 2-107
occurs for the early portions of the space program.

This data shows that a reasonably high launch reliability is currently
possible. Extrapolating into the next decade, values greater than .97 for any
one launch appear possibie.

Because this data is a composite of many launch vehicles, it may not be
exact for a specific booster type. For example, the Thor-Delta booster has
demonstrated an individual performance history better than average and the
SATURN and Titan families have experienced perfect performance. However, for
the purposes of this study, the extrapolation shown on Figure 2-108 was used.
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PROBABILITY OF JUPITER ORBITER SUCCESS

Table 2-19,

FOR 600-DAY MISSION

- Year

Parameter - 1968 1970 1972 1974 1976 Agsumptions

p1 = probability of .971 .976 .980 .983 .985 Extrapolation of past

successful launch. booster history.

Py = probability of 915 .940 .952 .956 .957 Two complete and equal

electronics success. electronics systems. Two
component failures end one
system's usefulness. Con-
servative failure rate
extrapolation.

Py = probability of .99 .99 99 .99 .99 Postulated asteroid flux.

avoidance of asteroid- Average asteroid velocity =

induced failure. 30 km/sec. Time in asteroid
belt = 16% missdon duration.
Structural skin density =
336 kg/m>.

s 1 —
Py = probability of «955 .965 .975 977 .980 Extrapolation of past system
systems success. history.
.840 .876 .899 .966 .969 Combined Probabilities.

¢L0-9-€/262-¥1



9.1-C

Table 2-20.

PROBABILITY OF CLOSE SOLAR PROBE SUCCESS FOR 1200-DAY MISSION

Parameter vear 1968 1970 1972 ' 1974 1976 Assumptions/Remarks
Py = probability of 971 .976 .980 , .983 .985 Extrapolation of past
successful launch. ‘ booster history.
1
Py = probability of .85 .89 .91 . .92 .924 Two complete and equal
electronics success. ! electronic systems. Two
| ' component failures end
I one system's usefulness.
j Conservative failure rate
: extrapolation.
Py = probability of .98 .98 .98 .98 .98 Postulated asteriod flux.
avoidance of asteroid- | Average asteroid velocity =
induced failure. i 30 km/sec. Time in asteroid
belt = 16% mission duration.
Structural skin density =
o I JE—— 1 | - 336 kg/m2. _ 3
Py = probability of «955 .965 .975 4 977 .980 Extrapolation of past system
systems success. 1 history.
P = (pl)(pz)(pa)(p4) 5 | .820 .853 ‘. .865 .873 Combined Probabilities.
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Table 2-21.

NUMBER OF SPACECRAFT REQUIRED TO ACHIEVE DESIRED SUCCESS PROBABILITY FOR
JUPITER ORBITER/SOLAR PROBE

Probability | Probability } Probability [Mission | Number |Mission | Number | Mission | Number
Year of success of success of success success | of space-| success | of space~| success |of space-
of Jupiter of solar per launch goal craft in goal craft in goal |craft in
probe probe program program program
1968 -840 «771 .648 .8 2 .9 3 .99 5
1970 .876 .820 .718 2 2 4
1972 .899 .853 .768 2 2 4
1974 .966 .865 .836 1 2 3
1976 .969 .873 846 T 1 v 2 3
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2.2.8.2 Probability of Success of Electric Components (le' Due to the normal
problems associated with manufacturing, testing, and operating, all components

in electronic systems are subject to random failures. Improvement in fabrication
techniques in recent years have greatly reduced the probability—of these failures
and further advances are expected. Figure 2.109 shows the evolution in electronic
component failure rates since the beginning of the space age. This data was
compiled from research completed by the Bell Telephone Laboratories on the elec-
tronic failures of American space systems to date. —It should be noted that this-
data and the following analysis does not include such system failures as poor
solder joints, short circuits, broken wires, etc. The results must thHerefore

be qualified somewhat to account for these modes of electronics failure.

In this analysis, a weighted average was developed and extrapolated
into the next decade. This weighted average, shown on Figure 2-109 , is based
on what is considered the typical proportions of electronic components in space
systems. Any specific satellite will deviate from this breakdown but probably
not enough to significantly alter the broad results of this study.

Both a conservative and optimistic extrapolation of the expected com-
ponent failure ratio was made to visualizeithe effects of this uncertainty.
It will be shown that a significant difference in the predicted probability
of program success will occur due to these.-different extrapolations.

The failure rates of electronic components can be converted to mean-
time-to-failure (MITF) through the use of Figure 2-110 . In this relationship
the number of components onboard the spacecraft are important and, the figure
shows typical values for small satellites, large deep space probes, and Apollo-
type manned systems.

It should be noted that these curves assume that one component failure
results in termination of the system life. This may be true if the component
is in a critical circuit, but in the past some spacecraft have experienced one
or two component failures and still remained in operation. Although their use
may be compromised, such occurrences cannot be categorized as program failures.
We will discuss later the effects which accepting multiple component failures
have on the probability of system success.

The system MITF can now be converted to probability of success through
the well known exponential reliability law noted on Figure 2-111 . Finally, all
this data can be combined to show the probability of electronic system success
as depicted in Figure 2-112 ., 1In this figure, the effects of variances in
extrapolating the component failure rate data as discussed above are apparent.
If component failure rates are improved according to the optimistic extrapo-
lation, very high electronic system reliability can be expected in the next
decade. However, for the conservative extrapolation, means to further im-
prove the system reliability should be considered.

The technique most often used for increasing the probability of
electronics success in space systems is redundancy. In this analysis, two
techniques were studied as follows:

e Provide one or more equal onboard electronic‘systems which all
operate continuously. The failure of one system does not interfere
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with the operations of the other systems. System lifetime require-
mént is identical for all systems and equal to the mission lifetime.

e Plovide one or more equal onboard electronic systems which are
operated sequentially. At some predetermined point in the mission
or at the time of one system failure, a new electronic system,
which has not been used up to that time, is activated. System
lifetime is, on the average, only the 1/n proportion of the mission
lifetime where n is the number of equal onboard systems.

Figure 2-113 indicates the improvements to be expected in the first case,
These curves were drawn for a specific failure rate of 2 failures per 109 part-
hours as an example. For other failure rates the same effects would be noted
but the position of the curves would be displaced on the grid. From this data
it.can be seen that, as an example, to achieve a .9 probability of success for
a 1200-day mission (approximately 3.3 years), five equal redundant electronic
systems are required onboard the spacecraft. It can also be seen that to in-
crease the probability of success to .99 an absurd redundancy of about 58 equal
systems is necessary., A review of Figure 2-106 will show that it appears to be
more reasonable to provide more than one spacecraft im a program to achieve high
program-success probabilities if the failure rate depicted in Figure 2:113 has
to be accepted. ' i

For the second mode of redundancy, i.e., sequentially switching elec-
tronic systems, the lifetime for which any one compoment is expected to operate
is considerably reduced but the problems concerned with storage, checkout, and
inflight switching are introduced. It is not known at this time what probability
of success can be expected for such functions. However, the parametric data
summarized in Table 2-22 indicates that for the first half of the next decade,
switching reliability must be of the order of .985 to more than 1.0 for this
operational mode to show an advantage in overall mission probability of success.
This approach appears useless for further consideration.

In all of the preceding analyses, it has been assumed that one electronic
component failure constitutes a system failure. As discussed earlier, this may
occur if the component 1is in a critical circuit. However, space systems have
survived single failures many times in the past. Figure 2-114 shows the proba-
bility of electronics success for various multiple component failures. Con-
siderable improvement can be noted if the spacecraft can accept more than one
failure. This effect, combined with redundancy, raises the probability of
success to satisfactory values in most cases.

To summarize this analysis of electronic compoment failures, let us
postulate a typical mission, and develop the probability of success of the
electronics systems for a single spacecraft. Consider a 1200-day mission as
an extreme example, launched in 1974, From Figure 2-114 , a total electronics
system success of ,735 can be expected for the conservative extrapolation of
component failure data., If we are lucky and the spacecraft survives one com-
ponent failure, Figure 2-114 shows that this value is increased to .85, Finally,
by providing completely redundant electronics, a further increase to .92 is
achieved.

By a similar process, the data presented in Tablés 2-19 and 2-20 was
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Table 2-22. SEQUENCING DUPLICATE SYSTEMS TO ACHIEVE DESIRED MISSION SUCCESS

7 Y
Ps U5 ®s 7% P |
- Yoy ; Pswa
PT = (PSW) (PS)
P
T t P P SW
Year (days)| (days) B : Reqmt.
600 | 200 |.871 | .658 | 1.00
1968 | -
7% 1 1200 | 400 |.757 | .436 | 1.00
600 | 200 |.931 | .813 |>1.0
1970
1200 | 400 |.870 | .660 |>1.0
[ 600 | 200 |.943 | .843 [>1.0
1972 |~
1200 | 400 |.891 | .710 [>1.0
600 | 200 {.949 | .858 [>1.0
1974 !
1200 | 400 ".901 | .736 |>1.0

o pT i
7
'8 - /Cju.ﬂfﬁu,a
B
SW 2
PT = Psw(PS)
Year I = PS PT PSW
(days)| (days) Reqmt.
T 600 | 300 |.817 | .658 | .985
| 1200 | 600 !.658 | .436| .995
600 | 300 (.900 | .813 | .995
Y98 e : 5
1200 | 600 |.813 | .660 1.000
600 300 |.918 | .843 ] 1.000
1972 '
1200 | 600 |.843 | .710 |1.000
600 | 300 |.925 | .858 [31.000
}1974 1200 | 600 |.858 | .736 >L.000
=}
Definitions:

T

failure terminating system life.

P, = System probability of success of lifetime"t.

rd
Il

T = Total mission duration.

t = System average lifetime requirement.

Switching probability of success required to achieve at least P

P, = Total probability of success to duplicate single systemjoperatinn with no

Tl

redundancy and one component
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prepared to indicate the estimated electronics reliability for spacecraft
through the early part of the next decade. As noted earlier, such failures
as poor solder joints, short circuits, broken wires, etc. are not accounted
for herein and the data must be considered a little optimistic because of the
possibility of these failure modes occurring.. re -

2.2.8.3 Probability of Asteroid Avoidance (p3). All of interplanetary space is
apparently filled with particulate matter ranging from microscopic dust to large
asteroids. The asteroid belt, lying between Mars and Jypiter contains the
greatest mass concentration. Accurate data on the size and flux of this matter
is not available, but fragmentary results from astronomical observations and
the few interplanetary probes launched to date give preliminary indications of
two classes of particles of apparently different origin, The most common are
asteroidal particles, with a density of 3 to 8 gm/cc, concentrated in the as-
teroid belt and diminishing in flux both towards the Sun and outward to deep
space. The others are cometary particles, with a density of less than 1 gm/cc.
These are more common close to the sun and decrease in flux with increasing
distance from the Sun. Concentrations of these particles have been detected
in what is believed to be cometary orbits.

Figure 2.115 shows the postulated flux versus particle mass and dlstance
from the Sun for both the cometary and asteroidal particles. These meteoroid
models were developed under NASA contract NAS9-3499 (reference 2l ) for studies
of manned Mars and Venus flyby using Apollo hardware and systems.

Spacecraft failures can occur by either a direct impact with a large
asteroid or a long-term erosion due to continuous bombardment by micrometeorites.
For the latter case, empirical design laws for structures have been developed
and used successfully. Erosion of thermal-control surfaces, solar cells,
antennas, etc. is of concern but is difficult to predict and can usually be
accounted for in the spacecraft design. For the purposes of this analysis,
it will be assumed that deterioration of the spacecraft due to general erosion
can be accepted and will not lead to a mission failure.

It is then of interest to determine the probability of impact with a
large asteroid which will destroy the spacecraft or cause a mission failure
by puncture of a system. The minimum size asteroid which is of concern is
dependent on the relative velocity. This relationship is shown in Figure 2-116
for a range of particle densities. For this analysis, it is assumed that par-
ticles having enough energy to penetrate a .l-to ,5-cm thickness of aluminum
are of concern,

By combining this data with Figure 2-115 and assuming a spacecraft cross-
section of 2 mZ, the probability of an asteroid collision for a 600-day mission
can be estimated assuming one passage through the asteroid belt. This is shown
in Figure 2.117 for cometary and asteroidal meteoroids and a range of particle
penetration energies. Superimposed on this data are lines of meteoroid helio-
centric velocity., It can be seen that for am average particle velocity of 30
km/sec, which is postulated for interplanetary space, very significant numbers
of meteoroid impacts will occur. In fact, the probability of avoiding particles
of the size believed to be of concern is zero for the asteroidal meteors.

It is important now to evaluate the above analysis in terms-of space-
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craft failures. Much work has been completed on meteoroid shielding designs
for interplanetary spacecraft under various NASA and USAF contracts. For this
analysis again, the work completed under NAS9-3499 which is associated with the
meteoroid models of Figure 2-115 will be used. Thus, Figure 2-1181is presented
from reference 21 for various structural conecepts. It can be seen that sophis-
ticated and heavy structures are required to achieve satisfactory probabilities
of success. For use in Table 2-19 and 2-20 , the design point indicated on
Figure 2-118 was used and it was assumed that the probability of puncture was
identical for the inbound portion of the 1200-day mission..- -

Knowledge of the asteroid concentration in space is limited at this
time and the above analysis must be considered approximate. The asteroid belt
particle flux is particularly unknown. As further data becomes available, the
above analysis could be refined to better estimate the probability of collision.
Also, much work is underway to develop self-sealing structures for interplanetary
vehicles. As such concepts are further developed, the probabilities of failure
due to meteoroid impacts will decrease and alter the above analysis accordingly.
Figure 2-119 summarizes the work completed under Contract NASR-102 (raference 26)
which shows that, for the missions under consideration herein, self-sealing struc-
tures may permit essentially no failures. This work must be considered prelimi-
nary at this time, but these concepts-may-offer - increased protection in the next
decade over that shown in the preceding analysis.
2.2.8.4 Probability of Subsystem Success(p,). The analysis of the success to be
expected from subsystems other than electronics is again based on an extrapola- -
tion of past satellite data in this report. The degree of detail comparable to
the data compiled for electronic component failures is not available, but a re-
view of American satellites launched through December 1965 is presented in
Figure 2-120. This curve shows the cumulative propulsion and mechanical fail-
ures which have occurred for satellites in orbit.

Some difficulties in developinrg this data should be mentioned to obtain
the proper study perspective. First, it is often difficult to distinguish what
satellite failures are not electronic since electrical systems are so integrated
with the other systems. For example, a failure to deploy a boom or antenna was
considered a mechanical failure in this analysis although it is realized that a
failure in an electronic system, component, or connection may have been the rea-
son the deployment did not occur., Likewise, a propulsion system failure may in
fact be traced to an electronic failure in the same or other subsystems. Never-
theless, to be conservative, the data in Figure 2-120is considered to be indi-
cative of the subsystem failures to be expected.

The second difficulty experienced in developing this data is the inclu-
sion of lifetime considerations. A review of the satellite failures shows that
subsystem failures of this type usually occur early in a satellite's history.
Once these subsystems have been actuated, they are not usually expected to op-
erate again. For example, the deployment of booms is mot a repetitive procedure.
Also, once propulsion maneuvers are undertaken to achieve certain desired orbits,
the propulsion system is never reactivated, Thus, the different requirements of
the Jupiter orbiter/solar probe, wherein mechanical and propulsion systems are
to be actuated after more than a year's storage in space is not really duplicated
by the data shown in Figure 2-120. In lieu of better data these probability
histories were used in this analysis.
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The subsystem success probability in the next decade is shown in
Table 2-23. 1In this table, a constant .995 factor was added to account for
other subsystems and contingencies in order to be conservative.

Table 2-23. SUBSYSTEM SUCCESS PROBABILITIES

Year
Subsystem 1968 1970 1972 1974 1976
Mechanical .970 .980 ' .9%0 .993 «995
Propulsion .990 .990 .990 .990 .9%0
Other .995 «995 +995 .995 .995
Total . 935 . 965 .975 977 +980
2,3 SPACECRAFT CONCEPTUAL DESIGNS

One of the primary purposes of the study was to investigate the feasi-
bility of using Apollo spacecraft modules (i.e., the Lunar Excursion Module,
Apollo Service Module, or Apollo Command Module) to perform deep space un-
manned interplanetary missions. As noted in the report of work previously com-
pleted (reference 1), this is not easily accomplished. The Apollo modules
represent unique designs for undertaking a manned lunar landing mission., Mass,
volume, subsystem performance, structural criteria, comrfiguration, and many
other parameters are incompztible with unmanned exploration of the solar system.
In this study, therefore, emphasis was placed on the use of existing subsystems
and hardware developed in the Apollo program rather than the major modules
themselves. As will be noted below, existing propulsion subsystems were adapted
to these missions. This is economically advantageous as these subsystems usually
. represent the greatest development effort in a space program.

The data of the preceding subsections presented preliminary indications
of many features of the Jupiter orbiter/solar probe. Im particular, the thermsl
control analysis of the close solar probe dictated the general arrangemert of
that spacecraft to a great extent., Other analyses of advanced missions to be
presented in Section IITI of this report also exerted am influence on the sizing
of the spacecraft, ;

The spacecraft configurations are constrained by the interface require-
ments and aerodynamic shroud of the Saturn V launch vehicle. Throughout all this
study effort, the standard MSFC nose cone for the Saturn V booster was retained.
Also, room was allotted for the S-IVB instrument unit (IU) cable rack located
around the periphery of the IU above the staging plane. Based on these con-
straints, the launch configuration depicted in Figure 2-121 was developed for
the Jupiter orbiter/solar probe configuration.

The solar probe is configured for approaches up to 0.1 AU from the sun.
A passive shadow shield nose cone is used with a superinsulation-protected
secondary shield. To assist the monopropellant attitude-control subsystem,
solar vanes are installed which provide significant stabilizing torques. The
close solar probe has no propulsion and after Jupiter swiagby is incapable of
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making course corrections. The following paragraphs summarize the subsystem
features of the probe designs. '

2.3.1 Propulsion

Planetary Capture. The LEM ascent primary propulsion system, which
utilizes Earth-storable propellants, is used for the planetary capture maneuver.
The system is modified to match the Jupiter orbiter performance requirements
of this mission and is not activated until target planet encounter is achieved.

Attitude Control. The Jupiter orbiter attitude control system (ACS)
is composed of two separate systems: a low-thrust system, to provide control
during heliocentric and capture orbit coast; and a high-thrust system to pro-
vide control of the vehicle after Earth injection, to orient the vehicle for the
midcourse correction, and to control the vehicle during braking into Jovian cap-
ture orbit. The ACS consists of twelve 25-N thrusters and twelve 100-N thrusters.
Fuel is a monopropellant consisting of 25% NpHgNO3 and 75% N2Hg.

The solar probe ACS uses the same monopropellant. Thrusters are 15 N
and 12 thrusters are used.

State-of-the-art gyros can be used on both spacecraft to measure angular
rates and position changes about all three axes of the spacecraft. The gyros
would have the capability to operate in the integrating mode to provide the
necessary angular position information to establish and hold an arbitrary orien-
tation independent of the celestial reference,

Midcourse Correction. To provide the midcourse corrections a vernier
system utilizing the main propellants was selected. The system uses one 445-N
vernier engine.

2.3.2 Power Supply

An isotopic power system is installed which uses passively cooled Pu-238
units. It is anticipated that three units will be required for the Jupiter or-
biter and two for the solar probe. Batteries are used on both spacecraft for
peak loads. Because these isotopic units are a-particle emitters, shielding
is not critical.

2.3.3 Communications

A 4.5-m high-gain antenna is mounted on the Jupiter orbiter to provide
deep-space communications to the Earth's DSIF system. The antenna is not gim-
balled and pointing is achieved by attitude maneuvering. The input power level
of the system is estimated at 200 watts. Bit-rate capability will be approxi-
mately 90 bits/sec minimum under high background noise conditioms.

The solar probe uses a smaller high-gain antenna which is gimballed.
In addition, the system input power is also 200 watts.

Both spacecraft have omnidirectional antennas for transmitting to Earth
at close distances and to receive command and control orders,
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2.3.4 - Thermal Control

. In the far regimes of the solar system, thermal control for both space-
craft is achieved by superinsulation and electric heaters in critical areas.
Excess power is available from the RTG units to maintain proper temperatures
in the electronic and propulsion subsystems.

Close to the Sun, the solar probe is kept relatively cool by a passive
shadow shield. Proper attitude control keeps the spacecraft ‘equipment com- '
partment in the shadow zone of the primary nose-cone shield. A secondary flat
plate with superinsulation maintains reasonable spacecraft temperatures.

2:3:5 Guidance and Control

Sun Sensor. The sun sensors to be used on both probes consist of photo-
conductive cells connected in a bridge circuit positioned around a plane perpen-
dicular to the spacecraft axes to be controlled. The system would be mounted '
to control the yaw and pitch axes so that there is a complete 47 steradian field
of view for the Sun sensors., For the solar probe, these sensors will be kept
in the shadow coue and the bridge circuit designed to prevent the solar energy
from impinging on them, TR Eaiiie e

Canopus Sensor. The Canopus sensor will be used to ‘control the “space-
craft about the roll axis. A position error signal is derived and controlled
by an automatic-gain-control loop. The indication of the apparent brightness
of any object being tracked is the input to the Canopus acquisition logic,

Central Computer and Sequencer. The overall spacecraft control timing,
and sequencing for all operations is provided by a central computer and se-
.quencer. The design concept successfully used for the Mariner IV central com-
puter and sequencer can be applied to deep-space missions. Three counters
would be required. These are, (1) a launch counter for early events such as
activating the attitude-control system, starting the Canopus acquisition, etc.,
(2) a maneuver counter for midcourse corrections, and (3) a terminal counter
to control the planetary capture maneuver and solar encounter.

2.3.6 Inboard Profiles

A detailed mass breakdown is shown in Table 2-24 for both spacecraft.
The nominal trajectory parameters for the Jupiter orbiter are a 600-day life-
time and a capture orbit of n = 40 and r, = 1,1 Jupiter radii. The solar probe
has a design lifetime of about 1200 days to close solar approach of 0.1 AU.
Figures 2-122 and 2-123 present inboard profiles of these spacecraft.

These drawings indicate the general size and arrangement of the space-
craft systems and equipment. The Jupiter orbiter spacecraft is characterized
by its large DSIF antenna designed integral with the spacecraft. This antenna
is rigidized by a trusswork and ‘is capable of supporting both the Jupiter or-
biter and solar probe during launch.

The body of the spacecraft is a cylinder with cross-beam primary struc-

ture. A conical compartment in the center houses the LEM ascent engine which
is used for Jupiter capture braking. Propellants are loaded in the four spherical
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Table 2-24, MASS SUMMARY

ITEM - JUPITER T ‘CLOSE-SOLAR
ORBITER PROBE
Ibm | kg 1bm | kg
Structure 1770 805 450 204
Stability and Control 185 84 40 18
Attitude Control (60) (27) (40) ¢ (18)
Vernier System (125) (57) — T —
Navigation & Guidance 255 114 350 . 159
Thermal Control 100 45 30 14
Power Supply 635 257 380 172
RTG Units . (500) (228) { (335) . (152)
Distribution Po(135) | (29)~ 1T T (45) - (20)
.Communications : 115 52 55 i 25
Antenna, Support (80) (38 & == (35) - (16)
Electronics !_ (35) (16) _ (20) L (9)
Propulsion Inerts 915 415 — o=
Operational Instruments ; 150 68 75 i 34
I ki
} i
Dry Mass 4125 1840 1380 f 646
T N " i i
Unusable Fluids 275 125 — !' —
Helium - (75) (34) — -
Residuals ~ (200) (91) — ‘I —
f |
-l  Fixed Mass ' 4400 2000 1380 - 646
Usable Fluids | 5910 2680 440 200
Monopropellant i (660) (300) — —
Bipropellant (5250) (2380) . —
Cold Gas — — (440) (200)
Gross Mass 10,310 4,680 1,820 846
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tanks between the main crossbeam structure. These tanks are supported at

their center diameter by the conical thrust structure in the center of the
spacecraft and by the circumferential structure forming the exterior of the
Jupiter orbiter. A circumferential ring is designed for this purpose which
transmits the propellant tank loads to the main crossbeam structure. The
propellant tanks are stabilized by a truss network at the base of the cylin-
drical portion of the spacecraft.

The tanks for the helium pressurant and monopropellant attitude con-
trol subsystem are mounted symmetrically around the orbiter on the cross-
beam structure. Also, the electronic components associated with the various
systems are mounted on this same structure. This design permits easy access
to all the subsystems through the nonstructural top face of the spacecraft.

An exterior panel is located at one quadrant of the primary crossbeam
structure to support the experiments which are used to view the target planet.
This panel provides a flat surface which can be oriented toward Jupiter when
the spacecraft is in capture orbit and collecting data. Electronics associated
with these instruments can be installed on the rear of the panel and on the
crossbeam structure close by, Again, access can be had through the top of the
spacecraft.

Experiments which must be operated at distances remote from the onboard
systems are shown installed on booms. These instruments are magnetometers, ioni-
zation chambers, and radiation detectors. The booms are deployed after Earth
injection and are fixed throughout the remainder of the mission.

-

The configuration of the solar probe is dictated very strongly by the
design of the passive thermal shadow shield discussed previously in this report.
The primary shield is stowed during launch and erected after Earth injection.
The spacecraft itself is a cylindrical body with a conical bottom. The top of
the cylinder is the secondary shadow shield and supports a layer of superinsu-
lation. The equipment associated with the subsystems and experiments for the
probe are installed on floor structure in the cylindrical portion of the space-
craft. The conical bottom serves to contain the attitude control monopropellant
spherical tank and also act as the support structure for the high-gain communi-
cations antenna.

The high-gain antenna can gimbal through +30° for communications with
Earth. This means that during the close-solar approach when the probe must
be oriented radially toward the Sun, high-gain communications can be accomplished
only if Earth is within the 30° cone of the spacecraft's base. However, all
experimental data can be stored and transmitted at a later time when communi-
cations geometry is more favorable,

Four structural panels are installed around the base of the spacecraft
which serve a number of functions:

® They form the primary support structure for the solar probe during

launch and throughout the heliocentric coast until separation of the
spacecraft at Jupiter.
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e During the close-solar approach they act as solar vanes and add
a significant stabilizing torque to the vehicle.

e They support solar experiments which view the Sun during the flyby
maneuver. : oo

e They support and provide a shadow area for experiments which are
mounted on booms and trailed far behind the spacecraft in the
undisturbed interplanetary envirconment, L - -

Because of the high solar intensity, the primary thermal shield and four solar

vanes will be constructed of titanium. Other structural concepts are conven-

tional for deep-space spacecraft.
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SECTION III

ADVANGED MISS IONS

In the context of this study the teérm "ddvariced missions' is applied to those
mission concepts involving Jupiter capture cr gravity assist wherein the scientific
objectives of the missions are related to the specific bodyf{s) of interest aad
do not include the objectives of tne Jupiter orbiter/sclar probe missisn. More
specifically, the advanced missions considered here are exploratiom of the Jovian
moons, Saturn and Uranus capture missions via Jupiter gravity-assist, and inspection
of regions of the asteriid belt. To accomplish these missions a family of space-
craft is defined which uses the Jjupiter orbiter as a basic moduie. The advanced
mission configurations, and the data con which they are based, must be considered
preliminary at this time as many important aspects of thelr development must be
further studied in detail. One such aspect is the effect of a finite launch period
requirement.

Notwithstanding the cursory analysis of some aspects of the missicns under

consideration several significant conclusions can be reached. They Include:

1. Meaningful inspecticn of the Joviad modds “during & Sipiter capture
mission will require clese passes to the mcons. Thae present technique
of the missiocn aralyst in dealing with such trajectories, that of the

- patched conic approach, is inadequate for the Jovian satellite system.

2. Communication with acceptabie data transmissic: bit rates is feasible
for S-band systems of the Jupiter orbiter spacecraft design anywhere
in the solar system up to and including the orbit of Uranaus.

3. Inspection of some regions of the asteroid belt is an acceptable
secondary mission via a Jupiter swingby mode, but due to the imclinstion
and diameters of most of the ssteroids an inspectizn enr-ute to .Jupiter
will not be possible.

4, A family of spacecraft utilizing the Jupiter orbiter as s basic module
can be designed to provide an extensive solar system exploratisa
program, but due to the long lifetimes required, extrapclaticn of present
subsystem reliability indicates that a reascnsble mission success goal
would require a major national program in terms of Saturn V launcunes.

3.1 JOVIAN MOON EXPLORATION

During the Jupiter mission a natural scientific objective would be imspection
of the Jovian satellite system. Of particular interest, due to their size and
proximity to Jupiter, would be the four inmner or Galilean moons. The follcowing
three subsections are addressed to the problems of exploration c¢f these Jovian
moons. For background, the first subsection gives a brief description of the
orbital characteristics of the sstellite system. The second subsecticn relates
these characteristics to communication distance between the varicus mccas and
the spacecraft during a mission, and puints cut the infeasibility of using radar
detection to orient the spacecraft tc a desirable puositisn for television
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pictures by onboard command. Concluding, then, that very close passes (less
than one Jupiter radii) are required for effective inspection of the moons, the
third subsection investigates the problem of flight mechanics in the vicinity
of one of the moons and indicates the inadequacy of present techniques (other
than fully integrated machine trajectories) in deazling with this problem.

3.1.1 Description of the Jovian Satellite System

Jupiter has 12 known satellites ranging in size from 20- to 30-km
diameter to about 4000-km diameter, or approximately the size of Mercury.
The larger satellites are grouped closely about Jupiter-and revolve in nearly
circular orbits inclined at a maximum of less than 0.5° to Jupiter's equator
(ref. 34). This inner group of four satellites is known as the Galilean satellites
after their discoverer. Actually there is a fifth satellite (JV) interior to
this group revolving at about 2 Jupiter radii, which due to its small size
(40- to 80~km diameter) was not discovered until the advent of more sophisticated
optical equipment (circa 1900), Although the inclination of JV is small ( 0.5°)
it experiences a precession rate of 916°/year due to the marked oblateness
(1/15.3) of Jupiter.

Laplace discovered the following interesting relationship among the
first three (Io, Europa, Ganymede) Galilean satellites. If L; is the longi-
tude of satellite i(i =1, 2, 3) from some arbitrary initial point, then

Ll - 3L2 + :31,3 = 1809

and implicitly from above

Lot
1 2 3

where Ti is the period of the ith satellite.

The Galilean satellites, JV, JVI, JViIl, and JX revolve about Jupiter in
a counter-clockwise motion or directly, while JVIII, JIX, JXI, and JXII exhibit
clockwise or retrograde orbits., All of the satellites are subject to mutual
perturbation. In addition, the outer satellites experience considerable solar
perturbation, JVIII and JIX have bezn observed to vary their eccentricity by
as much as 100 percent during a single revolution and variations in the semi-
major axis of 10 percent have been recorded (ref. 35). During the outer part
of their orbits the solar force can even reach a stage of predominance over
Jupiter's gravitational attraction and during conjunction it is possible that
a satellite may be lost to the Sun. Indeed, such a possibility has led to the
theory that some of Jupiter's satellites, particularly the smaller ones, may be
captured asteroids.

There is some evidence from photometric observations to suggest the
satellites always turn the same side to Jupiter (ref. 36). Table 3-1.
summarizes some of the physical and orbital parameters of the Jovian satellite
system. The values are taken from references 34, 37, and 38.
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Table 3-1, SELECTED PHYSICAL AND ORBITAL PARAMETERS OF THE JOVIAN SATELLITE SYSTEM

SEMI-MAJOR AXIS

INCLINATION TO

SATELLITE OF ORBIT IN ECCENTRICITY JUPITER'S EQUATOR ROTATIONAL DIAMETER
JOVIAN RADII (MIN) SENSE (km)
V:I
al 1 5.9 0.0 0 DIRECT 3730
310
2
2 9.4 .0003 30 DIRECT 3150
D
'EUROPA
:;::'
=i s 5 15.0 .0015 10 DIRECT 5150
3 |GANYMEDE
Z
wl 1V 26.4 .0075 15 DIRECT 5180
o
{ £ |CALLISTO :
el i 2 _
L__ v 2.5 .0038 30 DIRECT 50-150
' VI 161 .155 B DIRECT 100-150
L VLI 165 «155 - & DIRECT 25-75
i VIII 330 25 % 5 A RETROGRADE - 25-75
. (] l
i et - 3‘32 B LI RETROCRADE 227
i X 165 .08 S DIRECT 20-30
X1 315 .21 = ® RETROGRADE 20-30
XII 3 5 = & RETROGRADE | L

GL0-9-£/C6C-UL
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3.1.2 Jupiter Orbiter - Moons Communication Distance

The variation in communication distance between the Galilean moon Io (JI)
and the orbiter spacecraft as a function of time after the capture braking
maneuver is shown in Figure 3-1. The launch date, trip time, and orbital
parameters chosen for the figure are those of a typical mission for the Jupiter
orbiter/solar probe. Data for other Galilean moons would be similar with
different curve minimums and maximums., Figure 3-1 traces the variations over
only 16 days but the pattern, which has been studied up to 60 days, is invariant.
In fact, the minimums vary less than 3 to 4 Jupiter radii over the 60-day period.
Variation over a complete set of orbital parameters, namely, perijove distance,
apsidal ratio, inclination, right ascension of the ascending node, and argument
of perijove, produces two types of variation in Figure 3-1; (1) in the time
scale, and (2) fluctuation of the maximum/minimum values. The most significant
variations would, of course, occur for a rotation of the line of apsides in
space in combination with a variation in inclination. The same pattern, however,
is still maintained. The significance of Figure 3-1 is that to attain a closest
approach distance to one of the Galilean moons less than, say, one Jupiter radii
would require a precise timing of arrival at perijove. Collision trajectories
with the moons can be postulated for a certain set of orbital elements chosen
for a specified arrival time, but slight variations in the selected elements
or arrival time would cause a quick recession from a minimum point or distance
of closest approach. This is evident from: the slope of: the curve., The timing
must be even more precise when the restriction in minimum inclination is imposed.
This restriction limits the inclination of ‘the orbit to a minimum equal to the
declination of the incoming hyperbolic-excess velocity vector assuming a planar
braking profile. Since a trace of minimum points will itself be absolutely
minimum if the moon's and orbiter's planes are coincidential, this means the
minimum trace is not, in general, attainable. The insert of Figure 3-1 lists
the maximum and minimum points over a 60-day interval for the parameters
listed at the top of the figure. In view of the restriction in inclination,
however, they are generally valid as the minimum trace of the absolute minimums.

The infeasibility of using radar detection of the moons to actuate
onboard commands to orientate the spacecraft for television pictures of the
object moon is illustrated in Figure 3-2. A one kilowatt, x-band antenna is
assumed and range to target is plotted against target diameters for one- and three-
meter antenna diameters. The shaded area of the figure represents the Galilean
moon diameter range. At one Jupiter radii distance it can be seen that an
antenna in excess of three-meters diameter would be required. Two possible
alternatives to the radar detection system would be establishment of spacecraft
orientation based on calculated ephemeris of an object moon and search via onboard .
television. The first method would require availability or calculation of precise
ephemeris of the object moon as well as precise ephemeris of the orbiting space-
craft. While any of the Galilean moons would present a relatively large disk
with respect to the spacecraft at the distances of close approach, this minimum
is quickly passed so that slight errors in timing will find the disk considerably
reduced.

The second possibility of breaking Jupiter lock and instituting a real
time television search mode monitored on Earth appears infeasible because of
the relatively low bit rate of the spacecraft communication system.
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In reference again to Figure 3-2, it can be seen that radar detection
of a moon and consequent spacecraft reorientation would require pass distances
on the order of 7000 km. At such distances the gravitational field of the
moon probably will dominate or at least introduce considerable perturbations
on the spacecraft trajectory. The flight mechanics of the spacecraft in
close proximity to the moons should be investigated.

3.1.3 Sphere-of -Influence Concept for the Jovian Moon

Laplace's classic expression for the "sphere-of-influence" radius of
a body in the presence of a gravitational field of another significantly larger
body requires that the smaller body be "significantly removed" from the larger.
Hence, the closer the body falls to the more heavily shaded region of Figure
3-3 on the force-distance curve the better the approximation holds.

= |
83
—
8<
g H
o+
-
3 g DOMAIN OF LAPLACE
29 3] S.0.1I. VALIDITY
H oy O
UO% i ,..z_-:";." J
B""ED T s l ('. -
v = e e ! o

DISTANCE FROM MAJOR-
GRAVITATIONAL SOURCE

Figure 3-3. LAPLACE SPHERE OF INFLUENCE DOMAIN OF VALIDITY

In the case of Jupiters' Galilean moons, application of the Laplace
formula would be questionable for two reasons:

l. Close proximity of the satellites to Jupiter

2. Powerful gravitational field of Jupiter.

Another approach to a sphere-of-influence concept is then needed.

Let r; and rp represent the distance of the inferior and superior
conjunction libration points relative to a given moon and let w be the angular

velocity of the Jupiter-satellite system as depicted in Figure 3-4. Then
equating inertial and gravitational terms

3 & Mg
De-r) v = ——— . —
b (D -r )2 r 4
= 1
where
HJ = Jupiter mass
MS = Satellite mass

D = Separation of masses
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where the units have been chosen such that the universal gravitational constant
is unity. Rearrangement of the above equations shows quickly that the form
has taken that of Lagrange's famous quintics -

2 3«2 2 2
w” (D - rl) r,” = MJ g ® MS(D - rl)
or
4

KS-C-C3-0;2+0=0,

: M
where L= o and P = e »

D HJ

Neglecting terms of the fourth and fifth order and solving the resulting cubic
yields

M = M
C=n-%0 or r; =D (ES_)3_%(_S_)_
J J
r, T
Using the same approximations for § = — will produce an identical equation

in rsz. This is due to the relatively small magnitudes of 7 and p .

As a very rough approximation to the out-of-plane characteristics of
the "sphere", consider Figure 3-5 where a vehicle has come into close proximity
with a satellite but is out of its orbital plane with respect to Jupiter. The
encounter occurs at a distance D' from Jupiter and y from the satellite. It
may be said, a priori, that y is small and, therefore, D'= D, Assuming for
simplicity that the velocity of the vehicle at encounter is V, and VA is some
percentage, P, of the satellite velocity, then by equating inertial and gravi-
tational force terms and simplifying, the expression for y is

M
D
y= 2 ().
PZ M

Introducing the proper values of mass and distance into the. equation for
¥y indicates that y is extremely small (less than 200 km for Callisto). Hence,
the "sphere-of-influence" would assume the shape of a very flat disk. Capture
with such a target area would, of course, present forbidding problems.

For the sake of comparison with the Laplace concept, Table 3-2 presents
the results of applying the derived solution to the Galilean satellites for a
nominal encounter velocity of 75 percent of circular velocity. The last column
of Table 3-2 presents the derived value of rj in terms of satellite radii.
Consider now the relationship between energy, distance, and velocity

2
-V,

m =
I
HN

where a = semi major axis (body radii)
r = distance from attracting body (body radii)
= velocity at r (circular satellite units).
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Tabla 3-20

COMPARISON OF SPHERE OF INFLUENCE CONCEPTS

r, ,satellite
r; (km) - L aant
Satellite Laplacian Quintic (Cubic) Solution
I0 6500 13,900 30 3.7
EUROPA 8700 19,200 30 6.1
GANYMEDE 22,600 45,000 180 8.8
CALLISTO 32,800 68,400 190 13.2

e 5
Arrival Velocity = .75 percent Satellite Velocity
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Evaluating the expression at the sphere of influence gives

S0I spde waimy sy, o

In the usual case rgyr (radius of the sphere of influence) is very large in
terms of body radii ?in fact rgg- * @ in the theoretical limit) so that the

term 2/rggr may be neglected. If the velocity st arrival at SOI is zero,
relative, of course, to the attracting body, than a = « and the orbit is a
parabola. Recalling the values of rj = rgor (in plane) from Table 3-2 it may

be seen that the term 2/rgpy is not negligible and further attempts at analytical
expresions based on the sphere-of-influence concept produce amusing but invalid
results.

In conclusion, it may be said that the Laplacian sphere-of~-influence
concept will not hold for the irner Jovian satellite system. Derivation of
Lagrange's classical quintics and solution of the resulting cubic after neglecting
fourth- and fifth-order terms is also unsatisfactory. Iterative solution of
the quintics yields solutions almost identical to the cubic. Machine-integrated
trajectories could, of course, be utiiized, but this. is:cumbersome at best for
the preliminary mission analyst, particularly where a wide range of parametric
data is desired. It is suggested that further- study is-required to develop.

a sphere-of-influence concept for bodies in close proximity to z powerful
gravitational field. One possible approach might be the development of a
"transition zone" between the domain of validity of two-body mechanics in

the major and minor gravitational fields. Reference 39 outlines such an
approach for the Earth-Moon system., ZIts 3application to the Galilean satellite
system of Jupiter is unproven. Vvalidity by compszison with fully integrated
trajectories is untested for either case.

3.2 OUTER SOLAR SYSTEM EXPLCORATION VIA THE JUPITER SWINGBY MODE

Other advanced mission possibilities for Satura V launches include Saturn
and Uranus missions and asteroid belt exploration., The following two subsections
briefly discuss their potential,

Reference 1 compares Saturn V performance capability for direct and
Jupiter-£flyby Saturn and Uranus missions and concludzs that for comparable trip
times the gravity-assist mode would limit these missions to flybys due to the
high energy at planet arrival. Admissibility of higher trip times, however,
permits consideration of the swingby mode for capture missions with attendant
higher payload capability. The first subsection treats the Saturn and Uranus
capture mission potential and indicates the feasibility of utilizing the basic
Jupiter spacecraft for their achievement.

The asteroid belt represents one of the oddities in the solar system
and is thus of great interest. Actually, three belts have been distinguished
which have the following characteristics:

1. 2.0 to 2.6 AU - relatively low concentration of material
2. 2.6 to 3.2 AU - major belt containing the greatest mass of material
3. 3.2 to 4.0 AU - contains the greatest amount of small particles

but small total mass.
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These asteroid belts are of basic scientific jinterest, but may also
represent a hazard to the spacecraft probing deeper regions of the solar system.
The investigation of the distribution and composition of material is important
in any program of exploration of the solar system. The second subsection explores
the potential-of inspecting regions of the asteroid belt enroute to Jupiter,
concludes that this is infeasible, and suggests alternatives for achievement
of this objective, one of which utilizes the basic Jupicer spacecraft.

3:2:1 Saturn and Uranus Missions

Saturn V performance capability for Saturn and Uranus capture missions
via a Jupiter gravity assist mode is reflected in Figure 3-6. The capture
orbit apsidal ratio is 40 and periapsis values range from 1.05 to 5 planet
radii. In the case of Saturn the minimum capture orbit perispsis would be
about 3 planet radii if flight through Saturn's rings is disallowed. The
performance curves are based on single spacecraft stage braking to establish
capture orbit. Trip times for Saturn are seen to range from 1500 to 2000 days
and for Uranus from 3000 to 4000 days. Trip time can be reduced by permitting
higher planet arrival energy and reducing gross mass in capture orbit. As
trip time is reduced, however, the energy requirements become large enough to
require two-stage spacecraft braking. Further reductions in trip time result
in planet arrival energies which would limit outer planet missions to flybys.

Figure 3-7 presents a sketch of a possible two-stage spacecraft for
outer planet capture missions via a Jupiter swingby. It includes the basic
Jupiter spacecraft of the Jupiter orbiter/solar probe mission and a modified
Titan transtage as an upper stage. Figure 3-8 reflects the capability of the
two-stage concept for Saturn and Uranus capture missions. It indicates that
the 4400-1b Jupiter spacecraft could be placed in Saturn or Uranus orbit with
reduced trip times of 1300 and 2900 days, respectively.

Communication with an earth-based receiving station from Saturn and
Uranus is marginally feasible with the Jupiter spacecraft communication system.
Figure 3-9 shows the data bit rate as a function of spacecraft antenna diameter
for a 64-meter diameter, earth-based receiving antemna (Goldstone Tracking
Station). The 5-meter antenna design size is indicated on the curves and it
can be seen that at this point the order of magnitude of data rate is 10 bits
per second. For the sake of comparison the bit rate in Jupiter oribt is about
1000 bits per second. At the bit rate realizable for Saturn and Uranus missions
it would take about 8 hours to transmit a normal 250,000 bit television picture
of low resolution. This is felt to be the lower limit of practicality.

3.2.2 Asteroid Belt Mission

During the Earth-Jupiter phase of a Jupiter mission it would be desirable
to investigate some of the major asteroids during a "close pass'". The separation
distance of the spacecraft and the asteroids Ceres and Vesta was determined
during the 1970-1980 decade launch opportunities. It was found that the 1975
opportunity provided the nearest pass distances for both Ceres and Vesta,

Figure 3-10 illustrates the variation in asteroid-spacecraft distance during
the 1975 opportunity for various trip times. The launch date is taken in the
nmiddle of the launch period. It may be seen from the figure that Vesta affords
the closest passes to the asteroids during 1975; this is also -true throughout
the decade. : :
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lished in the aster:id belz for the ¢f the spacecrefr/pribse  Figure 3-12
demonstrates suczh capabilizy fox ¢F spacebrafg.

Obvicusly such a missicn would a0t be primary since a direct mode would
exhibit comsiderably less trip time. Alse, iz ;,d be uwccumplishsd with s
smaller launch vehicie tham the Sasurn Ve Hnwever, by meuan rwe Jupiter
orbiter spacecraft atop the Saturn V 2 dual Juplier crolterfastsroid Delf mission
might be zccomplished uziiizi=g the same basic spaczcraft modules ush an arrange-
ment 1s schematically represented Zn Figure 3-13. An approximste &-foot cunical
extension sectisn would be required zbove the Imstrumen: Lnit o acsommedats the
duai space:raft'meunta An alcermative here would te the design ¢f a snzll probe
such as the solar probe with attazhed zretr: pactkage =2 accumplilsh the secomaary
asteroid belt migsiuvn.

I}\.'

3.3 SPACECRAFT FAMILY

The primary subtsystem crublem for advanced wiszsions is commuricstions.
Power or antenna sizes must be increzsed to ootain acceptable dars ;*4n;n+ssion
bit rates. Parsmeiric trade-offs for comunicaticn distances ocut to 20 AU were
developed. It was comcluded that with proper design and availsble power, S-band
system ccmmunicaticns can be utilized virtually anywhere in the solar systew inside
of Neptune's orbic,

Extensicns of the thevmal contecl, g"*deﬁce and nsvigaticn, propellant
storage, and power supply concepts developed for the Jupiter crbiter are appre-
priate for the missions considered. The various comcepts for utilizatiom cf the
basic Jupiter spacecraft are schemsticzlly summarized in Figure 3-14. They imclude:

l. The basic Jupiter missicn
2. Dusl spacecrait for secondary

vy £lyby missicn to the astercld kels
3. The Jupizer crbluar/zlcse sola

probe mission

B
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e 1975 JUPITER MISSION
e 500-DAY TRIP TIME

2.0-'-
1.0--
0 — o —f—— } s
2560 2580 2600 2620 12640
JULIAN DATE
27 MAY 7 JULY 15 AUG
CALENDAR DATE
LAUNCH DATE

Figure 3-11. VESTA DISTANCE OF CLOSEST APPROACH
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Figure 3-12. ASTEROID BELT CIRCULARIZATION
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MASS SUMMARY:

JUPITER ORBITER 10,550
ASTEROID PROBE 10,550

ADAPTER & TRUSS ~3,900

~25,000

LB

LB

ORBITER MODULE)

/
/ v STANDARD MSFC
BOOSTER FAIRING
\
,’ \ ASTEROID PROBE (BASIC JUPITER
-1 A TRUSS SUPPORT
!/
JUPITER ORBITER
o
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Figure 3-13.

JUPITER ORBITER/ASTEROID PROBE
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JUPITER CAFTURE AND

ASTEROID BELT PROBE

(BASIC MODULE)

JUPITER ORBITER WITH

CLOSE-SOLAR PROBE

7
1§
4 J
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-

JUPITER ORBITER WITIl

ATMOSPHERIC ENTRY P'ROBE

SATURN & URANUS ORBITER

(JUPITER SWINGBY MODE)

Figure 3-14.. CONCEPTUAL FAMILY DESIGNS

€L0-9-€ /26241



NORTHROP SPACE LABORATORIES IR-292/3-6-075
September 1966

4, The Jupiter orbiter/atmospheric entry probe missjon
5. Saturn and Uranus capture missions wvia Jupiter £flyby.

The greatest concern in the family of concepts is the long lifetimes required
for the spacecraft. It is not possible at this time to state the probability
of success for these mission durations nor to predict whether they are even
possible.

To gain an order of magnitude appreciation for expected spacecraft
reliabilities, a brief analysis was conducted extrapolating current satellite
success data into the next decade. The results of this analysis are shown in
Figure 3-15. The spread of individual spacecraft success data is shown to
account for the uncertainties inherent in the reliability analysis. This
extrapolation is necessarily only a preliminary estimate at this time., As
noted in subsection 2.2.8 of this report, the spacecraft success data can be
converted to program success by including the number of spacecraft in a program.
Figure 3-15 also shows this conversion. It can be seen that generally more
than one spacecraft must be funded and launched for long duration missions in
the next decade.

If it is assumed that an extensive program of exploration of the solar
system is desired, a tabulation of missions and performance requirements can be
made as shown in Table 3-3. Based on these conservative extrapolations of

system success data, it was concluded that for an extensive exploration program --

of selected points of interest in the solar system a relatively high number of
spacecraft must be launched in an overall program. This is summarized in
Table 3-4 for an individual mission success goal of .95. It can be seen that
for the postulated program of missions and the extrapolation of minimum and
maximum individual spacecraft success, about 13 to 17 Saturn V launches would
be required in the next decade. This represents a major national program.
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Table 3-3. EXTENSIVE EXPLORATION PROGRAM
PAYLOAD MASS SATURN V LIFETIME
MISSION FLYBY OR INJECTED
ORBITED ENTRY MASS ORBITER FLYBY

JUPITER ORBITER WITH .
CLOSE SOLAR PROBE 4400 LBS | 1400 LBS ~12,000 LBS 600 DAYS| I'200 DAYS
JUPITER ORBITER WITH
ATMOSPHERIC ENTRY PROBE 4400 600 ~12,000 600 600
SATURN ORBITER 4400 s ~25,350 1400 e
URANUS ORBITER 4400 we ~25,350 2800 e
JUPITER ORBITER WITH - '
ASTEROID BELT PROBE 4400 4400* ~25,000 600 2000

* MISSION COULD BE FLOWN WITH SMALLER MORE OPTIMALLY DESIGNED PROBE

GL0-9-¢t/T6C-¥Ul
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Table 3=4.

NUMBER OF SPACECRAFT

e 1976 TIME FRAME

e MISSION SUCCESS GOAL ~+95

MISSION INDIVIDUAL NUMBER OF
MISSION TRIP LAUNCH SPACECRAFT
TIME SUCCESS REQUIRED
600 AND MAX. | MIN. MIN. MAX.
JUPITER ORBITER/CLOSE SOLAR PROBE 1200 DAVE = = 3 7
JUPITER ORBITER/ATMOSPHERIC ENTRY 600 .88 .85 2 2
SATURN ORBITER 1400 .82 i 2 3
URANUS ORBITER 2850 .76 .55 3 4
600 AND _
JUPITER ORBITER/ASTEROID BELT PROBE 1200 .70 54 3 4
1 TOTAL FOR EXTENSIVE
EXPLORATORY PROGRAM 13 17
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