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INTRODUCTION 

The engines which provide the propulsion requirements for various stages of the 

Apollo vehicles a r e  of a variety of different configurations, duty cycles and propellant 

combinations. Development of these  engines reflects an  extensive effort which has  been 

highlighted with significant achievements; some of which have advanced the state-of-art  

in propulsion sys tems.  Applications of the  engines require  that they achieve a higher 

degree of maturity prior to  flight than engine development programs with which we have 

been familiar.  This i s ,  of course,  due to the man-ratmg requirement and high costs for 

Apollo vehicles. During recent months, we have seen the H-1 and RLlO engines demon- 

s t r a t e  flight capabilities. The other engines which we will be discussing a r e  in the la t ter  

stages of development and a r e  rapidly approaching flight dates. Apollo engines which 

will be discussed a r e  the H-1, F-1,  J-2, RL10, the Apollo service  module propulsion 

engine, and the lunar excursion module descent and ascent engines. The salient fea tures  

of these engines and some of the highlights of the  development programs a r e  reviewed. 

Development of the Apollo engines has  produced a n  extensive t e s t  bed which can 

and should prove fruitful to  many a r e a s  of industry. Such problems a s  s t r e s s  corrosion 

under certain environments, brazing and welding techniques, special  sealing techniques, 

special  tes t  equipment, protective coatings for mater ia ls ,  and many other a r e a s  offer 

improvements and refinements which a r e  applicable in many a r e a s  of our technological 

society. This information i s  being made available to  industry through the NASA Technology 

Utilization P rog ram.  

H- 1 ENGINE 

In comparison to  present-day rocket engine sys tems,  the Thor and Jupiter engines 

a r e  fairly rudimentary propulsion sys tems.  However, these sys tems laid the groundwork 

fo r  our present-day liquid rocket engines; in particular for the H- 1 and F -  1. The H- 1 

engine evolved f rom five different engine sys tem designs (the Thor, Jupiter, X-1, S-4, 

and the Atlas ). The H-  1 program was initiated with Rocketdyne in September 1958. 

Originally designed for a sea-level thrus t  of 188, 000 pounds, the f i rs t  H-1 engine rating 

t e s t s  were  conducted a t  165, 000-pounds thrus t .  The f i r s t  four Saturn I flights were  

flown with engines a t  this rating. Beginning with the fifth flight, the engine has  been 

flown a t  188, 000-pounds thrust .  More recently, based on successful testing a t  a higher- 

thrus t  level, a decision was made to uprate the engine to  200, 000-pounds thrus t .  

The H- 1 rocket engine (Figure 1 )  i s  a fixed-thrust engine utilizing RP- 1 andliquid 

oxygen a s  propellants.  Eight engines a r e  clustered to obtain the des i red  thrus t  level for 

the f i rs t  stage of both the Saturn I and Saturn IB vehicles a s  shown in Figures  2 and 3.  

The engine cluster i s  a r ranged with four inboard and four outboard engines, the four in- 

board engines a r e  fixed and the four outboard engines a r e  gimballed to provide f i r s t  stage 

thrust  vector control. Turbine exhaust of each inboard engine i s  ducted outside the ve- 

hicle envelope and vented overboard. The outboard engine turbine exhaust i s  ducted into 

collectors,  located a t  the nozzle exit plane and aspi ra ted  into the main flow of the out- 

board engine nozzle exhaust. 

The H- 1 engine features a tubular-wall, regeneratively fuel-cooled, bell-shaped 

thrus t  chamber with an  expansion ra t io  of 8 to 1, and a single turbopump with dual- 

pumping unit, consisting of an  oxidizer pump, and fuel pump. A gas generator,  using 

the s ame  propellants a s  the thrus t  chamber, powers the turbopump. Ignition i s  accom- 

plished by the use  of a solid propellant gas-generator car t r idge  which spins the turbine, 

producing propellant flow and p re s su re ,  and ignites the  liquid bi-propellant gas  genera- 

t o r .  Ignition of the main chamber i s  accomplished by use  of a hypergolic slug of tr iethyl-  

aluminum. An H- 1 engine schematic i s  shown in Figure 4. 

Control valves in the engine a r e  actuated by fuel p re s su re  f rom the main pump. 

Engine transients a r e  governed by the "pressure-ladder" sequence in which valves a r e  

actuated a t  pre-determined pressures .  A heat exchanger i s  located in the turbine exhaust 

and provides for  pressurization of the vehicle oxidizer tank by passing LOX through the 

heat exchanger to  produce gaseous oxygen. Gaseous nitrogen i s  contained in a separate 

container and i s  used for  pressurization of the vehicle fuel tank. 

Significant program developments within the H-1 program a r e  shown in .Figure  5. 

During the H-  1 development, four types of problems were  encountered: combustion 
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oscillations, pump gears and bearings, thrust chamber cracking, and LOX dome cracking. 

Combustion oscillations, occuring particularly a t  higher thrust, have been corrected by 

use of baffled injectors. The pump troubles were corrected by increasing volute and 

gear case strength, beefing-up gears and strengthening bearings. Thrust chamber tube 

cracking was attributed to sulphur embrittlement of the nickel tubes; the tubes have been 

changed to stainless steel and now have a useful life of about 3, 600 seconds. Liquid 

oxygen dome cracks occurred on an engine installed in a flight vehicle. The problem 

was attributed to s t r e s s  corrosion of the aluminum alloy when exposed to certainambient 

weather conditions. A different aluminum alloy with an  improved manufacturing sequence 

involving the forging process, heat treatment, machining and surface treatmentalleviated 

the problem. 

There has been one failure of an  eng+e in eight flights, resulting in a premature 

shutdown of that engine. The failure was traced to a weak gear in the turbopumpgear case. 

This failure caused no problem in the flight of the Saturn vehicle since its control system 

i s  designed with an  engine-out capability. This problem had been isolated andappropriate 

action had been initiated several months prior to the flight failure and resulted in a change 

which was implemented on the next flight vehicle. 

The H- 1 Engine Development Plan i s  directed toward the further development of 

an  H-1 enaine rated a t  200, 000-pounds thrust.  Pr imary elements of the continuing devel- 

opment program a re :  

1. Thr,ust chamber and other combustion devices 

2. Component qualification 

3. Engine system qualification 

4. Turbopump development 

5. Controls development 

6. Reliability 

7. Product improvement 

The 165, 000-pounds thrust H-1 engine PFRT (preliminary flight rating tes t )  

Program was performed on three production engines and was completed November 1960, 

with an  accumulated total of 34 tes ts  for 2, 507 seconds of mainstage duration. Engine 

assemblies were  selected a t  random from the production line for PFRT and have satis- 

factorily completed the normal hot-firing acceptance testing. Test objectives were  a s  

follows: 

1. Calibrationlperformance tes ts  

2. Safety limits/malfunction tes ts  

3 .  Drainage tes ts  

PFRT program performance ratings were  165, 000 pounds, nominal thrust; 540 psia, 

nominal chamber pressure,  2.27 O/F,  engine mixture ratio, and 165 seconds, rated 

duration. 

The 188,000-pouhds thrust H-1 engine PFRT test  program consisted of two engines 

and was completed December 1962. Test objectives were essentially the same a s  for the 

165,000-pounds thrust  engine. PFRT program performance ratings were  188,000-pounds, 

nominal thrust,  598 psia, nominal chamber pressure; 2.26 OIF, engine mixture ratio; 

and 165 seconds, rated duration 

Manned application requirements have placed very stringent reliability goals upon 

the H- 1 engine system. These goals a r e  demonstrated by defining a mature program and 

systematically carrying it through the R&D (Research & Development) Program, which 

includes PFRT, and qualification phases. Engine qualification program was completed 

April 7, 1965, with an accumulated total of 4,452 seconds of mainstage operation. Since 

the inception of the program in September 1958, a total of 5, 299 single-engine tests have 

been conducted for a total testing of 384, 231 seconds. Also, 63 cluster firings have been 

conducted for a total of 4,997 seconds. 

NASA i s  presently undertaking various studies to increase the payload capability 

of Saturn vehicles. The H - l  engine system i s  currently under study to determineupratirg 

limitations with present hardware. Limits tests a r e  being conducted to determine strain 

and vibration levels of major components, thrust chamber pressure  profiles and wall 

temperatures,  and engine reliability. Preliminary data and information obtained from 

post-test inspections indicate the uprating can be accomplished with relatively minor 

changes. 

F- 1 ENGINE 

The F- 1 engine, which is  capable of over 1, 500, 000-pounds thrust, i s  the largest 

liquid engine system in the free world. Development of the F- l engine was begun in 

January 1959. At that time, no definite vehicle application was evident and the engine 

development was pursued initially without the advantages of a known use. This i s  not 

unusual in engine development programs. Initial engine design relfected requirements 

for  the enginelvehicle interface and resulted in a minimum of redesign once the vehicle 

was defined. A cluster of five F -1  engines will be used on the f i rs t  stage of the Saturn V, 

producing a total stage thrust of over 7,500, 000 pounds (Figure 6). The development of 



the F-1 engine, whileattempting to stay within the state-of-the-art ,  did; by s ize  alone, 
! 

require  major  facilities, t e s t  equipment, and other accomplishments which had not been 

attempted prior to  F- 1 development. 

Original study work preceding the F - 1  development, and dating back to 1955, was 

performed under Air Force  cognizance. Responsibility for the development of a high- 

thrus t  engine was  assigned to NASA in 1958, and required close liaison with the Air Force  

during the transit ion to a s su re  full advantage of the previous study work. With the con- 

clusion of the studies indicating that an  F - 1  c lass  engine was  feasible, a development 

contract  was  awarded to  Rocketdyne. 

When the enormous s ize  of the engine is  considered, the F - 1  engine has  achieved ~ 
a n  impressive l i s t  of accomplishments. Figure 7 shows the F -1  engine and some of i t s  

fea tures .  A summary of the major  milestones in the development of the F -  1 i s  presented 

in Figure 8. One year  af ter  R & D  contract  initiation, full-scale components were  under- 

going tes ts  and after 27 months, complete engine sys tem testing had begun. The F - l  

program has now developed through the flight-rating tes t  phase, which was  completed in 

December 1964. Engine qualification for manned application i s  scheduled for late in 1966. 

Component and engine sys tem testing i s  extensive with a total of a lmost  1, 500 engine 

sys tem tes ts  planned. 

Component and engine development have been a imed a t  hardware  simplification to 

insure  achievement of reliability requirements.  Component testing has  proven to be an  

efficient and low-cost method of working out a major  portion of the problems without the 

complexity of a full engine tes t .  Component extended-limits testing i s  proving a useful 

tool in establishing reliability and confidence by testing beyond the ra ted  specification. 

Engine extended-limits testing i s  a lso  being performed. Component testing i s  especially 

significant in the F -1  program because of engine s ize  and cost, and the expense of engine 

sys tem t e s t s .  

An F -1  engine schematic i s  shown in Figure 9. The gas generator which i s  used 

to  drive the turbine i s  initiated by a pyrotechnic charge with a tank head s t a r t ;  i .  e . ,  no 

auxil iary turbine spinners, and burns propellants a t  a ra te  equivalent to  a 40, 000-pound 

1 thrus t  engine. Main chamber ignition i s  achieved by the use of a hypergolic f l u i d c o n t a i d  

in a canister,  which i s  pierced to ignite the main chamber for engine s t a r t .  Oxidizer and 
I 
I fuel flow, to the combustion chamber, i s  controlled by two oxidizer valves and two fuel 

valves.  A separate valve i s  used to admit propellants t o  the gas generator.  The pr imary 

I consideration in the selection of the turbopump ,design was to attain reliability by using a 

I minimum number of par ts  and proven design concepts. One of the most important 
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requirements considered in the turbopump design was pump operation with a low-inlet 

p re s su re .  This, of course,  permi ts  the design of low-pres su re  vehicle propellant tanks. 

Propellant tank pressurization i s  provided by a heat exchanger whichutilizes the turbine 

exhaust to superheat the helium and liquid oxygen. The turbopump consists of back-to- 

back fuel and oxidizer pumps on a common turbine shaft. The thrus t  chamber assembly 

i s  designed to convert approximately 3 tons per second of liquid fuel and oxidizer into a 

high-velocity, high-temperature gas which provides the 1, 500, 000 pounds of reaction 

thrus t .  The nozzle provides an  gxpansion ratio of 16 to 1. The thrust  chamber and 

nozzle, out to  an  expansion ratio of 10 to  1, a r e  regeneratively cooled by the fuel. The 

remaining portion of the nozzle extension, to an  a r e a  ratio of 16, is  cooled by the turbine 

exhaust which i s  ducted into the main exhaust s t r eam through slots in the shingled l iner .  

Valve activation and gimbal actuation i s  accomplished with the fuel acting a s  the hydraulic 

fluid. Thrust  vector control for the S-IC stage i s  achieved by gimbaling the four outboard 

engines with the single inboard engine remaining fixed. 

The F -  1 engine has  external insulation which i s  molded into segments andattached 

by brackets to the engine. When the attachments a r e  completed, the engine i s  incased in 

a cocoon. A jet engine exhaust has been impinged onto this insulation to  verify both i t s  

insulating and dynamic load capability. 

Problem a r e a s  have not been unknown to the F- I .  Pump problems and combus - 
tion instability problems were  encountered during the 'ear ly  phases of development. Since 

these  have been reported extensively in the past ,  we will only state he re  that these have 

been overcome through systematic investigation and the engine has  demonstrated sa t i s -  

factorily through the flight rating tes t  phase of the program. Testing i s  now routine, 

with efforts directed toward meeting qualification requirements.  Extensive t e s t  t imehas  

been accumulated in the las t  severa l  months. Total tes t  t ime accumulated f rom June 1964 

to March 1965 was grea ter  than the total  tes t  t ime for  the 5 112 - y e a r  program pr ior  to 

June 1964. Engine verification testing presently being performed a t  the Marshall  Space 

Flight Center in Huntsville i s  demonstrating the relatively trouble-free operation of the 

F -  1 a t  present development maturity.  

A l imited analytical study has  been performed to determine the uprating potential 

of the F -1  engine. This study encompassed the region f rom the present 1,500, 000- 

pounds thrus t  level to a n  upper l imit  of 1, 800,000. At the upper l imit ,  t he re  will be 

severa l  a r e a s  of hardware modification necessary .  Presently,  there  is.no fur ther  work 

planned in this a r e a  since there  i s  no requirement for a n  uprated F -1  a t  th is  t ime. 



The F -1  production i s  presently on schedule. In spite of difficulties in the devel- 

opment program, engine production deliveries have remained consistant with Saturn V 

requirements.  To date, no schedule impacts have resulted f rom engine deliveries and 

further problems a r e  not anticipated. 

RL 10 ENGINE 

The RLlO engine has  evolved into a sophisticated and versati le engine sys tem 

which i s  capable of a relatively long cyclic life, r e s t a r t  capability, and can be modified 

to  be thrBttled in the range' of 10 to 100-percent thrust .  Original work on the RLlO was  

begun in October 1958 by P ra t t  & Whitney Aircraft  Corporation. The engine was  originally 

designed for  Centaur stage use  and la ter  adapted for the Saturn I program.  To date, a 

total  of approximately 145 engines have been delivered. The engine has  performed sa t i s -  

factori ly on two At las tcentaur  flights and on four Saturn flights. Original development 

was  undertaken by the Air Force,  to  develop a high-performance space engine capable of 

r e s t a r t .  

In the AtlasICentaur application, two engines a r e  utilized to produce a total stage 

thrus t  of 30, 000 pounds. In the S-IV stage of the Saturn I vehicle, s ix  engines a r e  clus- 

t e r ed  to provide a total thrust  of 90, 000 pounds. The Centaur and the S-IV stages a r e  

shown in Figures 10 and 11, respectively. These two applications have proven in flight 

the feasibility of a liquid hydrogen/liquid oxygen stage and propulsion sys tem.  A vehicle 

design is now underway to adapt the Centaur stage for use a s  a th l rd  stage on the Saturn IB 

A brief summary of some of the RLlO characterist lcs i s  shown in Figure 12. Major 

chronological milestones of the development program a r e  presented in Figure 13. The 

successful  engine firing in August 1959 i s  noteworthy because of the short  development 

t ime  and state-of-the-art  of liquid hydrogen knowledge a t  that t ime. In addition to the 

design and fabrication of the engine, it was necessary to design, fabricate and checkout 

the altitude e~ector-d i f fuser  sys tem required to tes t  the RL10. Thls type of facility was  

required  because of the RLlO high-expansion ratio (40 to 1) and relatively low-chamber 

p re s su re .  

The RLlO engine uses  a regeneratively-cooled thrus t  chamber and a turbopump- 

fed  propellant system. A schematic of the engine i s  shown in Figure 14. The turbopump 

assembly consists of: (1) a two-stage centrifugal liquid hydrogen pump that i s  driven by 

a two-stage hydrogen turbine mounted on a common shaft, and ( 2 )  a single stage centri-  

fugal liquid oxygen pump that i s  mounted side-by-side with the hydrogen pump and i s  

driven by a gear  t r a in  f rom the main shaft. The fuel (hydrogen) flow path i s  f r o m  the 

vehicle fuel tank through the fuel inlet shutoff valve, fuel  pump, thrus t  chamber cooling 

tubes, turbine, main fuel  shutoff valve, injector, and into the combustion chamber.  The 

fuel i s  utilized to cool the thrust  chamber tubes and the heat-energy picked up drives the 

turbine.  This so-called "topping" cycle provides a p e ~ f o r m a n c e  gain of approximately 

112 to  1 percent over that of a conventional gas generator type cycle. The oxidizer 

(oxygen) flow path i s  directly f rom the oxidizer tank through the oxidizer inlet shutoff 

valve, oxidizer pump, oxidizer flow control valve, injector and into the combustion 

chamber.  

Engine refinement has  been through development and continuing product improve- 

ment effort to i t s  present  state of maturity.  The improved performance RLlO has  a n  in- 

c r eased  a r e a  ratio, increased chamber pressure ,  modified turbopump, and minor injec- 

t o r  and thrus t  control changes. The engine i s  designed to fit into the same envelope a s  

the present RLlO but with a n  a r e a  ratio of 57 to 1. The increase  in chamber pressure ,  

required to get the increased a r e a  ratio into the s ame  envelope a s  the present RL10, i s  

obtained by improving the turbopump efficiency and by reducing p re s su re  losses .  Major 

development plan milestones for the improved RLlO program a r e  shown in Figure 15. 

P re sen t  status and maturity of the RLlO can best  be shown by reviewing the 

testing to date. Figure 16 presents a brief summary of some of the engine statist ics a s  

of March 1965. The number of firings and total  t ime accumulated on the RLlO program 

exemplifies the maturity of the program. The maximum duration of 1, 680 seconds rep-  

resents  over 3 .5  t imes  the required thrust  duration of 470 seconds. This philosophy of 

"limits" testing has  proven successful in developing a n  engine with a high reliability and 

a high degree of confidence. Engines have operated over two hours  and for  50 to 70 

f ir ings without maintenance o r  par ts  replacement. This i s  equivalent to 10 round t r ips  

to the moon. The demonstration of 30-percent excess thrust ,  a high degree of throttling, 

low idle character is t ics ,  instant s tar t  capability, and the adaptability of the engine to 

utilize fluorine has  shown the RLlO to be a highiy flexible, a s  well a s  a highly reliable 

engine. 

Additional technology efforts a r e  being pursued on the RLlO Engine P rog ram.  

The use  of trioxygen difluoride (03F2) a s  a n  additive to liquid oxygen to provide hypergolic 

ignition has  been demonstrated. The use of fluorine a s  an  oxidizer has  a lso  been demon- 

s t ra ted  successfully. This was  accomplished with a minimum of engine changes. The 

changes required were  pr imar i ly  in the a r e a  of oxidizer sea ls  with minor gold plating 

required for  mater ia l  compatibility. Uprating of the RLlO i s  feasible and demonstration 

fir ings have been made with the 15, 000-pound thrust  engine up to a thrust  level of 20, 000 

pounds. 
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Test  resul ts  have demonstrated that a modified RLlO with a f ixed-area injector 

i s  capable of operating over a 10 to 1 thrus t  range. Figure 17 shows a simplified sche- 

mat ic  of the variable-thrust  engine. As can be seen f rom the schematic, the throttling 

principle i s  relatively simple. The oxidizer flow and the turbine bypass flow a r e  con- 

trolled through a linkage system. This provides the necessary  pump speed and mass -  

flow control to produce the 10 to 1 throttling capability. It would be too much to expect 

such a sys tem to be demonstrated without any difficulties. Problems such a s  feed sys -  

t em instability were  encountered and reasonable solutions obtained. Fur ther  work in 

this a r e a  i s  required a s  well a s  in the a r e a s  of controls development and performance 

predictions. 

The use of the main propulsion system to provide low-thrust levels for propellant 

settling, mid-course corrections,  and burning of vehicle tank residuals offers a potential 

improvement in the overall vehicle performance.  This use of the main propulsion system 

would require low-idle thrust  capability. The RLlO idle feasibility program demon- 

s t ra ted  the capability for extended low-idle operation a s  well a s  the ability to accelerate 

f rom low-idle to ra ted  thrust .  The feasibility of operation with gaseous and mixed phase 

a s  well a s  liquid propellants has  been demonstrated. Engines have been tested with 

engine inlet p re s su re s  a s  low a s  25 psia on the fuel side and 30 psia on the oxidizer side 

with satisfactory resul ts .  The engine was operated a s  a pressure-fed  sys tem under these 

conditions. This was accomplished by by-passing the turbopump and operating the engine 

with tank pressurization only. Figure 18 presents a comparison of the total  impulse 

possible a s  a function of run duration and thrust  level. 

Instant engine s tar t  ha s  a lso  been demonstrated. In normal operation, a 20- 

second period i s  required to cool the pumps to a point where there  is  assurance  that 

liquid hydrogen will be available at  the pump impeller.  Instant s t a r t  has  been achieved 

in feasibility tes ts  by coating the internal wetted a r e a  of the hydrogen pump with Kel-F  

insulation and by increasing the oxidizer pump inlet p re s su re  and flow ra te .  The problem 

of RLlO pump cooldown centers around eliminating pump cavitation caused by localized 

gassing.  Schemes such a s  recirculation sys tems,  wet pump sys tems,  and submerged 

sys tems offer promise.  Fur ther  work on the insulated turbopump for instant s tar t  will 

include evaluation a t  lower values of engine inlet p re s su re s .  

In summary, the RLlO has  developed into one of our most reliable and flexible 

engine systems. Engine development has  advanced the state-of-the-art  in hydrogen 

engine technology and has  provided an  operational system a s  well a s  a functional test-bed 

for  experimental R&D investigations. 
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J -2  ENGINE 

P r i o r  r 1958, r e sea rch  by government agencies and the rocket engine 

industry had 1 feasibility of liquid hydrogen a s  a rocket engine fuel. Vehicle 

studies indicated an  engine utilizing liquid oxygen and liquid hydrogen a s  the propellants 

with a thrus t  level of 200,000 pounds would be required  for advanced space vehicles. 

Subsequently, the development program for  the J -2  engine was  initiated with Rocketdyne 

on September 1960. 

The J-2 engine (Figure  19) i s  a 200, 000-pound vacuum thrust ,  high-performance, 

mul t ip le- res tar t  engine utilizing liquid hydrogen and liquid oxygen a s  propellants and i s  

designed to  be used singularly o r  clustered.  Engine application i s  on the S-IVB stage of 

the Saturn IB and Saturn V vehicles, which i s  a single engine installation a s  shown in 

Figure 20. The engine i s  a lso  used in the S-I1 stage of the Saturn V vehicle, which i s  a 

five-engine cluster installation a s  shown in Figure 21.  

The J-2 features a single tubular-wall, regeneratively-cooled, bell-shaped thrus t  

chamber with an  expansion ratio of 27. 5 to 1 and two independently driven turbopumps; 

the fuel pump i s  a seven stage axial-flow machine and the oxygen pump i s  a more  conven- 

t i ~ n a l ~ c e n t r i f u g a l  machine. Both turbopumps a r e  powered ili s e r i e s  by a single gas 

generator,  which utilizes the same propellants a s  the thrust  chamber.  Multiple r e s t a r t  

capability i s  provided by rechargeable,  engine-mounted, hydrogen-start  tank and a spark- 

ignition system. Welded joints a r e  used to minimize leaks and to improve reliability. 

Dual sea ls  incorporating an intermediate bleed f rom the low-pressure side a r e  utilized 

a t  a l l  separable hot gas and propellant connections. A heat exchanger, located in the 

oxidizer turbopump turbine exhaust duct, provides for pressurization of the vehicle oxi- 

dizer tank. For  stage oxidizer tank pressurization,  liquid oxygen flows through the heat 

exchanger and is  expanded for the S-I1 stage and helium gas i s  expanded fo r  the S-IVB 

stage.  Gaseous hydrogen f rom the thrust  chamber fuel manifold i s  utilized for fuel tank 

pressurization.  Propellant utilization i s  accomplished by by-passing liquid oxygen f rom 

the discharge side of the oxidizer turbopump to the inlet side through a servomoter- 

driven valve. A J -2  engine schematic i s  shown in Figure 22. 

Significant program developments within the J -2  Engine P r o g r a m  a r e  shown in 

Figure 23. The f i rs t  engine system tes t  (2.57-seconds ignition t e s t )  was accomplished 

18 months af ter  the contract award. This was  a n  uncooled thrus t  chamber with turbo- 

pumps, driven f rom a gaseous hydrogen facility ra ther  than the gas generator.  Tlie f i r s t  

25 0-second duration tes t  was  accomplished in October 1962 with the f i rs t  550-second 

t e s t  being accomplished in November 1963. The course  of the J-2 development has  not 
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been without incidents. The f i r s t  engine tes ts  exhibited side loads when operating a t  sea 

level conditions. Since the gimbal actuators were  designed to take the normal  thrust  

load, some means had to be found to  contain these side loads. This was accomplished 

by modifying the tes t  stands with the addition of side load restraining a r m  to physically 

hold the engine during testing. 

Fuel-pump stall  was a development problem ear ly  in the program. The fuel 

pump flow enters the regenerative cooled jacket before entering the injector. As the 

fuel pump delivers the f i rs t  fuel to the (relatively) warm chamber, a considerablevolume 

of hydrogen gas i s  created.  This gas cannot pass  through the i n ~ e c t o r  a t  a r a t e  sufficient 

to keep up with the flow. The answer has  been to prechill the pump and chamber and to 

l imit  the temperature conditions under which a s t a r t  will be attempted. 

Another problem a rea  has been with the s t a r t  sequence involving the sequencing 

of the main LOX valve opening, allowing an  excess amount of LOX to be passed on to the 

gas generator.  This caused excessive temperature and p re s su re  spikes in the gas gener 

a tor .  The problem was correc ted  by changing the sequencing of the main LOX valve to  

a id  in regulating the flow of LOX to the gas generator.  This has a lso  helped to alleviate 

the  previously discussed fuel-pump stall  problem. 

At the present t ime, the R&D program has  progressed through the testing of a 

flight rating tes t  version of the J - 2  engine and fabrication and testing of the f i r s t  flight- 

type R&D systems. The pr imary elements of the continuing development program a re :  

1. Engine sys tem development 

2. Thrust  chamber and injector development 

3. Gas generator development 

4. Ignition sys tem development 

5. Gas and fuel turbopump development 

6. Controls development 

7 .  Inter-connect components development 

8. Ground support equipment development 

The Pre-Flight Rating Test  P rog ram consisted of one engine and was  completed 

November 1964, with an  accumulated total  of 16 tes ts  for 2, 350 seonds of mainstage 

duration. The engine assembly selected had satisfactorily completed acceptance testing 

pr ior  to  use  for the pre-flight rating tes t .  The tes t  objectives constituted a program 

which included: 

1. Safety l imits tes ts  

2. Malfunctions tes ts  
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3. Performance tes ts  

4. Oxidizer and fuel pump inlet-condition t e s t s  

The Pre-Fl ight  Rating Test P rog ram performance ratings a r e  200, 000 pounds, nominal 

thrust;  632 psia, nominal chamber p re s su re ;  and engine mixture ratio of 5 to 1 (oxidizer 

to fuel ra t io) ;  and 500 seconds, ra ted  duration. 

The Flight Rating Test  Engine P rog ram will consist  of one engine and i s  scheduled 

to  begin May 1965 and be completed June 1965, with an  accumulated total  of 30 t e s t s  for  

2, 750 seconds of mainstage duration. The engine assembly selected will have sa t i s -  

factori ly completed acceptance testing prior to  use  for'the flight rating test .  Flight 

rating tes t  objectives a r e  a s  follows: 

1. Safety l imits tes ts  

2. Malfunctions tes ts  

3. Performance tes ts  

4. R e s t a r t t e s t s  

5. NPSH demonstration 

The flight rating tes t  program performance ratings a r e  the s ame  a s  the pre-flight 

rating tes t  program, with the exception of specific impulse which i s  increased. 

The J -2  engine qualification program i s  scheduled to be completed December 31, 

1965. The qualification demonstration will have 3, 750 seconds of mainstage operation. 

Since the inception of the program in September 1960, a total of 999 single-engine t e s t s  

have been conducted for  a total  duration of 56,463 seconds. 
i 

Demonstration of the J - 2  engine a s  an  acceptable i tem for manned application i s  

being accomplished by a systematic tes t  program. As a par t  of this tes t  program, a 

major  emphasis i s  placed on l imits testing a s  a means of demonstrating reliability and 

confidence without a prohibitively large  tes t  sample. Limi ts  testing offers us  a judicious 

method of establishing confidence to meet the end goal of a successful flight and st i l l  

allows u s  the control of cost and development time. 

An analytical and experimental program to evaluate advanced component designs I 

and sys tems operating concepts, which a r e  applicable to the J -2  propulsion system, i s  

being conducted. Principal engine features which differ f rom the present J - 2  engine will 

be: 

1. Tapoff turbine drive with the attendant simplified control sys tem 

2. Catalytic thrust  chamber ignition 

3. Minimize chilldown requirements 

As pa r t  of the various studies to  increase  the payload capability of the Saturn 



vehicles, J -2  engine uprating has been investigated. These studies have shown that the 

engine can be uprated sufficiently to obtain appreciable payload gains.  

APOLLO SPACECRAFT ENGINES 

Engines discussed up to now a r e  used in the launch vehicle stages and a r e  designer 

to  perform only a portion of the mission requirement.  There a r e  a lso  three  main propul- 

sion systems contained within the spacecraft  portion of the vehicle. These a r e  the service 

module propulsion engine and the lunar excursion module (LEM) descent and ascent 

engines. There a r e  major  differences in the launch vehicle propulsion sys tems and in the  

spacecraft  propulsion sys tems.  These differences a r e ,  of course,  related to the particu- 

l a r  requirements,  mission and environments of the stage.  All three  of the spacecraft  

propulsion sys tems a r e  pressure-fed  bi-propellant systems, utilizing storeable hyper- 

golic propellants and have redundant control valves. The propellants used a r e  nitrogen 

tetroxide and a 50150-percent blend of unsymmetrical  dimethyl hydrazine and anhydrous 

hydrazine. 

SERVICE MODULE ENGINE 

The Apollo service  module engine i s  a pressure-fed  system which develops a 

nominal vacuum thrust  of 21, 900 pounds. The engine i s  utilized in severa l  operating 

modes and i s  capable of multiple s t a r t s  and a relatively long service  life. A single engine 

(Figure  24) i s  provided on the Apollo service  module. The engine (Figure  25) has  been 

under development since 1962 and i s  presently undergoing extensive altitude simulation 

testing.  

Various missions for  the service  module require  that the engine be utilized in 

four operating modes.  The sys tem normally provides the required  propulsion for mid- 

course  velocity corrections,  during the translunar and t ransear th  phases of the lunar 

mission and i s  employed to achieve lunar orbit injection and ejection. The sys tem i s  

a lso  utilized to achieve changes in the lunar orbit  plane. The present lunar mission con- 

cept does not requi re  a final re t rograde  maneuver f rom ear th  orbit  during the re turn  

t r ip ;  however, the sys tem supplies the necessary deceleration capability during r e t ro  - 

grade f rom the initial earth orbit  missions.  

In addition to the four main operating modes, the service  module engine can be 

utilized for two important emergency operating conditions. If a n  abor t  maneuver i s  r e -  

quired af ter  the solid propellant launch escape sys tem has been jettisoned, (jettisoning 

of the launch escape sys tem occurs  during second stage boost), then the service  module 

propulsion sys tem can be utilized to achieve separation f rom the launch vehicle. In 

addition, the service  module engine may be employed for recovery of a lunar excursion 

module which has  been disabled a f t e r  achieving lunar orbit, but pr ior  t o  accomplishing 

rendezvous with the command and service  modules. 

Development of the service module engine was begun in April 1962, by the 

Aerojet-General  Corporation. The engine i s  gimbal-mounted with a throat-mounted 

gimbal ring and utilizes an  ablative thrust  chamber with a removable radiation-cooled 

nozzle extension. Propellant valve redundancy i s  achieved by the use  of a ser ies-para l le l  

a r rangement  of fuel  and oxidizer valves. The valve configuration allows continued engine 

operation with any one se t  of linked fuel and oxidizer valves failed-closed and a l so  p re -  

vents unscheduled depletion of propellants with any one se t  of valves failed-open. A 

redundant electrically-operated flow control valve i s  installed in the oxidizer supply line 

to  provide a means of compensating for  variations in engine mixture ratio.  

Due to the high expansion ratio and low chamber pressure ,  complete 

engine sys tem testing must  be performed under simulated altitude conditions. At the t ime 

of this writing, the service  module engine was  undergoing pre-qualification testing at  

Arnold Engineering Development Center in Tullahoma, Tennessee. Testing to date in the 

pre-qua1 program has  been successful. These t e s t s  included gimbaling and mixture ratio 

shifts and durations up to 180 seconds. Extensive component, subscale, and fullscale 

engine testing has  been conducted to  get us  to the present pre-qua1 program. Some of 

the major  milestones in the program a r e  shown in Figures 26 and 27. The next few 

months should see  u s  through the qualification program and we will then be operating on 
/ 

a routine basis with engine acceptance and deliveries.  

DESCENT ENGINE 

The engine sys tem required for the lunar descent and landing maneuver has  to be 

capable of multiple s tar t s ,  variable thrus t  and thrust  vector control. The engine must 

provide the propulsion to decelerate f rom lunar orbit  for mid-course correction during 

descent to the lunar surface, descent thrusting and hover to landing. In addition, the 

engine i s  capable of placing the LEM (Figure 28) stage back into lunar orbit, if during 

a portion of the landing sequence, it i s  determined that it i s  unsafe to continue the landing 

mission.  

Development of the descent engine was  begun in June 1963, by the Space Technolrgy 

Laboratory.  The LEM descent engine i s  pressure-fed  and operates a t  a chamber pressure  

of 110 psia.  The expansion ratio i s  47 to 1 with ablative thrust  chamber and nozzle 



section out to an  expansion ratio of 16 to 1. The nozzle extension f rom the 16 to 1 out 

to the 47 to 1 a rea  ratio is  radiation-cqoled. The nozzle extension i s  flange-mounted to 

the thrust chamber (Figure 29), and designed to crush, should it contact the lunar sur-  

face upon landing. 

A schematic of the engine system i s  presented in Figure 30. Fuel and oxidizer 

a r e  introduced to the engine through flixible inlet lines located near the gimbalring a t  

the engine throat and then directly into the flow control valves. After flowing through 

the venturis, the propellants pass to a series-parallel  shut-off valve assembly and then 

to the variable a rea  injector. The shut-off valves a r e  fuel pressure-actuated. The fuel 

i s  introduced to the valve actuators through solenoid actuated pilot valves. The ser ies-  

parallel redundancy in the valve arrangement provides for positive s tar t  and cut-off. 

Throttling requirement for the LEM descent engine was probably the single most 

stringent requirement for the engine. To assu re  high performance and stable combustion 

of all  thrust settings, it was necessary to maintain uniform injector patterns over the 

entire range of propellant flow rates.  Initially, two parallel approaches were  undertaken 

to insure the success of the program. One approach employed the injection of an inert  

gas (helium) into the propellant manifolds to sustain propellant injection velocities. A 

second method uses a mechanically throttled engine which has a variable a rea  injector. 

Both approaches were tested and evaluated, and the mechanically throttled engine se-  

lected for development. 

The mechanical throttling scheme utilizes variable area ,  cavitating venturi flow- 

control valves in addition to the variable a rea  injector. This allows separate propellant 

flow control and propellant injection functions. Each function may then be optimized 

without compromising the other and insures that propellant flow rate\s a r e  made insensi- 

tive to downstream pressure  variations in the injector and combustion chamber. The 

variable a r e a  coaxial injector performs the meterine; function down to a 70-percent 

thrust level. At this point, cavitation commences in the valve throats, and the valve 

/ 1 then functions a s  a cavitating venturi. Once cavitation begins, the propellant metering 

function i s  removed from the injector. Flow is  then controlled entirely by the cavitating 1 venturi valves. The engine throttling capability extends over a 10 to 1 thrust range. 

The injector for the LEM descent engine i s  somewhat unique. It has  a movable 

sleeve; oxidizer flows through the center of the sleeve and is  sprayed into the chamber 

through ports whose a rea  increase with sleeve motion for maximum thrust and decrease 

for minimum thrust. The orifice for the fuel i s  an  annular opening between the sleeve 

(away from the injector tip), the fuel passages enlarge. This action permits increased 

propellant flow, while maintaining optimum velocity and impingement angles. The mov- 

able injector i s  linked directly to the metering pins of the venturi valves and this linkage 

i s  connected to a single actuator. Thrust i s  thus regulated by actuator movement through 

control of both the injector and the cavitating venturi. 

Some of the major milestone achievements a r e  shown in Figures 31 and 32. As 

i s  apparent, the program is  progressing a t  a fast  pace. The program plan calls for ex- 

tensive testing during the remainder of this year and in 1966 and qualification testing in 

mid 1966. The development i s  progressing reasonably well and no major difficulties a r e  

expected. 

LEM ASCENT ENGINE 

One of the most critical maneuvers in the complex lunar landing mission is  the 

lift off f rom the lunar surface and injection into lunar orbit. This i s  the one phase of the 

mission where there is  no back-up mode provided. The LEM ascent engine (Figure 33) 

is  required to provide the propulsive forces necessary to lift the LEM, l e s s  the landing 

stage, f rom the lunar surface to a lunar orbit and to provide the gross  orbit adjustments 

required fo r  rendezvous with the Apollo command and service modules. The required 

reliability of this engine system i s  considered to be the most significant of a l l  the Apollo 

engines. 

Development of LEM ascent engine was awarded to Bell Aerosystems Company. 

The LEM ascent propulsion system is  a pressure-fed constant thrust,  bi-propellant 

rocket engine with a res tar t  capability. The propellants a r e  NZ04 and - 50150-percent 

blend of N2H4 and UDMH, which a r e  the,same a s  those used for the service module and 

the descent engines. The engine is  not required to provide thrust vector control. The 

lack of complexity of the engine allows for a more inherently reliable design. The re la-  

tive simplicity of the control system and the design redundancy of the control valves 

further enhance the goal of achieving a highly reliable engine. 

Control of the propellant flow to the engine combustion chamber is  achieved by the 

valve package, t r i m  orifice and injector assemblies.  The valve package consists of a 

redundant series-parallel ball valve arrangement. The ball valves a r e  arranged in fuel/ 

oxidizer pai rs  a s  can be seen in Figure 34. Each pair i s  simultaneously opened and 

closed on a common crankshaft by an actuator that uses fuel a s  the actuating medium. 

The actuating fuel flow is  controlled through three-way solenoid valves. Failure of any 
- 

and injector face. This annular orifice i s  contoured so that a s  the sleeve moves upward 



one se t  of interlinked fuelloxidizer valves in either the open o r  closed position sti l l  allows 

for the safe completion of the mission. 

The t r i m  orifices a r e  provided to adjust the thkust level and mixture ratio of the 

engine by trimming out the p re s su re  drop of the propellant feed section. T h b  "fine 

tuning" i s  accomplished in static tes t  on each engine. 

The propellants a r e  supplied f rom the main inlet l ines and a r e  divided on both the 

oxidizer and fuel sides.  The flow is  then through the s e r i e s  valves, t r i m  orifices,  and 

then through the injector in the combustion chamber.  The injector i s  a fixed orifice 

design with the orifices ar ranged in a radial pattern on the injector face and dril led i n t r i -  

plets.  Near the outer periphery of the injector face, a doublet pattern i s  used. This helps 

to provide a temperature barr ier  near  the ablative chamber wall with a lower temperature,  

fuel r ich  combustion zone. 

The engine utilizes an  ablative thrust chamber and nozzle. The expansion ratio of 

45. 6 to 1 i s  designed for  an  operating chamber p re s su re  of 120 psia.  The relatively high 

expansion ratio and low chamber p re s su re  yield a large  engine for  the thrust which i s  

obtained. 

The development program on the LEM ascent engine i s  presently undergoing r e -  

design to  incorporate a baffled injector and increased burn time. Qualification i s  exps t ed  

to  begin March 1966. 
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